AD-Al 39  050 


UNCLASSIFIED 


PROCEEDINGS  OF  THE  WORKSHOP  ON  NULTIVARIABLE  CONTROL  1/ 

SVSTEHS  HELD  AT  MRIG.  .  <U>  AIR  FORCE  WRIGHT  AERONAUTICAL 
LABS  WRIGHT-PATTERSON  AFB  OH  H  A  NASI  ET  AL.  SEP  83 
AFWAL-TR-83-3093  FFG  1/3  NL 


AFWAL-TR-83-3098 

AD  A139050 

PROCEEDINGS  OF  THE  WORKSHOP  ON 
MULTIVARIABLE  CONTROL  SYSTEMS 


Michael  A.  Masi 
Daniel  E.  Russ 

Control  Systems  Development  Branch 
Flight  Dynamics  Laboratory 

September  1983 

Final  Report  -  March  1982  to  September  1983 

Approved  For  Public  Release;  Distribution  Unlimited 


FLIGHT  DYNAMICS  LABORATORY 
AIR  FORCE  WRIGHT  AERONAUTICAL  LABORATORIES 
AIR  FORCE  SYSTEMS  COMMAND 
WRIGHT-PATTERSON  AIR  FORCE  BASE  OH  45433 

O 

C-? 

UlI 


S4  0 3  <3  151 


NOTICE 


When  Government  drawings,  specifications,  or  other  data  are  used  for  any  purpose 
other  chan  in  connection  with  a  definitely  related  Government  procurement  operation 
the  United  States  Government  thereby  incurs  no  responsibility  nor  any  obligation 
whatsoever;  and  the  fact  that  the  government  may  have  formulated ,  furnished ,  or  in 
any  way  supplied  the  said  drawings ,  specifications ,  or  other  data,  is  not  to  be  re¬ 
garded  by  implication  or  otherwise  as  in  any  manner  licensing  the  holder  or  any 
other  person  or  corporation,  or  conveying  any  rights  or  permission  to  manufacture 
use,  or  sell  any  patented  invention  that  may  in  any  way  be  related  thereto. 


This  report  has  been  reviewed  by  the  Office  of  Public  Affairs  (ASD/PA)  and  is 
releasable  to  the  National  Technical  information  Service  (NTIS) .  At  NTIS ,  it  will 
be  available  to  the  general  public,  including  foreign  nations. 


This  technical  report  has  been  reviewed  and  is  approved  for  publication . 


DAVID  W.  POTTS,  Capt,  USAF 

Program  Manager 

Control  Techniques  Group 


EVARD  H.  FLINN,  Chief 

Control  Systems  Development  Branch 

Flight  Control  Division 


FOR  THE  COMMANDER 


A 


VgT**'*"*>-* 


JAMES  D.  LANG,  Col,  USJ 
Chief,  Flight  Control  division 
Flight  Dynamics  Laboratory 


"If  your  address  has  changed,  if  you  wish  to  be  removed  from  our  mailing  list,  or 
if  the  addressee  is  no  longer  employed  by  your  organization  please  notify  AFWAL/FIGL, 
W-PAFB,  OH  45433  to  help  us  maintain  a  current  mailing  list". 

Copies  of  this  report  should  not  be  returned  unless  return  is  required  by  security 
considerations ,  contractual  obligations ,  or  notice  or.  a  specific  document. 


14.1% 


DISCLAIMER  NOTICE 


THIS  DOCUMENT  IS  BEST  QUALITY 
PRACTICABLE.  THE  COPY  FURNISHED 
TO  DTIC  CONTAINED  A  SIGNIFICANT 
NUMBER  OF  PAGES  WHICH  DO  NOT 
REPRODUCE  LEGIBLY. 


SECURITY  CLASSIFICATION  of  This  PAGE  (When  Dete  Entered) 


REPORT  DOCUMENTATION  PAGE 


I.  REPORT  NUMBER 

AFWAL-TR-83-3093 


12.  GOVT  ACCESSION  NO. 


READ  INSTRUCTIONS 
BEFORE  COMPLETING  FORM 


3.  RECIPIENT'S  CATALOG  NUMBER 


4.  title  (mtd  Subuti •; 


Proceedings  of  the  Workshop  on  Multivariable 
Control  Systems 


5.  TYPE  OF  REPORT  4  PERIOO  COVERED 

Final  Report 

March  19 8 2- Sept ember  1983 

6.  PERFORMING  ORG.  REPORT  NUMBER 


7.  AuTHORf*; 

Michael  A.  Masi 
Daniel  E.  Russ 


s.  contract  or  grant  numberc*; 


9.  performing  organization  name  ano  address 

AFWAL/FIGL 

Wright-Pat ter son  Air  Force  Base  OH  45433 


10.  PROGRAM  ELEMENT.  PROJECT,  TASK 
AREA  4  WORK  UNIT  NUMBERS 


62201F/24030277 


II.  CONTROLLING  OFFICE  NAME  ANO  AOORESS 

AFWAL/FIGL 

Wright-Patterson  Air  Force  Base  OH  45433 


i 


12.  REPORT  DATE 

September  1983 


monitoring  AGENCY  NAME  4  AODRESSf/f  dill*  rant  tram  Controlllnt  Olli cm)  IS.  SECURITY  CLASS,  (ol  thti  report; 

Unclassified 


tSa.  OECLASSIFiCATION/ DOWNGRADING 

schedule 


•«.  DISTRIBUTION  STATEMENT  (al  ttti*  Report; 


Approved  for  Public  Release;  Distribution  Unlimited. 


17.  DISTRIBUTION  STATEMENT  (o /  (lie  ebetrmet  «nl«r«d  In  Block  20,  II  different  from  Report) 


IS-  KEY  WORDS  (Continue  on  reeeree  eide  it  nmceeemry 

Multivariable  Control  Laws 
Multivariable  Control  Theory 
Multivariable  Control  Systems 


l  identify  by  block  ntimber) 

Flight  Control  Systems 
Digital  Control  Systems 


f  neemeeery  end  identity  by  block  number) 


20.  ABSTRACT  (Continue  on  rereree  eide  It  neceeeery  end  identity  by  block  number) 

Proceedings  are  rebbrted  of  a  workshop  held  at  Wright-Patterson  Air  Force  Base 
on  3  December  19827°*  The  workshop  was  organized  and  conducted  by  the  Control 
Techniques  Group,  Flight  Control  Division,  Flight  Dynamics  Laboratory,  as  part 
of  an  ongoing  effort  in  flight  control  specif ication /criteria  development. 

The  workshop  focused  on  the  results  of  applying  multivariable  control  techniques 
to  the  development  of  flight  control  systems  for  present  day  aircraft. 


JAN  73  1473  edition  of  I  NOV  83  1$  OBSOLETE 


_ Unclassified _ 

SECURITY  CLASSIFICATION  of  This  PAGE  ("When  D»f»  Enfrtd) 


V 


SECURITY  CLASSIFICATION  0 r  this  RAQtfWTian  Data  Er:afad> 


'This  report  contains  condensed  versions  of  the  five  papers  presented  at  the  worl 
shop* as  well  as  some  general  conclusions. 

~~  r  -  ) 

/  I 

*  c 


Unclassified 


SECURITY  CLASSIFICATION  OF  this  PACEflFhen  Data  Enferatfl 


FOREWORD 


The  Proceedings  of  the  Workshop  on  Multivariable  Control  Systems 
represents  a  compilation  of  the  results  of  the  five  papers  presented.  The 
presenters,  M.S.  students  at  the  Air  Force  Institute  of  Technology,  School 
of  Engineering,  were  Mr  A.  Finley  Farfield,  Capt  Jon  Bauschlicher,  Capt 
Mike  Masi,  Lt  Tom  Lewis,  and  Lt  Dan  Russ.  The  papers  represent  a 
condensation  of  their  respective  M.S.  theses.  The  theses  topics  were 
sponsored  by  AFWAL/FIGL. 

The  workshop,  also  sponsored  by  AFWAL/FIGL,  and  coordinated  by  Mr  Duane 
Rubertus  and  Capt  Dave  Potts,  provided  a  useful  interchange  between  the 
presenters  and  representatives  of  industry  and  the  local  engineering 
community . 

Finally,  a  great  deal  of  interest  was  expressed  in  the  computer-aided-design 
package  MULTI.  The  MULTI  software.  User's  Manual,  and  Programmer's  Manual 
are  now  available  upon  request. 
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I .  INTRODUCTION 


The  advent  of  highly  augmented  flight  control  systems,  system  inte¬ 
gration  at  all  levels,  and  the  use  of  multiple  function  control  surfaces, 
has  led  to  the  extensive  requirement  for  multivariable  multi-input /multi¬ 
output  control  systems. 

The  need  for  alternative  multivariable  design  techniques  has  been 
documented.  The  present  control  law  design  methodologies  of  Linear  Ouadratic 
Regulator  (LOR) ,  eigenvalue/eigenvector  assignment,  and  classical  single 
inout/output  do  not  always  meet  the  handling  dualities  performance  and 
control  system  specifications,  i.e.,  phase  and  gain  margins  and  bandwidth, 
without  modification  to  cope  with  the  high  dynamic  uncertainties  of  an 
aircraft. 

Professor  Brian  Porter's  application  of  singular  perturbation  method  of 
asymptotic  eigenvalue  assignment  as  applied  to  control  systems  has  progressed 
from  modal  control  theory  through  complete  eigenstructure  assignment  to  the 
use  of  high  gain  feedback  to  the  use  of  output  feedback  for  error-actuated 
tracker  controllers  using  the  method  described  her-in  for  the  design  of 
several  multivariable  control  svstems. 

The  purpose  of  the  proceedings  is  to  related  the  results  of  the  five 
oapers  presented  at  the  workshop.  The  papers  investigate  the  applicability 
of  Professor  Porter's  multivariable  control  technique  to  aircraft  flight 
control  svstem  design.  This  multivariable  technique  can  be  used  for  the 


design  of  both  analog  and  digital  controllers. 

The  workshop  was  very  successful  with  the  presenters  providing  those 
attending  a  better  understanding  of  how  the  technique  can  be  applied  to 
real  world  plants,  the  simplicity  of  the  design  process,  and  the  relative 
merits  of  the  results  achieved. 

The  exchange  which  took  place  during  the  workshop  was  excellent  and 
brought  to  light  some  of  the  concerns  of  the  engineering  community  about 
the  possible  limitations  imposed  by  the  technique,  stability  considerations 
(i.e.,  phase  and  gain  margins),  and  the  accuracy  of  simulating  a  digital 
Implementation  (i.e.,  failure  to  model  time  delays).  These  issues  will  be 
addressed  in  on-going  application  studies. 

The  proceedings  provide  a  single  chapter  on  the  theory  developed  by 
Professor  Porter.  This  chapter  replaces  the  theory  chapters  which  appear 
in  each  of  the  individual  papers. 

The  conclusions  drawn  from  the  studies  are  then  presented.  The  appendices 
of  this  proceedings  are  edited  versions  of  the  original  papers  and  are 
condensed  as  much  as  possible,  without  deleting  important  information. 
Unedited  papers  may  be  obtained  through  NTIS. 


II  Multivariable  Digital  Control  Theory  Using  Singular  Perturbation  Methods 

The  control  laws  presented  in  each  of  the  papers  are  based  on  the  design 
techniques  developed  by  Professor  Brian  Porter  (Ref  1).  These  techniques 
utilize  singular  perturbation  methods  and  are  applicable  to  the  design  of 
both  analog  and  digital  controllers.  These  methods  are  applied  to  tracking 
systems  incorporating  high-gain  error-actuated  analog  and  fast-sampling 
error-actuated  digital  controllers. 

The  summary  of  the  design  technique  is  provided  on  the  following  pages; 
it  is  extracted  from  the  thesis  written  by  A.  Finley  Barfield.  Mr  Barfield's 
reference  6  is  the  same  as  the  above  Reference  1. 


Multivariable  Control  Law  Theory 


Overview 

The  designs  in  this  thesis  are  the  result  of  the 
application  of  control  law  methods  developed  by  Professor 
Brian  Porter  of  the  University  of  Salford,  England.  The  tech¬ 
niques  are  presented  in  Reference  6.  This  chapter  provides  a 
summary  of  the  techniques  used  in  the  design  of  high  per¬ 
formance  tracking  systems  for  aircraft  control.  It  also 
includes  a  discussion  of  important  facets  in  their  applica¬ 
tion.  The  theoretical  discussions  cover  the  discrete  case 
and  the  corresponding  continuous  design  equations.  This 
approach  is  taken  because,  although  the  designs  are  for  a 
digital  implementation,  the  insight  and  experience  with 
continuous  design  principles  can  be  used  effectively.  The 
methods  are  essentially  identical  for  continuous  and  discrete 
designs.  It  is  often  more  meaningful  to  consider  the 
s-plane  root  locations  and  migrations  as  opposed  to  z-plane 
analysis.  For  those  cases  where  the  continuous  methods  are 
employed,  it  should  be  kept  in  mind  that  sampling  effects 
and  discrete  time  delay  must  be  examined  prior  to  design 
acceptance . 

The  plant  to  be  controlled  is  described  by  first- 
order  linear  differential  equations  written  in  state-space 


format : 


x  *  Ax  +  Bu 


(3. 


y  =  Cx 


(3. 


where 

A  =  the  continuous- time  plant  matrix  (n  x  n) 

B  *  the  continuous-time  control  matrix  (n  x  m) 

C  *  the  continuous-time  output  matrix  (p  x  n) 

The  dimensions  are  defined  as  n  being  the  number  of  states, 
m  the  number  of  inputs,  and  p  the  number  of  outputs. 

The  A,  B  and  C  matrices  are  partitioned  to  yield 
the  following  equations: 
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Bg  is  a  square  matrix  with  a  row  and  column  size 
equal  to  the  number  of  inputs  in  the  vector  u.  C2  is  also 
square  with  the  number  of  rows  and  columns  equal  to  the 
number  of  outputs.  The  designation  of  "inputs"  for  the  air 
craft  model  usually  refers  to  the  control  surfaces,  such  as 
the  elevator  or  rudder,  available  to  command  changes  in  the 
aircraft  states.  However,  in  designs  where  the  A  matrix  is 
augmented  with  surface  actuator  states,  "inputs"  denote  the 


surface  actuator  input  commands.  Outputs  are  states  or 
combinations  of  states  of  the  aircraft  such  as  angle  of 
attack  or  pitch  rate. 


A  requirement  of  the  design  method  is  that  the  num¬ 
ber  of  inputs  must  equal  the  number  of  outputs,  thus  B2  and 
C2  have  the  same  row  and  column  dimensions.  A22  also  has 
the  same  dimensions.  Knowing  these  dimensions  allows  the 
system  matrices  to  be  easily  partitioned  as  shown  above. 

Two  design  methods  are  applicable  to  the  aircraft 
under  study  using  the  regular  and  irregular  designs.  The 
design  method  used  is  determined  by  the  type  of  plant  being 
considered. 

Regular  Versus  Irregular  Design 

To  be  considered  as  a  "regular"  plant,  the  matrix 
representing  the  first  Markov  parameter,  [CB] ,  must  have  rank 
equal  to  the  number  of  outputs.  Since  C  is  of  order 
(p  x  n),  and  B  is  of  order  (n  x  m)  with  p=m,  [CB]  is  a 
square  matrix  and  must  have  full  rank  to  fulfill  the  require¬ 
ment  of  a  regular  plant.  The  gain  matrix  for  feedback  con¬ 
trol  is  formed  using  the  inverse  of  [CB] .  This  cannot  be 
accomplished  without  full  rank. 

Plants  in  which  the  first  Markov  parameter,  [CB] , 
is  rank  deficient  are  designated  as  "irregular."  To  allow 
the  design  to  be  accomplished,  an  F  matrix  is  formed  as 
shown  and  used  in  place  of  the  C  matrix: 


—2  3 


(3.5 


where 


F1  -  [  Cx  +  MAX1  ] 


f2  -  I  c2  +  ma12  ] 


(3.6) 


(3.7) 


The  elements  of  the  measurements  matrix  M  are  selected  to 
obtain  a  matrix  [FB]  having  full  rank  and  thus  being 
invert able. 

The  control  law  is  a  proportional  plus  integral  out¬ 
put  feedback  law  expressed  as: 


u(kT)  =  (l/T)(K0e(kT)  +  K-jzCkT)] 


(3.8) 


where 


1/T  is  the  sampling  frequency 

K«  is  the  proportional  gain  matrix  for  the  error 
signal  e(kT) 

K.,  is  the  gain  matrix  for  the  backward  difference  of 
the  error  signal,  which  is  designated  as  z(kT). 


For  the  continuous  case,  the  law  is  expressed  as 


u  *  g( K^e  +  K^/e  dt) 


(3.9) 


where 


g  is  the  forward  path  gain 

Kq  is  the  proportional  gain  for  the  error  signal 
K-  is  the  gain  for  the  integral  of  the  error  signal 


A  block  diagram  of  the  system  with  this  control 


law  is  presented  in  Figures  8  and  9  for  both  the  continuous 
and  discrete  cases.  The  portion  in  broken  lines  is  present 
only  for  irregular  designs. 

The  gain  factor  in  the  figure  is  the  sampling  fre¬ 
quency  (1/T)  for  the  discrete  system  or  a  gain  constant  (g) 
for  the  continuous  system.  For  the  regular  design  the 
error  vector  e  is  expressed  as  e  ■  v  -  £  .  Each  command 
in  the  v  vector  is  summed  with  its  corresponding  output 
element  in  the  £  vector  and  is  the  input  for  the  proportional 
plus  integral  gain  paths.  Thus,  there  exists  a  bank  of 
integrators,  one  for  each  error  signal  developed.  These 
integrators  insure  that  the  error  signals  are  always  driven 
to  zero,  resulting  in  the  final  value  of  the  output  equaling 
the  input  for  step  type  commands. 

In  the  irregular  design  the  e  vector  is  defined  by 

e  =  v  -  w  (3.10) 


where 


w  =  £  +  Mx  (3.11) 

These  outputs  w  are  developed  with  the  measurement  matrix  M 
and  the  derivatives  x  of  the  system  states.  Again  for  step 
inputs,  the  error  signal  is  driven  to  zero.  Rates  of  the 
system  states  also  go  to  zero  and,  as  before,  the  resulting 
output  equals  the  commanded  input . 


At  this  point,  the  question  of  "do  the  state  deriva¬ 
tives  always  go  to  zero  as  desired"  must  be  asked.  The 
answer  is  a  qualified  yes.  For  step  commands  to  the  system 
in  which  the  outputs  are  states  or  linear  combinations  of 
states,  the  derivatives  go  to  zero  with  one  exception. 

This  is  precisely  the  reason  for  the  large  effort  in  this 
study  developing  state  representation  for  quantities  that 
are  to  be  commanded.  By  establishing  acceleration  and 
pitch  rate  as  system  states,  these  quantities  can  be  com¬ 
manded,  and  for  step  inputs,  the  derivatives  of  the  quanti¬ 
ties  go  to  zero  in  steady  state.  The  exception  concerns  the 
situation  in  which  one  of  the  state  derivatives  is  set  equal 
to  a  state  that  is  to  be  controlled.  If  the  state  is  com¬ 
manded  to  a  constant  value,  the  derivative  reaches  this 
constant  value  in  the  steady  state.  For  example,  consider 
a  longitudinal  design  where,  due  to  simplifying  assumptions, 
the  rate  of  change  of  pitch  angle  9  is  set  equal  to  body 
axis  pitch  rate  q.  It  is  assumed  that  q  is  a  state  of  the 
system  as  well  as  an  output.  If  it  is  desired  to  command 
a  step  in  q,  the  state  derivative  9  will  eventually  reach 
a  constant  value.  This  situation  is  one  in  which  the  system 
has  a  transmission  zero  at  the  origin.  The  significance  of 
transmission  zeros  is  discussed  later  in  this  chapter.  For 
the  time  being,  it  is  asserted  that  this  situation  provides 


an  acceptable  design  if  the  measurement  matrix  elements  are 
chosen  so  the  system  does  not  feed  back  the  9  state  derivat  ive , 


15 


Output  Feedback  and  the  M  Matrix 

One  of  the  major  advantages  of  this  design  method 
is  that  it  uses  output  feedback.  Thus,  all  the  states  of 
the  system  are  not  required  to  be  fed  back  for  the  design. 

The  outputs  are  usually  quantities  of  interest  that  are 
easily  measured  by  existing  sensors.  Unfortunately,  a 
measurement  matrix  is  needed  for  all  but  the  simplest  design 
cases  encountered.  A  number  of  points  must  be  considered 
in  selecting  this  measurement  matrix  as  discussed  later  in 
this  chapter.  One  such  point  relates  to  output  feedback  and 
is  examined  at  this  time. 

It  is  important  to  select  matrix  elements  that  cause 
state  derivatives  to  be  fed  back  which  can  be  either  measured 
or  derived  from  existing  measurements.  If  this  cannot  be 
accomplished,  the  alternative  is  to  form  the  derivative 
according  to  the  state  equation.  In  general,  most  of  the 
derivative  state  equations  involve  combinations  of  essen¬ 
tially  all  the  system  states.  Thus,  to  develop  the  proper 
state  derivative,  full-state  or  essentially  full-state  feed¬ 
back  is  needed.  This  eliminates  the  tremendous  advantage  of 
output  feedback  and  is  avoided  for  design  applications  in 
this  report.  For  the  designs  considered  here,  elements  in 
the  measurement  matrix  are  selected  to  result  in  rotational 
accelerations  being  used  as  the  rate  derivative  signals  to 
be  fed  back.  These  signals  are  available  from  an  inertial 
measurement  system;  however,  such  an  approach  for  obtaining 


rotational  acceleration  is  not  recommended  due  to  reliability 
considerations.  The  technique  selected  for  this  study  is  as 
follows:  considering  the  longitudinal  case,  q  is  selected 

as  the  derivative  to  be  fed  back  as  thown  in  Chapter  IV. 
Equation  (2.48)  from  Chapter  II  is  repeated  below: 

An  "  An  +  (V<i  (2 .48) 

P  eg 

The  acceleration  at  the  pilot  station,  Aq  ,  is 

P 

sensed  by  flight  control  accelerometers.  Acceleration  at 

the  center  of  gravity,  A  ,  can  also  be  sensed  by  another 

eg 

set  of  flight  control  accelerometers.  Using  the  above 
expression,  a  reasonably  good  approximation  of  q  can  be 
developed  for  use  in  the  system.  This  same  technique  is  used 
in  the  lateral-directional  design. 

Movement  of  the  CG  during  flight  introduces  errors 
into  the  results.  The  CG  variation  in  the  x-body  axis  is 
approximately  one  percent  of  the  MAC  or  1.1  feet.  Another 
source  of  error  exists  in  the  simplification  used  to 
develop  Equation  (2.48).  Roll  rate  can  be  relatively  large 
on  the  aircraft  and  may  have  to  be  considered  in  developing 
an  expression  for  q  using  Equation  (2.31).  Time  was  not 
available  in  this  study  to  evaluate  the  effects  of  such 


errors . 


where 

£(A)  is  the  "slow"  transfer  function  matrix  and 
f(A)  is  the  "fast"  transfer  function  matrix. 

The  poles  of  these  transfer  functions  fall  into  three 
groups  designated  Z^,  Z2,  and  Zg.  The  slow  modes  correspond 
to  poles  contained  in  Z1  and  Zg.  As  gain  factor  increases 
towards  infinity,  the  poles  of  Z1  become  uncontrollable  and 
the  poles  of  Z2  become  unobservable.  As  this  happens,  the 
system  response  is  increasingly  dominated  by  the  fast  modes 
which  correspond  to  the  poles  Zg.  Expressions  for  the 
asymptotic  modes  are  given  in  Table  2. 

As  the  gain  factor  is  increased,  tracking  of  the 
system's  output  to  input  commands  becomes  increasingly 
"tight."  Reference  6  shows  that  with  only  moderate  increases 
in  gain  factor,  the  output  resembles  an  extremely  fast  first- 
order  response.  Although  the  dominant  finite  (fast)  roots 
can  be  made  complex,  much  of  the  experience  to  date  has  been 
with  real  roots. 

The  gain  Kq  is  chosen  such  that 

CBKq  =  diagonal  {  a2 ,  ...  an  }  (3.13) 


Equation  (3.13)  is  used  to  calculate  the  proportional  gain 
matrix  Kq.  The  elements  of  the  £  matrix,  which  is  selected 
as  a  diagonal  matrix,  are  chosen  by  the  designer.  These 
values  determine  the  respective  gains  or  the  weighting  of 
each  error  signal  on  the  control  surface  or  the  system 
input  being  commanded  by  the  control  law. 

Kq  »  [CB]-1I  (3.14) 

The  integral  gain  matrix  is  often  determined  by  a  scalar 
multiplication  of  the  Kq  matrix. 

Kx  =  cKq  (3.15) 

The  system  transfer  function  G(s)  approaches  a 
diagonal  asymptotic  form  of  increasingly  noninteracting 
control.  Thus,  the  output  responses  become  decoupled  as  gain 
increases.  The  asymptotic  closed-loop  transfer  function  of 
the  digital  system  has  the  form: 

I(X)  =  diagonal  {  •••  irfe-  >  <3'16> 

For  the  continuous  system,  the  asymptotic  transfer  function 
has  the  form: 

80 1  go 

T(A)  =  diagonal  {  X+go2'  A+gon  }  (3.17) 

For  the  irregular  plant,  the  above  equations  are 
applied  by  replacing  the  C  matrix  with  an  F  matrix.  The 
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component  is  replaced  by  F^  and  C2  is  replaced  by  F2  as 
calculated  in  Equations  (3.6)  and  (3.7). 

In  the  equations  in  Table  2  ,  the  gain  values  Kq 
and  are  the  same  as  those  developed  from  the  equations 
that  are  not  in  zero-B2  form.  This  is  because 

[CB]  =  [C2B2]  or  [FB]  *  tZ2— 2 1  (3.18) 

The  asymptotic  closed-loop  system  roots  can  be  cal¬ 
culated  from  the  equations  in  Table  2  and  are  composed  of 
the  sets  Z^,  Z2  and  Z^.  In  the  limit  as  gain  approaches 
infinity,  the  following  rules  can  be  used  to  estimate  root 
locations  in  the  s-plane. 

The  Z^  finite  roots  are  m  in  number  and  equal  to  the 
ratio  of  integral  to  proportional  gain  values.  The  Z2 
finite  roots  are  n-m  in  number  and  located  at  transmission 
zero  locations. 

The  Z3  infinite  roots  are  m  in  number  and  for  the 
continuous  case  they  are  located  at  a  position  on  the  real 
axis  equal  to  -gc^  where  g  is  the  gain  factor  and  ck  is  the 
respective  weighting  element  selected  by  the  designer  in 
the  Z  matrix.  For  the  discrete  case  the  roots  are  located 
at  l-ai  and  are  located  near  the  origin. 

Transmission  Zeros 

Transmission  zeros  are  considered  as  regions  in 
either  the  s-plane  or  the  z-plane.  These  regions  are  asymp¬ 
totic  locations  for  certain  finite  or  slow  roots  of  the 
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system.  Output  feedback  does  not  alter  the  location  of 
transmission  zeros  (Ref  8).  Such  locations  may  coincide 
with  conventional  single  input/single  output  transfer  func¬ 
tion  zeros,  or  they  may  simply  be  regions  in  the  plane  that 
attract  finite  poles.  Since  the  basic  system  transmission 
zeros  cannot  be  altered  by  the  controller  design  and  since 
infinite  gain  cannot  be  used,  the  location  of  roots  migrating 
towards  these  zeros  does  produce  an  effect  on  the  system 
response . 

Designing  for  a  system  with  an  unstable  transmission 
zero  is  possible,  but  it  means  an  upper  stability  limit 
must  be  established.  Operation  is  possible  only  below  that 
limit.  Increasing  gain  eventually  results  in  a  pole  migrat¬ 
ing  to  the  unstable  location. 

Using  the  zero-B2  form,  transmission  zeros  can  be 
calculated  from  the  equation  in  Table  2  where  =  Z2- 
Although  they  cannot  be  altered  by  output  feedback,  trans¬ 
mission  zeros  can  be  changed  in  two  ways.  First,  should  the 
location  of  transmission  zeros  of  the  system  be  unacceptable, 
it  is  sometimes  possible  to  select  another  C  matrix  that  is 
acceptable  for  the  design  and  yields  different  zero  loca¬ 
tions.  Second,  the  measurement  matrix  modifies  the  trans¬ 
mission  zeros,  and  it  may  be  possible  to  alter  the  matrix 
elements  to  give  both  acceptable  performance  and  acceptable 
transmission  zero  location. 
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Measurement  Matrix  Elements 


Some  guidelines  are  available  for  the  selection  of 
the  measurement  matrix.  Reference  9  presents  a  systematic 
approach  to  their  selection  for  optimum  decoupling.  In 
addition,  the  following  suggestions  are  offered: 

1.  make  the  measurement  matrix  as  sparse  as  possible 
adding  only  enough  non-zero  elements  to  yield  an  F  matrix 
and  an  [FB]  matrix  of  full  rank; 

2.  select  values  for  the  non-zero  elements  that 
give  acceptable  transmission  zeros.  In  most  cases,  the 
values  of  the  measurement  elements  result  in  transmission 
zero  locations  that  are  equal  to  the  reciprocal  of  the 
element  value.  However,  cases  are  encountered  in  this  design 
effort  in  which  this  rule  does  not  hold.  This  usually 
occurs  when  more  than  the  minimum  number  of  elements  is 
specified.  In  these  cases,  the  macro  program  in  Appendix  E 
proved  to  be  a  necessity  in  selecting  proper  elements;  and 

3.  select  the  location  of  the  non-zero  elements  to 
use  a  state  derivative  that  can  be  easily  obtained  and  is 
zero  for  steady-state  step  commands  as  discussed  previously. 


Closed-Loop  Roots 

The  design  technique  does  not  guarantee  stability  of 
the  system  unless  it  has  stable  transmission  zeros  and 
infinite  gain.  Even  with  stable  transmission  zeros,  the 
root  migrations  can  cross  into  the  unstable  region  as  the 
gain  increases,  and  then  return  to  the  stable  transmission 
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zero.  With  the  desire  to  develop  a  system  with  only  enough 
gain  to  do  the  job  and  being  unfamiliar  with  the  effects  of 
design  parameter  variations  on  the  system,  it  is  desirable 
to  be  able  to  evaluate  the  closed-loop  system  roots  for  each 
design . 

The  equations  for  computing  closed-loop  roots  are 
presented  below.  They  are  given  for  both  the  zero-B2  and 
non-zero-Bg  formats.  The  zero-B2  format  solution  is  mech¬ 
anized  using  macro  programming  of  TOTAL.  A  listing  of  the 
program  and  instructions  for  its  use  are  given  in  Appendix  F. 

Partitioning  of  the  A  and  B  system  matrices  is 
accomplished  as  before  to  yield  B2  and  A22  of  order  (m  x  m), 
where  m  is  the  number  of  inputs. 
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-1  =  -11^1  +  A 12-2  +  -lH 


—2  *  -21-2  +  -22-2  +  -2- 


1  -  +  —2—2 

e  =  v  -  £  and  u  =  gK~e  +  gK^/edt 


(3.19) 

(3.20) 

(3.21) 
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let  z 

then 


■  e  and  z  ■  / edt 

z  =  v  -  £  (3.24) 

z  *  -C1x1  -  CgXg  +  X  (3.25) 

H  +  gKxz  -  g^C-C^  -  £.2—2  + 

+  g^z  (3.26) 

u  *  -gKQC^  -  g^o^2— 2  +  SKqV  +  gK2z  (3.27) 

il  "  AniSl  +  ^12—2  "  —  lgi^c£l— 1  “  ®lg^0^2^2 

+  BigKQV  +  B1gK1z  (3.28) 

*1  *  ~  +  CA12  “  BigK^)^ 

.  +  C^gKQ  )  v  +  (  BjgKj. )  z  (3.29) 

^2  *  —21—1  +  -22-2  ~  — 2g-0^1— 1  ~  0^2— 2 

+  B2gKQV  +  Bgg^z  (3.30) 

^2  =  ^—21  "  — 2g^0— 1  1  +  ^-22  “  — 2g^0^2  ^—2 

+  CB2gKQ)v  +  (BggK^z  (3.31) 

Writing  Equations  (3.25),  (3.29)  and  (3.31)  in 


matrix  notation  provides  the  description  of  the  closed-loop 
system  where  v  is  the  input  command  vector  to  the  control 
system. 


*1  ■  An“§i^So£i  Ai2“Mi^0?2  +  -l®2o  - 

*2  ^2^1  ^21~l2^o£l  ^22“-2^0^2  ^2  -2^0 

(3.32) 

Note  that  z  is  a  vector  of  dimension  (number  of  inputs)  x  1. 
For  irregular  designs  replace  and  Cg  with  F^  and  F2, 
respectively . 

Some  caution  should  be  exercised  in  using  these 
closed- loop  equations.  For  the  digital  system,  the  control 
is  piecewise  continuous  between  samples  and  thus,  by  letting 
1/T  =  g  ,  these  equations  can  be  used  to  evaluate  stability 
in  a  general  sense.  However,  the  effects  of  sampling  such 
as  quantization  and  zero  order  hold  are  not  considered. 

Also,  in  any  system  using  a  real  digital  machine,  such  things 
as  the  computational  time  delay,  harmonics  generated  by 
sampling,  and  the  apparent  rate  limiting  due  to  maximum 
sampling  speed  can  cause  instabilities.  These  effects  are 
not  considered  in  these  equations.  Nevertheless,  the  compu¬ 
tation  of  the  closed-loop  roots  provides  an  understanding  of 
the  effects  of  design  changes  on  the  system  and  can  be  the 
basis  for  realistic  stability  checks. 

MULTI  Computer-Aided  Design 

The  MULTI  program  was  created  by  previous  AFIT 
thesis  research  (Ref  10)  and  allows  real-time  computer-aided 
designs  to  be  accomplished  with  the  control  law  theories 
presented  in  this  chapter.  A  users'  guide  is  presented  in 


Reference  10.  This  design  effort  would  have  been  impractical 
without  such  a  package,  along  with  the  TOTAL  program. 
Iterations  and  refinements  are  necessary  as  the  design 
progresses.  Time  response  data  provide  the  basis  for 
design  decisions.  The  program  allows  on-line  design  changes 
and  provides  response  plots  to  defined  command  inputs. 

There  are  several  differences  between  the  MULTI 
program  computations  and  the  theoretical  equations  presented 
in  this  chapter  which  must  be  pointed  out. 

In  the  computation  of  the  gain  matrices,  a  number  of 
flexibilities  are  provided.  The  actual  MULTI  computations 
are  shown  below. 

For  the  regular  design  case: 

So  *  «  E  ‘^r1!  (3.33) 

-  e  [CB]_1E  (3.34) 

Both  a  and  e  are  scalars,  and  ci  is  used  to  set  the  ratio 
of  proportional  to  integral  gain.  Unfortunately,  it  is 
the  inverse  of  the  usual  method  of  varying  this  relation¬ 
ship.  e  is  a  scalar  that  can  be  used  to  change  all  the 
gain  elements  by  any  desired  amount.  For  the  digital  design 
case,  this  proves  useful  for  cases  where  the  sampling  fre¬ 
quency  has  been  fixed  by  other  design  considerations. 

The  system  response  can  be  altered  by  increasing  e,  result¬ 
ing  in  the  same  effect  as  increasing  1/T. 


For  the  irregular  design: 


So  -  3  e  tFjjBjjJ'1! 

(3 

Si  "  =  tFjBjj]*1! 

C3 

It  should  be  noted  that  the  IFB]  matrix  must  be  used  for 
the  calculations  if  B  is  not  in  r°i  form. 


Ill  CONCLUSIONS 


Based  on  the  work  done  bv  five  presenters,  the  following  general 
conclusions  are  drawn: 

1.  The  design  of  multivariable  control  laws  is  a  relatively  simple, 
straight-forward  process;  a  basic  understanding  of  the  theory  and  some 
experience  in  applying  the  design  procedures  outlined  in  the  papers  is  all 
that  is  required. 

2.  The  results  obtained  in  the  five  papers  showed  promise  that  the 
techniques  can  be  used  to  obtain  multivariable  control  laws  for  aircraft 
flight  control  systems. 

3.  The  software  package  MULTI  is  an  extremely  useful  design  tool  In 
obtaining  control  laws  for  a  given  plant.  The  capability  of  using  MULTI 
interactively  provides  the  engineer  with  the  opoortunity  to  design  control 
laws  quickly  and  to  obtain  a  "feel"  for  how  the  adjustable  parameters 
affect  performance. 

4.  The  method  can  be  applied  to  both  large  I’C-^lA'l  and  small  (F-lfi, 
A-7)  aircraft  with  positive  results. 

5.  The  design  technique  of  Professor  Porter  yields  controllers  which 
are  "robust"  over  a  wide  range  of  flight  conditions  and  maneuvers.  This  is 
important  since  it  mav  eliminate  some  gain  scheduling  and  the  associated 
memory  that  is  required.  In  addition,  the  technique  also  yields  control 
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Preface 


Emphasis  in  this  thesis  is  on  the  development  of  a 
preliminary  design  for  a  flight  control  system  using  recently 
evolved  multivariable  techniques  and  considering  real  world 
constraints.  Such  an  approach  is  important  because  of  con¬ 
cerns  that  exist  in  the  engineering  community  about  the 
application  of  modern  control  system  designs  with  high  gains 
and  wide  bandwidths. 

The  AFTI  vehicle  is  chosen  because  of  my  experience 
with  the  control  law  development  and  knowledge  of  the 
implementation  constraints.  I  would  like  to  thank  Mr.  Jim 
Ramage,  Chief  Engineer  for  the  AFTI/F-16  ADPO,  for  sponsor¬ 
ing  this  effort  along  with  the  ADPO  Engineers  for  providing 
assistance  and  guidance  during  the  study. 

The  theoretical  background  is  based  on  techniques 
developed  by  Professor  Brian  Porter  from  the  University  of 
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AFIT/GE/EE/83S-4 


Abstract 


Recently  evolved  multivariable  design  techniques 
are  used  to  develop  control  laws  for  the  AFTI/F-16.  The 
techniques  were  developed  by  Professor  Brian  Porter  of  the 
University  of  Salford,  England  In  the  study,  designs  are 
investigated  to  provide  pilot  control  of  vehicle  rotational 
rates  and  accelerations.  This  line  of  inquiry  is  in  con¬ 
trast  to  the  angle  control  concepts  required  in  previous 
applications  of  these  new  techniques.  A  computer-aided 
design  package  called  "MULTI"  is  used  in  refining  the  con¬ 
trol  laws  to  the  preliminary  design  stage.  It  proves  to  be 
invaluable. 

An  aircraft  model  is  developed  in  state  space  form 
for  the  AFTI  vehicle  from  linearized  aerodynamic  data.  This 
is  accomplished  at  several  points  in  the  flight  envelope. 
After  validation,  these  models  are  used  for  the  design  and 
evaluation  of  the  control  laws. 

AFTI  is  equipped  with  additional  control  surfaces  to 
provide  Direct  Force  (.CCV)  control.  A  requirement  of  the 
design  is  to  demonstrate  specific  CCV  capabilities.  Major 
emphasis  is  placed  on  the  ability  to  properly  blend  CCV  and 
conventional  control  capabilities  for  combat  maneuvering. 

The  methods  employed  to  obtain  a  design  are  presented 
along  with  the  evaluations  of  the  final  control  laws. 


Several  instabilities  encountered  during  the  investigation 
are  discussed.  The  multivariable  techniques  are  shown  to 
provide  good  designs  with  a  very  moderate  expenditure  of 
manpower.  Additional  areas  of  research  are  discussed  along 
with  proposed  modifications  to  the  "MULTI"  package. 


MULTIVARIABLE  CONTROL  LAWS  FOR 


THE  AFT I /F- 16 


I.  Introduction 


Background 

The  advent  of  digital  fly-by-wire  control  on  advanced 
high  performance  aircraft  has  provided  the  pilot  with  control 
over  pertinent  motion  variables.  A  stick  input  no  longer 
simply  commands  a  control  surface  deflection.  The  pilot’s 
task  is  not  restricted  by  the  basic  aerodynamic  characteris¬ 
tics  of  the  vehicle.  The  designer  has  the  ability  to  develop 
a  system  which  allows  the  pilot  to  command  the  type  of  air¬ 
craft  response  that  has  been  found  to  be  most  useful.  Such 
developments  have  opened  the  door  to  tailoring  the  control 
system  for  accomplishing  specific  mission  phases  with  the 
promise  of  significant  performance  improvements.  For  a  num¬ 
ber  of  years,  control  theory  has  been  applied  to  the  design 
of  limited  authority  augmentation  systems  to  improve  an  air¬ 
craft’s  inherent  short  period  and  dutch  roll  damping  through¬ 
out  the  flight  envelope.  Also,  it  has  been  employed  in  the 
design  of  autopilots  to  perform  functions  such  as  altitude 
hold,  Mach  hold,  or  heading  hold  and  in  the  development  of 
automatic  landing  systems.  In  the  1960  time  period,  flight 
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testing  on  the  TWeaD  F-4  program  demonstrated  active  control 
could  improve  the  ability  of  the  pilot  to  use  the  aircraft 
as  a  weapons  platform  (Ref  1). 

Recent  emphasis  has  been  on  the  incorporation  of 
control  concepts  early  in  the  aircraft  design  cycle  to  im¬ 
prove  flight  performance.  The  aerodynamic  design  is  no 
longer  restricted  by  requirements  to  provide  natural  damping 
and  stability.  In  the  case  of  statically  unstable  aircraft, 
the  control  system  provides  complete  artificial  stability 
and  acceptable  flying  qualities. 

The  use  of  fly-by-wire  requires  the  "electrical 
flight  control  system"  to  be  as  reliable  and  endurable  as  the 
mechanical  system  it  replaces.  This  establishes  rather 
severe  requirements  for  the  system,  since  flight  safety  is  a 
paramount  issue.  The  flight  control  system  has  to  be  designed 
to  operate  after  several  failures.  In  some  cases  this 
results  in  the  use  of  four  identical  (redundant)  channels 
within  the  flight  control  system  so  that  monitoring  and 
majority  voting  can  identify  and  isolate  failures.  The 
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required  reliability  is  in  the  order  of  1x10  failures  per 
flight  hour.  Thus,  only  one  failure  is  permitted  for  every 
10  million  flight  hours  (Ref  2). 

Such  stringent  requirements  result  in  the  philosophy 
of  having  very  few  signal  sources  external  to  the  system. 
Aircraft  motion  sensors  used  by  the  flight  control  system, 
although  not  possessing  great  accuracy,  are  extremely 


reliable.  Linear  Variable  Differential  Transformers  (LVDT) 
which  are  magnetically  coupled  are  used  as  position  sensors. 
Potentiometers  are  avoided  because  of  their  high  failure 
rates  and  tendency  to  generate  noisy  signals. 

This  type  of  reliability  is  not  necessary  for  other 
avionics  systems  or  for  limited  authority  outer-loop  control 
functions  such  as  autopilots.  In  these  cases  a  failure  is 
easily  detected  by  the  pilot  and  corrective  action  taken  to 
counter  the  failure  until  the  system  can  be  removed  from 
operation.  This  is  not  practical  for  full  authority  fly-by¬ 
wire  systems.  Because  of  their  high  authority  and  fast 
response,  failures  can  result  in  aircraft  loss. 

Recent  developments  in  Direct  Force  capabilities  have 
provided  the  pilot  with  an  additional  dimension  in  maneuver¬ 
ing  response  resulting  in  a  "new  way  to  fly"  (Ref  3).  The 
proper  application  of  these  new  Control  Configured  Vehicle 
(CCV)  abilities  to  enhance  combat  effectiveness  has  been  the 
subject  of  several  research  programs  (Ref  4;  5). 

Control  design  has  been  complicated  by  these  new 
abilities.  The  designer  is  now  faced  with  multiple  input/ 
output  systems  and  an  ever  increasing  number  of  feedback 
loops.  Although  classical  methods  can  provide  a  means  of 
design,  application  of  these  methods  is  becoming  more  and 
more  time-consuming.  Many  iterations  are  required,  as  each 
new  loop  is  closed,  to  satisfy  the  many  varied  and  sometimes 
conflicting  requirements. 


The  CCV  YF-16  program  carried  such  a  classical  design 
through  flight  testing  with  exceptionally  good  results. 
Attempts  to  design  with  modern  control  techniques  have  given 
less  impressive  results.  This  is  unfortunate  since  these 
methods  offer  the  potential  of  improved  performance  with  a 
reduction  in  the  design  complexity.  Requirements  such  as  use 
of  full  state  feedback,  definition  of  a  proper  performance 
index,  or  selection  of  desired  eigenvectors  leave  much  to 
be  desired  in  the  currently  available  modern  control  tech¬ 
niques  . 

Recent  theoretical  work  by  Professor  Brian  Porter  at 
the  University  of  Salford,  England,  on  high-gain  error 
actuated  methods  has  shown  promise  of  enabling  the  design  of 
exceptionally  good  performing  systems  without  many  of  the 
drawbacks  of  current  modern  control  methods.  The  theory  of 
Professor  Porter's  work  is  presented  in  Chapter  III  and  can 
also  be  found  in  Reference  6. 

The  problem  undertaken  in  this  thesis  research  is  the 
development  of  an  air-to-air  combat  control  system  for  the 
AFTI/F-16  aircraft.  Emphasis  is  placed  on  considerations 
for  a  practical  implementation.  The  design  is  accomplished 
at  several  points  in  the  flight  envelope  as  shown  in  Figure  1 
The  point  at  0.9  Mach  and  20,000  feet  is  the  primary  design 
case.  This  is  the  condition  where  aerial  combat  generally 
begins.  The  other  points  are  chosen  to  give  a  good  varia¬ 
tion  in  both  the  aerodynamic  characteristics  and  static 


stability.  Only  cursory  data  is  collected  at  the  0.2  Mach, 
sea  level  condition  since  combat  capability  is  being 
stressed.  This  condition  is  included  in  the  evaluation 
because  it  provides  information  on  operation  at  elevated 
angle  of  attack.  The  1.6  Mach,  30,000  feet  point  is  selected 
due  to  the  high  "q"  condition  and  since  some  encounters 
actually  begin  supersonically.  However,  for  such  encounters, 
should  a  maneuvering  engagement  develop,  airspeed  drops 
quickly,  and  the  subsonic  region  is  entered. 

Assumptions 

Basic  assumptions  in  the  design  effort  are  established 
to  reduce  the  design  complexity  to  a  level  equivalent  to 
that  of  a  "preliminary  design"  effort.  These  assumptions 
are  listed  below. 

*  The  aircraft  is  a  rigid  body,  and  mass  is  constant. 

*  Thrust  is  not  changing. 

*  The  earth's  surface  is  an  inertial  reference 
frame . 

*  The  atmosphere  is  assumed  fixed  with  respect  to 
the  earth. 

*  The  equations  of  motion  can  be  decoupled  into  a 
longitudinal  and  a  lateral-directional  set  of 
equations . 

*  Linearization  about  an  operating  condition  is 
acceptable  for  point  designs. 

*  Aerodynamics  are  fixed  for  Mach  and  altitude. 

A  rigid  aircraft  model  is  employed  in  which  any  two 
points  in  the  airframe  remain  fixed  with  respect  to  one 


another.  Flexibility  due  to  structural  modes  of  the  air¬ 
craft  are  not  considered  in  this  study.  However,  require¬ 
ments  are  developed  with  a  consideration  of  such  effects. 

As  an  example,  flight  control-structural  interactions  can 
cause  several  problems  ranging  from  unwanted  vibrations  or 
control  surface  activity  to  structural  failure  and  aircraft 
loss.  With  this  in  mind,  the  design  goals  are  established 
to  provide  good  performance  at  a  minimum  gain  and  bandwidth. 
In  seeking  to  prevent  structural  interaction,  the  system  is 
limited  in  bandwidth  to  only  the  range  needed  to  do  the  job. 
High  frequencies,  where  structural  resonances  are  usually 
encountered,  are  attenuated.  It  is  noted  that  flexibilized 
aerodynamic  data  is  used  in  developing  the  linear  aircraft 
model.  In  this  way  control  surface  deformation  due  to  air 
loads  is  accounted  for  as  dynamic  pressure  changes. 

Mass  variations  for  the  aircraft  are  fairly  large 
because  of  fuel  usage  during  a  mission.  However,  the  control' 
system  responses  being  studied  are  in  the  range  of  one  to 
ten  seconis  compared  to  a  1.5  hour  mission.  Fuel  usage  and 
the  resulting  mass  change  during  a  specific  maneuver  are  very 
small  and  can  be  neglected. 

Thrust  is  held  constant  throughout  each  maneuver  to 
reduce  the  number  of  variables  being  altered  in  the  design. 

It  also  provides  a  means  of  comparing  design  attempts.  With 
constant  thrust,  the  variation  in  velocity  provides  an  indi¬ 
cation  of  the  drag  penalty  and  energy  loss  for  the  same 


maneuver  for  several  candidate  designs.  In  addition,  an 
apriori  scheme  for  varying  thrust  during  a  maneuver  is  not 
apparent.  Although  thrust  adjustment  can  be  added  as  an 
input  to  control  velocity,  it  is  felt  that  pilot  control  of 
thrust  during  combat  maneuvering  is  very  active  and  not 
easily  predicted  for  use  in  design  studies  of  this  level. 

Such  an  extension  can  be  examined  for  application  to  an  auto¬ 
mated  or  semi -automated  attack  system. 

The  inertial  frame  of  reference  is  established  as 
the  earth's  surface.  This  greatly  simplifies  the  equation 
development  and  is  valid  for  two  reasons.  First,  the  sensors 
used  for  flight  control  systems,  although  highly  reliable, 
are  not  sensitive  enough  to  detect  the  earth's  rotational 
rate  or  the  coriolis  acceleration.  Secondly,  the  maneuvers 
being  considered  have  short  durations  compared  to  earth  rate. 
Relative  to  the  earth  they  are  also  "local"  responses,  and 
thus  a  flat  earth  with  constant  gravity  gives  fairly  accurate 
results . 

For  this  design  effort,  the  atmosphere  is  assumed 
fixed  to  the  surface  of  the  earth.  The  limited  scope  of  this 
preliminary  design  did  not  cover  random  gust,  steady  winds, 
or  wind  sheers  during  maneuvers.  However,  the  effect  of  gust 
upset  is  considered  in  establishing  design  restraints  that 
lead  to  a  limited  bandwidth  control  system  with  reduced 
gains.  It  also  directs  the  selection  of  feedback  signals  to 
those  which  are  not  overly  gust  sensitive. 


The  full  nonlinear  equations  of  motion  are  developed 
in  Appendix  B  and  then  simplified  for  the  study.  The  first 
basic  simplification  is  to  assume  that  for  this  preliminary 
design  work  the  equations  can  be  broken  into  a  set  of  longi¬ 
tudinal  equations  and  a  set  of  lateral-directional  equations 
which  do  not  interact.  Since  air  combat  maneuvering  is  a 
design  goal,  this  assumption  of  being  decoupled  must  be  kept 
in  mind.  At  times  the  assumption  is  altered  to  allow  for 
consideration  of  special  maneuvers  such  as  the  ability  to 
roll  about  the  velocity  vector  of  the  aircraft.  That  ability 
is  very  desirable  for  fighter  aircraft  and  is  addressed 
later. 

Multiple  design  points  are  established  in  the  flight 
envelope,  and  the  simplified  equations  are  linearized  at 
these  points.  Perturbation  equations  about  these  points 
are  then  employed  in  the  design  phase.  Such  a  strategy 
assumes  that  such  point  designs  are  fairly  accurate  repre¬ 
sentations  at  the  selected  points.  To  accomplish  a  full 
envelope  design  requires  many  such  point  designs  with  gain 
scheduling  between  points.  This  approach  has  been  used  for 
■^veral  existing  aircraft  control  system  designs  and  requires 
a  great  many  points  to  be  considered.  The  further  the  devia¬ 
tion  from  such  "design"  points,  the  less  likely  that  the 
design  is  adequate  since  the  model  used  for  such  designs 
becomes  less  and  less  realistic.  In  this  study,  only  four 
design  points  are  used  as  shown  in  Figure  1.  These  are 


selected  to  provide  a  full  range  of  aerodynamic  variations 
for  the  controller  design  effort.  For  a  practical  design, 
a  great  many  more  points  must  be  considered  with  a  number  of 
trimmed  acceleration  levels  at  each  point  being  studied. 

Although  perturbations  in  velocity  and  altitude  about 
trim  are  examined,  the  aerodynamic  model  is  fixed  at  the 
trim  point.  Aerodynamic  coefficients  are  constant  through¬ 
out  a  maneuver.  In  general,  the  aerodynamic  coefficients 
vary  rather  slowly  (except  in  the  transonic  region),  and 
the  approximation  is  valid  for  reasonably  small  variations 
about  the  trim  point. 

The  above  assumptions  with  their  resulting  restric¬ 
tions  are  typical  of  simplifications  used  in  developing  a 
preliminary  design  for  an  aircraft  control  system.  They  are 
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considered  to  be  appropriate  for  this  study. 

Pertinent  Observations 

Previous  efforts  applying  Professor  Porter's  method 
have  centered  on  the  command  of  output  functions  such  as 
pitch  angle,  flight  path  angle,  or  roll  angle.  That  approach 
presents  two  problems  for  the  application  being  considered 
in  this  thesis.  First,  these  angular  quantities  are  ref¬ 
erenced  to  inertial  space  which  in  this  case  is  the  local 
earth  coordinate  system.  Such  measurements  are  usually 
obtained  from  an  inertial  navigation  system  or  inertial 
measurements  system  which  has  a  significantly  lower  relia¬ 
bility  and  failure  detection  capability  than  the  flight 
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control  system.  Second,  the  pilot  feels  aircraft  body 
angular  rates  and  accelerations  since  he  is  physically 
attached  to  the  aircraft.  In  actuality,  he  controls  these 
quantities  in  flying  the  aircraft.  For  a  right  stick  input, 
a  fighter  pilot  expects  to  develop  a  proportional  "right 
wing  down"  roll  rate.  Release  of  the  stick  input  results 
in  zero  roll  rate  while  the  aircraft  roll  angle  remains  at 
a  constant  value.  In  pitch,  the  pilot  expects  constant 
stick  force  to  result  in  a  constant  acceleration  with  an 
associated  pitching  rate.  It  is  important  to  note  that  the 
pilot  actually  feels  (and  desires  to  command)  accelerations 
at  his  position  in  the  aircraft.  This  acceleration,  An 

P 

is  a  combination  of  aircraft  acceleration  measured  at  the 

center  of  gravity,  An  ,  and  rotational  acceleration,  q  , 

eg 

as  shown  in  the  following  simplified  equation.  The  term 
is  the  distance  from  the  center  of  gravity  to  the  pilot's 
position. 


V  -  V„  + 

P  eg 


(1.1) 


For  rudder  commands,  yaw  rate  is  developed  with  a  corres¬ 
ponding  side  acceleration  (Ay)  and  sideslip  (8).  Based  on 
such  observations,  the  controller  design  strives  to  command 
these  same  inputs. 

Recent  flight  testing  on  a  highly  modified  F-16  has 
demonstrated  some  rather  unique  new  capabilities.  These 
capabilities  are  provided  to  the  pilot  through  the  use  of 
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multiple  control  surfaces.  The  use  of  these  control  surfaces, 
coupled  with  the  flight  control  system,  allow  "direct  forces" 
to  be  developed  by  the  aircraft  (Figure  2).  The  direct 
force  term  is  meant  to  imply  the  development  of  forces  which 
are  uncoupled  from  or  not  related  to  the  aircraft’s  rotation. 
Using  direct  forces,  six  new  control  modes  are  available  to 
the  pilot  as  illustrated  in  Figures  3  and  4. 

The  "direct  lift"  mode  provides  a  longitudinal 
acceleration  while  holding  angle  of  attack  constant.  In 
this  mode  a  pilot's  command  to  the  system  causes  the  air¬ 
craft  to  change  its  flight  trajectory  by  developing  an  addi¬ 
tional  lift  force  without  an  angle  of  attack  change. 

The  "pitch  pointing"  mode  allows  the  pilot  to  command 
an  angle  of  attack  change  without  developing  an  acceleration. 
With  this  mode,  the  pilot  can  actually  point  the  nose  of  the 
aircraft  up  or  down  without  changing  the  direction  of  flight. 

"Longitudinal  translation"  results  in  the  aircraft 
changing  altitude  or  translating  upward  without  rotating. 

A  constant  upward  velocity  is  developed  while  maintaining  a 
zero  pitch  rate. 

These  same  capabilities  also  exist  in  the  lateral- 
directional  axis.  The  use  of  canards  in  conjunction  with 
the  rudder  and  various  control  system  feedbacks  allows  direct 
force  to  be  developed  while  moments  are  balanced  on  the  air¬ 
craft.  Ailerons  are  also  used  to  counter  unwanted  rolling 


moments . 


DIRECT  SIDE  FORCE 


Figure  2.  Direct  Force  Development  Using 
Multiple  Surfaces 
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A  "direct  sideforce"  mode  provides  lateral  accelera¬ 
tion  to  the  pilot  without  inducing  a  sideslip  angle.  Using 
such  a  mode  allows  wings  level  turns  to  be  performed  in 
which  a  turn  rate  is  developed  without  banking  the  aircraft 
or  developing  a  sideslip.  As  in  the  longitudinal  case,  the 
aircraft  is  turning  with  the  velocity  vector  as  opposed  to 
leading  it  in  conventional  maneuvers. 

"Yaw  pointing"  provides  the  pilot  with  independent 
control  over  sideslip,  beta.  The  aircraft's  nose  can  be 
pointed  right  or  left  without  developing  a  side  acceleration 
or  changing  the  direction  of  travel. 

"Lateral  translation"  results  in  the  aircraft  being 
able  to  execute  side-step  maneuvers  without  having  to  bank. 

In  this  case,  a  constant  side  velocity  is  developed  while 
maintaining  a  zero  yaw  rate. 

These  modes  of  operation  are  called  Control  Configured 
Vehicle  (CCV)  maneuvers  in  this  report.  It  is  acknowledged 
that  the  CCV  concept  encompasses  much  more  than  unconven¬ 
tional  flight  modes  (Ref  7).  The  above  descriptions  of  the 
unconventional  modes  differ  from  the  definitions  found  in 
the  open  literature  by  the  lack  of  the  use  of  terms  relative 
to  an  inertial  reference  such  as  flight  path  angle  or  pitch 
angle.  This  is  deemed  desirable  since  such  definitions, 
while  being  correct  for  limited  portions  of  flight,  are  not 
proper  in  maneuvering  situations.  As  an  example,  consider 
the  case  of  pitch  pointing.  This  can  be  defined  as  changing 
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the  aircraft’s  pitch  attitude  while  maintaining  flight  path 
angle  and  heading  angle.  In  wings  level  flight  such  a  sys¬ 
tem  provides  the  desired  fuselage  pointing.  Should  the 
aircraft  be  in  a  high  "g"  turn  requiring  a  large  bank  angle, 
such  a  system  cannot  be  employed.  Heading  angle  is  contin¬ 
ually  changing  due  to  the  turn.  For  a  descending  turn, 
flight  path  angle  is  also  changing.  Pitch  attitude  (9)  is 
defined  as  the  angle  between  the  local  horizon  and  the  x-axis 
of  the  aircraft.  Should  the  aircraft  be  banked  at  88  or  89 
degrees,  changing  theta  results  in  a  yawing  motion.  This 
is  clearly  not  what  is  intended.  It  is  advantageous  to 
mechanize  such  CCV  capabilities  for  "all  aspect"  operation. 
This  was  accomplished  for  the  majority  of  modes  on  the  CCV 
YF-16 .  Using  the  definitions  specified  in  this  report,  a 
system  is  specified  which  is  able  to  develop  a  change  in 
angle  of  attack  without  an  accompanying  normal  acceleration 
change.  In  this  way  fuselage  pointing  can  be  obtained  with¬ 
out  interfering  with  maneuvering  turns.  In  fact,  it  can  be 
commanded  simultaneously  with  the  turn. 

Study  Approach  and  Design  Requirements 

The  general  approach  for  this  study  is  to  design  a 
multivariable  control  system  for  the  AFTI/F-16  vehicle  for 
combat  maneuvering.  Major  emphasis  is  on  the  development  of 
a  controller  with  equivalent  or  improved  performance  as  com¬ 
pared  with  the  current  AFTI  Air-to-Air  gunnery  control  mode 
but  with  reduced  complexity.  Each  design  attempt  begins 


with  a  very  simple  design  and  slowly  increases  in  complexity 
until  a  realistic  result  is  obtained.  For  example,  at  the 
0.9  Mach,  20,000  feet  case  a  short  period  approximation  of 
the  aircraft  is  initially  employed  in  order  to  arrive  at  a 
basic  design  with  the  fewest  variables  to  adjust.  The 
design  then  proceeds  to  treating  the  full  equations  of  motion 
and  includes  actuator  and  sensor  models.  Any  time  an 
unforeseen  result  or  problem  is  encountered,  the  simplistic 
model  is  reinvestigated.  This  allows  determination  of  the 
cause  of  such  a  result  as  either  being  inherent  in  the  basic 
design  or  as  having  been  created  in  the  manipulation  of 
variables  or  in  the  modeling  of  the  more  complex  system. 

It  also  results  in  a  tremendous  time  saver  in  finding  prob¬ 
lems  and  errors  as  shown  later  in  the  report . 

Early  in  the  study,  a  set  of  general  design  require¬ 
ments  is  established  to  form  a  basis  for  the  work.  These 
requirements  are  listed  below. 

*  The  design  will  provide  control  and  stability 
augmentation . 

*  Responses  are  to  be  fast  and  well-behaved. 

*  Surface  position  and  rate  limits  must  not  be 
exceeded. 

*  Aircraft  rates  and  accelerations  will  be 
directly  controlled. 

*  Feedbacks  can  be  reliably  obtained  with 
existing  sensors. 

*  Conventional  and  specific  CCV  maneuver  capa¬ 
bilities  are  available. 
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A  brief  discussion  on  the  development  of  each  of  these 
requirements  follows. 

The  controller  is  to  augment  the  basic  aircraft 
stability  and  in  some  cases,  such  as  in  the  subsonic 
region,  provide  artificial  stability  for  a  statically 
unstable  aircraft.  In  addition,  it  should  provide  the  pilot 
with  control  over  motion  parameters  that  are  important  for 
the  specific  mission  task  of  air-to-air  gunnery. 

In  target  acquisition  and  tracking, certain  basic 
characteristics  have  been  found  to  be  advantageous.  The 
main  pilot  task  is  precise  pointing.  The  task  can  be  broken 
into  an  acquisition  phase  and  a  fine  tracking  phase.  Acqui¬ 
sition  requires  large  roll  and  pitch  changes.  This  trans¬ 
lates  into  being  able  to  pull  onto  the  target  rapidly,  and 
thus,  the  acceleration  response  must  be  fast  and  well  damped 
Fine  tracking  requires  precise  attitude  control  which  indi¬ 
cates  that  the  pitch  rate  response  must  be  fast  and  well 
damped . 

In  conventional  aircraft,  the  pitch  and  acceleration 
responses  are  coupled,  and  this  results  in  conflicting 
requirements.  Generally,  a  fast  "g"  response  produces  a 
fast  pitch  rate  response  with  large  overshoots  and  low 
damping.  If  the  design  emphasizes  a  fast  and  well-damped 
pitch  rate  response,  then  it  results  in  a  relatively  slow 
”g"  response.  The  actual  design  which  is  implemented  is 
usually  a  compromise  of  both  responses,  providing  the  best 
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overall  results.  Direct  lift  provides  the  designer  with  the 
capability  of  altering  this  basic  relationship.  Pitch  rate 
and  normal  acceleration  can  be  "decoupled.”  In  this  way, 
both  responses  can  be  tailored  to  provide  fast  well-damped 
behavior  within  the  direct  lift  capability  limits.  Once 
these  limits  are  exceeded,  such  decoupling  is-  not  possible. 

The  restrictions  on  surface  position  and  rate 
limiting  are  imposed  at  the  preliminary  design  stage  as 
opposed  to  the  conventional  tendency  for  a  new  system  to 
include  them  later  in  the  design  cycle.  This  restriction 
is  established  after  a  review  of  several  applications  of  the 
design  technique.  In  those  cases  it  has  been  apparent  that 
the  exceptionally  fast  aircraft  responses  achieved  were 
developed  through  large  and  extremely  fast  surface  movements. 

A  design  is  sought  that  results  in  surface  activity 
that  does  not  encounter  either  of  these  limits.  Running 
into  a  position  limit  results  in  loss  of  decoupling  and 
prevents  the  required  command  from  being  reached.  In  cases 
where  the  control  system  is  providing  artificial  stability, 
this  results  in  loss  of  that  stability.  Rate  limiting  pre¬ 
sents  a  problem  that  is  a  little  more  sinister  but  just  as 
dangerous.  Rate  limiting  is  a  nonlinear  function  that  can 
result  in  a  significant  increase  in  phase  lag  in  a  feedback 
system.  Such  phase  lag  has  been  shown  to  cause  loss  of 
control  and  divergent  oscillations  that  can  result  in  air¬ 
craft  loss  for  a  full  authority  fly-by-wire  system. 
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It  is  interesting  to  note  that  in  early  multivariable 
designs  such  as  the  CCV  YF-16  (in  which  classical  design 
techniques  were  used),  aircraft  stability  and  control,  and 
basic  flying  qualities  were  provided  by  conventional  control 
surfaces  with  appropriate  feedbacks.  Additional  surfaces 
were  used  to  provide  the  direct  force  capabilities.  Rate 
or  surface  limiting  of  these  additional  surfaces  resulted  in 
loss  of  the  direct  force  function  with  less  than  the  desired 
responses,  but  augmentation  was  not  impaired.  Rate  and  posi¬ 
tion  limiting  is  important  for  the  conventional  surfaces  and 
such  limiting  is  prevented  in  the  design.  In  the  current 
multivariable  designs,  surface  rate  and  position  limiting  is 
an  important  consideration  on  all  surfaces  since  the  stabil¬ 
ity  function,  as  well  as  the  direct  force  function,  is  per¬ 
formed  by  the  combination  of  all  surfaces. 

The  desirability  of  controlling  aircraft  body  rates 
and  accelerations  becomes  more  apparent  when  considering  the 
complexity  of  interface  to  the  pilot.  The  multivariable 
theory  applied  in  this  thesis  allows  as  many  independent 
aircraft  states  or  linear  combinations  of  states  to  be  com¬ 
manded  as  there  are  control  surfaces  (inputs).  For  the  AFTI 
vehicle  there  are  two  longitudinal  surfaces,  and  thus,  it  is 
possible  to  control  two  system  outputs.  It  should  be  noted 
that  both  must  be  commanded  to  some  value  even  if  that  value 
is  zero.  Suppose  the  command  parameters  are  selected  to  be 
angle  of  attack  and  pitch  angle.  In  maneuvering  flight, 
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pitch  angle  is  not  completely  a  longitudinal  parameter.  In 
the  case  of  a  constant  altitude  turn,  theta  stays  at  zero. 
Additionally,  how  does  the  pilot  know  what  value  of  these 
two  parameters  to  command  in  order  to  perform  the  maneuver 
he  desires?  One  answer  is  to  develop  a  model  of  the  air¬ 
craft.  Conventional  pilot  commands  can  be  input,  and  the 
resulting  model  parameters  can  provide  the  command  inputs 
to  the  multivariable  controller.  This  requires  that  a 
simple  model  must  be  developed  which  exhibits  the  response 
desired  of  the  actual  aircraft.  With  the  wide  variation  of 
aerodynamic  parameters,  gain  scheduling  might  be  required 
in  the  model.  If  the  control  system  is  to  be  tailored  to 
the  specific  task,  the  model  must  also  be  tailored. 

If  pitch  rate  and  normal  acceleration  are  employed 
for  the  command  parameters,  the  problem  can  be  eliminated. 
The  pilot  generally  desires  a  specific  "g"  level  and  a 
corresponding  pitch  rate  can  be  determined  from  the  follow¬ 
ing  relationship  q  =  ( 1845/U) ( An ) .  The  choice  of  rate 

and  acceleration  makes  sense  as  far  as  reliability,  availa¬ 
bility,  pilot  preference,  interface  complexity,  and  work¬ 
load  are  concerned. 

The  required  reliability  of  a  flight  control  system 
which  provides  stability  and  control  augmentation  is  dis¬ 
cussed  earlier  in  this  chapter.  Rate  gyros  and  acceler¬ 
ometers  that  sense  body  motion  can  be  incorporated  in  the 
flight  control  system  design  where  redundant  electrical 


power  and  signal  processing  are  available.  They  are  low 
enough  in  cost  and  size  that  multiple  sensors  can  be  used 
for  redundancy.  Such  redundancy  considerations  are  not  meant 
to  infer  that  selection  of  feedback  signals  is  limited  to 
only  rates  and  accelerations.  It  is  to  focus  attention  on 
the  careful  selection  of  signals.  In  the  F-16,  angle  of 
attack  is  deemed  necessary  for  use  in  the  flight  control 
system.  A  means  of  developing  multiple  independent  and 
reliable  sources  has  been  found.  In  addition,  the  F-16 
uses  four  longitudinal  accelerometers,  four  lateral  acceler¬ 
ometers,  four  pitch  rate  gyros,  and  four  roll  rate  gyros. 
These  are  required  to  meet  mission  reliability  and  failure 
tolerance  requirements. 

Through  several  research  and  development  programs, 
the  CCV  control  modes  have  been  examined  for  usefulness  in 
combat  scenarios.  From  this  work,  several  of  the  modes  are 
selected  for  design  applications  in  this  thesis. 

The  first  of  these  is  blending  of  the  conventional 
maneuvering  capability  of  the  aircraft  with  the  direct  lift 
function  in  the  longitudinal  axis  to  provide  improved  per¬ 
formance.  The  decoupling  of  direct  lift  from  aircraft 
rotation  can  be  used  to  tailor  the  aircraft  response  in  a 
conventional  maneuver  to  provide  optimum  response  for  both 
acceleration  and  pitch  rate.  Thus,  the  longitudinal  design 
is  aimed  at  using  direct  lift  and  conventional  aircraft 
blending.  Fuselage  pointing  holds  promise  for  automatically 


nulling  small  aiming  errors  during  target  tracking  or  in 
obtaining  a  lock-on  by  the  weapons  system.  The  feasibility 
of  providing  longitudinal  fuselage  pointing  by  commanding 
rates  and  accelerations  is  examined.  Direct  sideforce  has 
also  been  shown  to  be  promising  in  air-to-air  gunnery  and 
may  have  possibilities  for  air-to-ground  bombing  applica¬ 
tions.  It  may  also  be  useful  for  evasive  maneuvering  or 
limited  terrain  avoidance  maneuvers.  Thus,  it  is  selected 
for  the  directional  design.  Conventional  roll  rate  control 
is  selected  for  the  lateral  design.  The  controller  design 
being  sought  is  to  provide  the  above  combination  of  uncon¬ 
ventional  and  conventional  capabilities  to  the  aircraft. 


Presentation  Sequence 

The  material  in  this  thesis  consists  of  a  description 
of  the  aircraft  chosen  for  the  study  in  Chapter  II.  The 
process  of  developing  a  model  for  the  design,  and  the  means 
of  validating  such  a  model  is  also  presented.  Chapter  III 
contains  a  brief  description  of  the  multivariable  design 
theory  developed  by  Professor  Brian  Porter  of  the  University 
of  Salford,  England.  An  important  area  of  bounded  stability 
is  included.  The  design  method  and  representative  results 
at  selected  points  in  the  flight  envelope  are  presented  in 
Chapter  IV.  A  proposed  design  procedure  is  established. 
Inadequacies  of  the  design  method  as  well  as  advantages  are 
discussed.  T^e  final  design  is  evaluated  in  Chapter  V  against 
several  criteria  and  compared  with  current  state-of-the-art 


designs.  Conclusions  are  discussed  in  Chapter  VI  with 
recommendations  for  future  efforts.  A  complete  set  of  aero¬ 
dynamic  and  transformed  aircraft  model  data  is  included  in 
Appendix  A.  Development  of  the  equations  of  motion  is 
covered  in  detail  in  Appendix  B  .  Controller  responses  to 
the  maximum  estimated  inputs  to  verify  surface  rate  and 
position  limits  are  presented  in  Appendix  C.  The  last 
three  Appendices  document  the  three  programs  used  in  con¬ 
junction  with  MULTI  in  the  designs.  The  programs  provide 
methods  to:  (1)  convert  and  transform  aerodynamic  data  into 
the  form  necessary  for  developing  a  state  space  aircraft 
model;  (2)  calculate  transmission  zeros;  and  (3)  determine 
the  closed-loop  system  matrix.  The  last  program  is  useful 
in  obtaining  both  closed-loop  roots  and  system  transfer 


functions . 


II.  The  AFTI/F-16  Aircraft 


Aircraft  Description 

The  AFTI  vehicle  is  a  highly  modified  F-16  aircraft. 
It  has  been  changed  to  allow  flight  demonstration  of  the 
benefits  possible  from  the  integration  of  advanced  tech¬ 
nology  features.  Among  the  advanced  features  selected  for 
demonstration  are  triple  redundant  digital  flight  control 
computers,  and  a  flight  control  system  tailored  to  the  spe¬ 
cific  mission  phase.  Tailoring  has  resulted  in  eight 
separate  control  modes  being  implemented  in  the  digital  com¬ 
puters  with  extensive  gain  scheduling  to  provide  unprece¬ 
dented  performance.  Asynchronous  computer  operation  is 
employed  in  which  each  of  the  three  computers  operates 
independently  in  calculating  the  flight  control  laws.  A 
redundancy  management  system  has  been  developed  that  uses 
comparison  monitoring  of  the  three  computers  along  with 
internal  self-test  features  to  detect  failed  system  elements, 
and  provides  a  two-fail/operate  capability.  This  means  the 
system  can  withstand  two  similar  failures  and  still  continue 
to  operate. 

AFTI ' s  major  external  modifications  to  date  have 
been  the  addition  of  twin  vertical  canards  mounted  under 
the  engine  inlet  and  the  installation  of  a  dorsal  fairing 
or  "back  pack”  between  the  cockpit  and  vertical  tail.  The 
dorsal  fairing  houses  avionics  and  instrumentation  necessary 


for  the  flight  test  effort.  Although  receiving  an  entirely 
new  flight  control  system,  the  original  F-16  sensors  are 
retained.  Body  accelerations  are  measured  at  the  pilot's 
station  by  longitudinal  and  lateral  accelerometers.  There 
are  four  identical  sensors  for  each  axis  for  redundancy. 

The  F-16  flight  control  system  employs  all  four  since  it  is 
quadruply  redundant.  AFTI  uses  only  three  of  these  sensors 
to  provide  essentially  the  same  fail/operate  capability  as 
the  F-16.  The  fourth  provides  signals  for  flight  test 
instrumentation.  Body  rotational  rates  are  sensed  by  rate 
gyros  located  very  close  to  the  aircraft's  center  of  gravity 
There  are  four  identical  pitch  rate  gyros,  four  roll  rate 
gyros,  and  four  yaw  rate  gyros.  In  addition,  angle  of 
attack  is  sensed  by  two  fuselage  side-mounted  cones,  as  well 
as,  by  a  hemispherical  differential  pressure  probe  extending 
from  one  side  of  the  aircraft.  Although  sideslip  angle, 
beta,  is  not  employed  in  the  F-16,  plans  called  for  its  use 
in  the  AFTI  system.  The  same  type  of  conical  sensors  used 
for  angle  of  attack  were  to  be  installed  to  measure  sideslip 
Unfortunately,  a  suitable  location,  free  of  airflow  irregu¬ 
larities  around  the  fuselage,  could  not  be  found  to  provide 
good  sideslip  information. 

The  aircraft  is  shown  in  the  drawing  in  Figure  5. 

The  control  surfaces  used  in  this  study  are  denoted  by  solid 
black.  These  consist  of  two  fully  movable  horizontal  tail 
surfaces  which  can  be  deflected  symmetrically  as  an  elevator 


or  asymmetrically  for  augmenting  roll  control.  Flaperons  on 
the  trailing  edge  of  each  wing  can  be  moved  symmetrically  to 
act  as  flaps  or  asymmetrically  as  ailerons  for  primary  roll 
control.  The  canards  are  used  for  sideforce  control.  Sign 
convention  used  in  this  study  is  also  displayed  in  the 
figure. 

Longitudinally  the  unaugmented  aircraft  (no  control 
system)  is  statically  unstable  at  subsonic  flight  conditions 
as  illustrated  in  Figure  6.  The  center  of  gravity  (CG)  is 
located  behind  the  aerodynamic  center  (AC)  by  design.  The 
difference  between  the  CG  and  AC  is  generally  measured  in 
percent  of  the  mean  aerodynamic  cord  (MAC).  The  figure 
shows  the  aircraft  to  be  approximately  three  percent  unstable 
subsonically .  In  the  transonic  region,  the  aircraft  is 
neutrally  stable.  Although  stable  at  supersonic  speeds, 
there  is  also  a  reduction  in  stability  when  compared  to 
conventional  aircraft.  The  unstable  condition  eliminates 
the  requirements  for  the  elevator  to  continually  develop  a 
down  load  in  trimmed  flight.  The  tail  is  actually  adding 
lift  to  the  aircraft.  Because  of  this  design  feature,  the 
aircraft  can  obtain  higher  load  factors  and  has  reduced 
drag.  This  translates  into  faster  turn  rates  and  longer 
operational  ranges.  The  unaugmented  aircraft  pitch  angle- 
to-elevator  deflection  transfer  function  for  the  0.9  Mach 
20,000  feet  condition  is  shown  below.  It  should  be  noted 
that  the  short  period  roots  of  the  aircraft  are  real,  and 


one  is  unstable.  This  is  the  manner  in  which  static  insta¬ 


bility  is  manifested. 

_2_  _  -24.06(s)(s+0.0126)(s+1.51) 

6  “  ( s+0 . 00757±  jO  .  0543)  ( s-0 . 964 )  ( s+3 . 222 )  (.2.1) 

Phugoid  Short  Period 

In  the  lateral-directional  axis,  the  aircraft  has 
very  light  dutch  roll  damping.  This  can  be  seen  by  examin¬ 
ing  the  yaw  rate-to-rudder  deflection  transfer  function  for 
the  aircraft  computed  at  the  0.9  Mach  20,000  feet  point. 

r  _  -5 . 81 ( s+0 .323±j0.623)( s+2 . 482 ) 

6r  (s+0 .0272 ) ( s+0 . 391± j  2 . 96l) (s+2 .697)  (2.2) 

Spiral  Dutch  Roll  Roll 

In  its  smallest  sense,  the  control  system  design 
must  provide  longitudinal  stability  and  improve  dutch  roll 
damping.  In  a  larger  sense,  this  is  desired  while  providing 
an  aircraft  control  system  combination  that  is  of  most  bene¬ 
fit  to  the  pilot  in  performing  specific  tasks  during  a 
mission.  The  task  considered  in  this  study  is  air-to-air 
gunnery , 

Aerodynamic  Model 

An  extensive  aerodynamic  data  package  was  developed 
by  the  General  Dynamics  Corporation  of  Fort  Worth,  Texas, 
for  the  AFTI/F-16  vehicle.  The  work  was  performed  under 
contract  to  the  AFTI/F-16  Advanced  Development  Program 
Office  (ADPO)  of  the  Flight  Dynamics  Laboratory.  Wind 


tunnel  testing  in  both  low  and  high  speed  tunnels  provided 
data  throughout  the  flight  envelope  for  angle  of  attack 
ranges  of  90  degrees  to  -40  degrees  and  large  sideslip 
angles.  F-16  wind  tunnel  data  and  flight  test  data  were 
used  as  a  baseline  for  the  package. 

A  General  Dynamics  program  was  used  to  obtain 
linearized  aerodynamic  coefficients  by  trimming  the  aircraft 
at  various  flight  conditions  and  load  factors.  Aircraft 
weight  and  inertias  were  also  provided  by  the  program.  This 
data  is  listed  in  Table  1  for  the  major  design  point  at  0.9 
Mach  and  20,000  feet.  A  complete  set  of  data  for  all  the 
points  considered  in  the  study  is  given  in  Appendix  A.  It 
should  be  noted  that  by  convention,  the  static  derivatives 
(Cma  .  cLa  »  etc.)  are  listed  in  units  of  per  degree  (1/deg). 
The  dynamic  derivatives,  such  as  Cr  ,  CT  .  ,  Cn  ,  are  listed 

Liq  Lia  np 

in  units  of  per  radian  (1/rad).  Also  by  convention,  the 
aerodynamic  derivatives  a1"-,  presented  in  the  stability  axis 
while  mass  properties,  such  as  moments  and  products  of 
inertias,  and  the  position  of  the  sensors,  are  referenced  to 
the  body  axis  of  the  aircraft.  Figure  7  provides  a  defini¬ 
tion  of  the  axis  systems.  The  data  must  be  converted  to  a 
consistent  reference  frame  to  permit  analyses  to  be  con¬ 
ducted. 

For  conditions  where  angle  of  attack  is  small,  such 
as  in  trimmed  straight  and  level  flight,  the  differences 
between  body  and  stability  axes  can  usually  be  ignored.  In 
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Table  1  (continued) 
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stability  analyses,  it  is  often  easier  to  convert  a  few 
inertia  terms  into  stability  axis  data  than  to  convert  all 
of  the  aerodynamic  derivatives  into  the  body  axis.  Since 
the  characteristic  equation  and  corresponding  aircraft  roots 
are  unaffected  by  this  axis  transformation,  the  determina¬ 
tion  of  quantities  such  as  short  period  damping  can  be  made 
in  either  axis  system. 

However,  as  is  shown  later,  there  are  major  draw¬ 
backs  to  choosing  the  stability  axis  for  design  work.  Con¬ 
version  of  inertia  data  to  the  stability  axis  yields  numbers 
with  no  physical  significance.  In  some  cases,  the  converted 
products  of  inertia  are  negative.  Thus,  valuable  insight 
into  the  mechanics  of  maneuvering  flight  needed  by  the  design 
engineer  is  lost. 

In  fighter  aircraft,  fast  rolls  about  the  body  axis 
at  large  angles  of  attack  can  result  in  unacceptably  large 
sideslip  angles.  The  design  problem  is  to  use  body-sensed 
data  in  the  flight  control  system  to  cause  the  aircraft  to 
roll  about  the  velocity  vector.  In  this  way,  alpha  remains 
essentially  constant,  and  beta  stays  close  to  zero.  If  the 
design  is  accomplished  in  the  stability  axis,  which  is 
aligned  with  the  velocity  vector,  rolling  about  the  x  axis 
produces  the  desired  results.  The  signal  being  fed  back  to 
accomplish  this  is  actually  stability  axis  roll  rate  (a 
quantity  which  is  not  usually  available  within  the  flight 
control  system).  Thus,  design  in  the  stability  axis  can 


lead  to  problems  in  implementation  unless  extreme  care  is 
taken.  Designing  in  the  body  axis  yields  the  same  results 
but  requires  the  engineer  to  explicitly  attack  the  problem 
of  obtaining  an  appropriate  feedback  signal.  The  signal 
must  cause  the  proper  rolling  action  with  the  available 
sensor  information.  As  is  shown  later,  this  is  usually 
accomplished  by  using  body  axis  measurements  of  angle  of 
attack,  roll  rate,  yaw  rate  and  side  acceleration. 

In  this  research,  maneuvering  flight  characteristics 
are  of  primary  interest.  In  elevated  load  factor  or  high 
"g"  maneuvers,  angle  of  attack  can  be  a  relatively  large 
value, and  the  difference  between  body  and  stability  axes 
becomes  more  significant.  The  body  axis  is  chosen  for  this 
design  for  two  main  reasons  in  addition  to  those  given  in 
the  previous  discussions.  First,  the  sensors  providing 
feedback  signals  are  actually  measuring  body  accelerations 
and  rates.  Second,  the  pilot  desires  to  control  variables 
that  he  actually  feels  which  are  body  accelerations  and 
rates . 

The  transformation  equations  to  convert  to  the  body 
axis  are  based  on  data  from  Reference  20  and  are  given  in 
Appendix  B.  The  coefficients  must  also  be  dimensionalized 
for  use  in  the  equations  of  motion.  These  calculations  are 
time-consuming  and  must  be  carried  out  for  each  flight  con¬ 
dition  being  investigated.  To  aid  in  the  conversion  and 
transformation  at  a  number  of  flight  conditions,  a  computer 


program  called  Conversion  And  Transformation  (CAT)  is 
developed  to  perform  the  necessary  mathematical  operations. 


For  the  design  effort,  the  equations  of  motion  must 
be  written  as  state  equations  in  the  form  x  ■  Ax  +  Bu. 

They  represent  a  set  of  first-order  differential  equations. 
This  operation  is  also  carried  out  by  the  CAT  program.  The 
program's  outputs  are  designated  as  primed  derivatives. 

They  are  of  the  proper  form  to  be  directly  inserted  into  the 
A  matrix.  The  equations  used  in  the  conversion  are  presented 
in  Appendix  B.  The  computer  listing  is  given  in  Appendix  D. 

The  states  in  these  equations  do  not  include  accel¬ 
eration.  Additional  transformations  are  manually  performed 
to  obtain  a  state  vector  that  includes  accelerations  at  the 
pilot's  station.  The  results  of  these  transformations  for 
the  four  flight  conditions  are  listed  in  Appendix  A.  An 
example  of  the  transformat  ion 'method  is  shown  below  for  the 
side  velocity  equation. 


=  as 
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Dividing  by  U  and  letting  8  =  V/U,  8  *  V/U,  and  a  -  W/U  yields 

Y  Y  ^6  ^6  Y 

8  ■  +  (-^p)P  +  C-jp)8a  +  (— +  +  (“p^)r 

-  r  +  pa  +  £cos0sin<j>  (2.5) 


Also,  let  sin$  »  #  in  radians  and  a  »  0.0,  which  gives 


Y«  Yn  Yr  «. 

8  ■  (-p-)6  +  ^  u  ^  +  (TT  ~  +  (  p  )8j 


+  (“p^)8r  +  (— p^)$c  +  (g^f^H  (2.6) 


Redefining  the  coefficients  yields 

8  -  (Yg")B  +  (Y  -)p  +  (Y/)r  +  (Yfi  '). 


+  (Yfi  0«r  +  (Yfi  ')«  +  (Y  -)<f>  (2.7) 

r  c  v 


These  equations  are  simplified,  and  the  restrictions 
discussed  in  Chapter  I  are  applied.  The  resulting  states 
represented  by  the  simplified  equations  are  pitch  angle, 
forward  velocity,  angle  of  attack,  and  pitch  rate  in 
the  longitudinal  axis  and  roll  angle,  sideslip  angle,  roll 
rate,  and  yaw  rate  in  the  lateral -directional  axes.  In 
applying  the  restrictions,  it  is  assumed  that  coupling 
between  longitudinal,  and  lateral-directional  axes  can  be 
neglected.  Although  this  is  not  entirely  correct  for  a 
high-performance  fighter,  the  assumption  is  still  generally 
applied  in  preliminary  design  efforts  in  order  to  simplify 
the  problem.  Exceptions  are  taken  when  necessary.  Once  a 
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preliminary  design  is  complete,  it  is  evaluated  in  a  simula¬ 
tion  with  full  nonlinear  coupled  equations  of  motion. 
Unfortunately,  such  an  evaluation  is  beyond  the  scope  of 
this  research  effort. 

Acceleration  at  the  pilot  station  is  not  one  of  the 
resulting  states  in  the  equations  available  for  feedback 
design.  Since  this  is  a  function  which  must  be  commanded, 
the  solution  to  this  dilemma  is  found  by  using  the  following 
relationships.  The  longitudinal  force  equation  in  the  z 
body  direction  can  be  written  as 

F  =  ■  'W  +  pV  -  qU  -  gcos0cos<j>)  (2.8) 

Zcg 

thus 

Fz 

A  *  — £&  »  W  +  pV  -  qU  -  gcos0cos<j>  (2.9) 

z  m 

eg 

This  is  longitudinal  acceleration  in  the  z  direction  at  the 
center  of  gravity.  From  Appendix  B 

W  =  (Za)o  +  ( )a  +  (Z  )q  +  (ZU)AU  +  (Zfi  )$ 

4  e 

+  (Z.  )<5f  -  pV  +  qU  +  gsin0cos<j>  (2.10) 

Of  X 

Letting  a  =  W/U  and  a  =  W/U  ,  this  becomes 

a  -  [J]  [(Za)a  +  (Z-)a  +  (Zq)q  +  (Zu)AU  +  (Z^  )*e 

+  (Z.  )6.  -  pV  +  qU  +■  gsin0cos<|>]  (2.11) 

0  f  f 
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Gathering  the  terms  with  a  on  the  left-hand  side  of  the 
equation  yields 


Z-  n 

d(l  --£)-§  I(Z  )a  +  (Z  )q  +  <ZU)AU  +  (Z&  )5 

4  e 

+  (Z^  )5f  -  pV  +  qU  +  gsin0cos<J>]  (2.12) 
Z- 

Note:  is  extremely  small  and  is  neglected. 

From  Equation  (2.9) 

Az  *  U(a  +  p|j  -  -  -S  cos0cos$)  (2.13) 

eg 

and  using  Equation  (2.12),  gives 

Az  -  U{(^)((Zaa  +  Z  q  +  ZUAU  +  Z5e6e  +  Zfif6f  -  pV 
eg  4 

+  qU  +  gsin0cos<J>)]  +  ^  "  u  COS0COS<J>^  (2.14) 

Simplification  by  cancelling  terms  yields 

Az  *  (Za)a  +  (Z  )q  +  (Zu)u  +  (Z^  )<Se  +  (Zfif)5f  (2.15) 

eg  4 

Acceleration  at  the  center  of  gravity  can  be 
expressed  as  a  combination  of  the  available  states  previously 
defined  plus  contributions  from  the  control  surfaces.  At 
this  point,  two  methods  of  expressing  acceleration  in  state 
space  format  are  apparent. 


The  easiest  and  least  complex  method  is  to  use  the 
previously  developed  x  =  Ax  +  Bu  equations  and  form  an 
output  equation  y  =  Cx  +  Du  where  the  output  being  sought 
is  acceleration.  The  contributions  from  the  control  sur¬ 
faces  are  included  in  the  D  matrix.  The  state  space  model 
has  the  form 


(2.16) 


Unfortunately,  the  design  method  used  in  this  report 
does  not  consider  a  D  matrix.  The  problem  is,  therefore,  to 
develop  the  equations  of  motion  with  a  zero  D  matrix  but 
with  the  contributions  from  the  control  surfaces  included. 

The  method  used  in  this  design  effort  is  to  augment  the  A 
matrix  with  the  actuator  states.  In  this  manner  an  augmented 


state  vector  is  produced  which  includes  surface  deflection 
as  shown  below.  Using  a  first-order  actuator  transfer  func¬ 
tion  model  of  [20/(s+20)J  for  both  the  elevator  and 


flaperon  surfaces  results  in  the  following  equations. 
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Se  =  -20  <Se  +  20  5e  , 

cma 

(2.21) 

In  a  similar  computation,  the  flaperon  actuator 
model  results  in  a  first-order  equation  of  6f  =  -20  6f 
+  20  5f  .  .  The  input  vector  u  is  now  the  actuator  command 
instead  of  surface  position  as  shown  previously.  The  state 
and  output  equations  are 
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(2.23) 


can  be  controlled  as  an  output 


In  this  case,  Ar 


eg 


of  the  system  without  having  a  D  matrix.  Unfortunately,  to 
develop  the  output  requires  a  combination  of  all  but  one 
longitudinal  state.  At  this  point  a  transformation  is 


employed  to  provide  A, 


as  a  state  in  place  of  angle  of 


eg 


attach.  As  shown  earlier, 
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(2.24) 


Va* 


z  =  Tx  where  T  is  a  transformation  matrix  to  develop 


a  z  state  vector  containing  A„ 


from  the  original  state 


eg 


vector  x*  The  complete  set  of  equations  is  transformed 
using  x  *  T  *z.  Thus 


x  =  Ax  +  Bu 


T_1z  *  AT_1z  +  Bu 


z  *  TAT-1z  +  TBu 


(2.25) 

(2.26) 
(2.27) 
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A* 


and 


y  -  Cx 


1  ■  ct-1z 


(2.28) 

(2.29) 


The  output  equation  is  actually  not  needed.  It 

gives  the  relationship  for  expressing  the  old  states  as  a 

linearized  combination  of  the  new  states.  Since  interest 

is  in  the  acceleration  as  an  output  and  a  state,  a  new  C 

matrix  is  formed  to  allow  using  A  as  a  feedback. 

eg 

Acceleration  at  another  point  on  the  aircraft  other 
than  the  center  of  gravity  can  be  computed  as  follows: 


Note:  A„  =  -A„ 

n  z 


(2.30) 


A  =  A  -  Uv)(pr  -  q)  -  (£  )(rq  +  p) 
n  ncg  x  y 

+  Uz)(p2  +  q2)  (2.31) 

where  Z  ,  Z  and  Z  are  distances  in  the  body  axis  from 

X  y  Z 

the  point  to  the  center  of  gravity. 

Since  fc.  and  Z  are  much  smaller  than  Z  for  the 
y  z  x 

AFTI  vehicle  and  since  the  assumption  is  made  that  the 
longitudinal  and  lateral-directional  axes  can  be  decoupled, 
the  equation  reduces  to 

An  =  An  +  (Ax)q  (2.32) 

eg 

2 

The  units  are  ft/sec  for  acceleration,  feet  for  the  Z  dis- 

x 

2 

tance,  and  rad/sec  for  the  rotational  acceleration  term  (q). 
In  a  similar  manner,  the  lateral  acceleration  at  a  point 
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other  than  the  center  of  gravity  is  computed  as 

A„  *  A  -  (Ax)(pq  -  r)  -  (*_)(p2  +  r2) 
y  ycg  x  y 

+  U,)(qr  -  p)  (2.33) 
which,  using  the  same  assumptions,  becomes 

Av  »  A  +  Cl  )  r  (2.34) 

y  ycg  x 

Equations  (2.32)  and  (2.34)  are  used  to  develop  relation¬ 
ships  for  acceleration  at  the  pilot's  station  in  the  air¬ 
craft.  Since  acceleration  at  the  center  of  gravity  is  now 
a  state  and  the  equations  developed  from  the  last  transfor¬ 
mation  give  q  as  a  summation  of  the  new  state  vector  z,  a 
final  transformation  can  be  made  to  obtain  accelerations  at 
the  pilot's  station  for  the  z  and  y  axes. 

An  example  of  the  transformations  at  the  design 
points  of  0.9  Mach  and  20,000  feet  is  presented  below  for 
the  longitudinal  axis.  The  complete  transformations  for 
this  point  are  given  in  Appendix  B.  For  the  other  flight 
conditions,  only  the  final  resulting  state  equations  are 
listed  in  the  appendix  in  the  interest  of  brevity.  The  same 
transformation  method  is  used  in  each  case. 

Using  the  primed  aerodynamic  coefficients  from  the 
CAT  program,  the  following  state  equation  is  developed. 
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(2.35) 

From  the  unprimed  dimensional  coefficients,  the 
matrix  is  formed. 


0  -0.0207687  -1385.34  -4.86336  -139.263  -228.57 
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J  (2.36) 

Performing  the  transformation  yields  the  following 
state  equations. 
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Using  the  q  expression  from  this  state  matrix  in 


Eq.  (2.32)  results  in  the  expression  for  acceleration  at  the 
pilot’s  station. 


A  •*  +  [lx]  (0.000309  -0.00019*  -0.003084  -0.7922  -2*. 49  -7.177) 
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With  Eq.  (2.9),  an  expression  can  be  developed  for 
ct  using  the  states  available  after  the  last  transformation. 
Assuming  pV  =  0  and  <j>  =  0  results  in 
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Dividing  by  forward  velocity,  U,  and  letting 
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Solving  for  a  yields 
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Expressed  using  incremental  acceleration  from  lg  trimmed 
flight,  the  equation  becomes 
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The  d  equation  is  added  to  the  state  equations,  and 
a  second  transformation  matrix  is  formed  from  Eq.  (2.38). 
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The  transformation  results  in 
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and  the  output  equation  is: 


L*. 
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The  transformation  to  acceleration  at  the  aircraft 
center  of  gravity  is  performed  as  an  intermediate  step  at 
which  point  the  a  equation  is  added.  The  same  results  are 
obtained  by  writing  the  a  equation  twice  in  the  original 
system  equations  and  forming  a  combined  transformation  matrix 
to  directly  obtain  acceleration  at  the  pilot's  station  from 
Eqs.  (2.15)  and  (2.32)  as  follows: 
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Both  Afl  and  q  are  expressed  as  combinations  of  the 
eg 

original  state  variables  and  can  be  combined  to  yield: 
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+  (4  M.  '  -  Zx,)5f 


(2.50) 


Thus, 


(2.51) 

This  method  is  used  on  all  subsequent  transformations 


to  develop  pilot  station  acceleration  as  a  state.  In  either 
method  of  arriving  at  this  final  state  vector,  the  addition 
of  the  a  equation  results  in  a  transmission  zero  at  the 
origin.  The  significance  of  transmission  zeros  is  discussed 
in  Chapter  III.  This  does  not  affect  the  designs  that  are 
developed.  They  are  evaluated  with  and  without  the  a  equa¬ 
tion.  Transfer  function  checks  show  that  with  the  inclusion 
of  the  a  equation  both  a  pole  and  a  zero  are  added  to  the 
system  at  the  origin.  This  pole-zero  combination  cancels 
and  contributes  nothing  to  the  output  responses. 

The  equations  are  modified  to  have  states,  inputs 
and  outputs  in  convenient  units  such  as  "g"  for  accelera¬ 
tions  and  degrees  for  surface  deflections.  In  the  resulting 
system  equations,  the  B  matrix  is  partitioned  as  shown 
below. 
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(2.52) 


The  row  dimension  of  B2  is  equal  to  the  number  of  inputs  or, 
in  this  case ,  surface  commands .  Thus ,  it  is  always  a  square 
matrix.  For  the  design  work,  the  system  is  transformed  once 
more  so  that  is  a  zero  matrix.  Such  an  arrangement  is 
hereafter  referred  to  as  the  zero-B2  form.  Although  not 
necessary  for  application  of  the  design  principles,  this 
conversion  is  accomplished  for  the  following  reasons. 

First ,  a  knowledge  of  the  location  of  transmission 
zeros  of  the  system  is  desired.  A  relatively  simple  and 
reliable  means  of  calculating  transmission  zeros  is  avail¬ 
able  for  systems  in  the  zero-B2  form  (Ref  6).  The  method  of 
computation  of  transmission  zeros  is  discussed  in  Chapter 
III.  This  method  is  computerized  using  macro  programming  of 
the  TOTAL  program.  A  listing  of  the  macro  program  is 
included  in  Appendix  E. 

The  second  reason  is  based  on  a  previous  unfortunate 
implementation  of  the  design  equations  in  the  MULTI  program 
which  has  been  corrected  at  the  time  of  this  renort .  The 
problem  is  discussed  in  Chapter  IV  after  the  design 
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equations  are  presented  in  Chapter  III.  With  the  original 
MULTI  program,  the  design  obtained  without  this  last  trans¬ 
formation  results  in  a  system  that  is  not  adequately 
decoupled  to  meet  the  design  objectives. 

A  note  of  caution  is  necessary  at  this  point.  Trans¬ 
formation  to  the  zero-B2  form  results  in  a  new  set  of  states. 
Unfortunately,  pilot  station  acceleration  is  altered  by  the 
transformation.  Since  this  is  one  of  the  states  to  be  used 
for  feedback,  the  design  implementation  is  unduly  complicated 
With  the  modified  MULTI  program,  the  same  design  results  can 
be  obtained  without  transformation  to  this  form.  It  is 

advantageous  to  design  with  Afl  and  A  as  states  and  to 

P  P 

transform  the  final  design  only  to  check  for  transmission 
zeros  which  are  not  altered  by  such  transformations. 

Validation  Methods 

One  major  concern  in  the  development  of  the  linear 
models  for  multivariable  designs  is  the  complexity  of  per¬ 
forming  multiple  conversions  and  transformations.  Each 
operation  can  become  a  source  of  errors.  Validation  of  the 
final  model  as  a  true  representation  of  the  aircraft  becomes 
a  paramount  issue.  Such  validation  is  handled  in  the  follow¬ 
ing  manner. 

The  linearized  aerodynamic  data  obtained  from  General 
Dynamics  are  checked  for  reasonableness  of  coefficient 
values.  Any  discrepancies  are  checked  with  the  nonlinear 


data  plots  available  in  the  AFTI/F-16  ADPO.  All  discrep¬ 
ancies  are  resolved  with  the  help  of  ADPO  engineers. 

The  linearized  data  is  used  as  input  for  the  Trans¬ 
fer  Function  Program  (TRANSF).  This  is  an  ADPO  program 
that  is  available  at  AFIT.  The  program  allows  direct  input 
of  the  data  and  provides  stability  axis  transfer  functions 
for  each  aircraft  state  to  surface  input.  These  are  open- 
loop  or  unaugmented  aircraft  transfer  functions.  The 
results  are  compared  with  known  aircraft  data  developed  by 
General  Dynamics  such  as  longitudinal  static  stability  and 
dutch  roll  damping  at  each  flight  condition. 

Since  linear  transformations  do  not  change  a  system's 
characteristic  equation,  this  provides  a  general  test  of 
each  transformation  in  the  development  of  the  desired  state- 
space  model.  In  addition,  the  transformations  are  hand 
calculated  for  one  case  and  used  to  check  each  computer 
operation.  The  actual  sequence  consists  of  using  the  CAT 
program  to  go  from  nondimensional  coefficients  to  dimensional 
body  axis  "primed"  derivatives  for  the  A  matrix.  The  system 
states  available  at  this  point  are  shown  below. 
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The  A  matrix  is  then  augmented  to  include  the  actu¬ 
ator  states  assuming  a  first-order  actuator.  The  state 
vectors  are  now 


This  system  is  then  transformed  to  include  accelerations  at 
the  center  of  gravity  as  previously  discussed  and  finally 
transformed  to  acceleration  at  the  pilot's  station.  The  last 
transformations  have  replaced  angle  of  attack  and  sideslip 
with  longitudinal  and  side  acceleration.  Both  angle  of 
attack  and  sideslip  are  important  parameters  to  monitor  in 
maneuvering  flight.  To  allow  this,  two  new  equations  are 
added  that  express  alpha  and  beta  as  a  combination  of  the 
existing  states.  The  final  resulting  state  vectors  are 


shown  below. 


^  V.v  *•  V  r.‘  .t*  •>  >>  A  . 


x( Long . )  = 


x(Lat.-Dir.)  = 


(2.55) 


The  TOTAL  program  is  employed  to  perform  the  above  trans¬ 
formations.  System  transfer  functions  are  checked  after 
every  transformation.  The  transformations  can  be  combined 
to  simplify  the  effort.  This  is  also  done  for  each  of  the 
other  flight  conditions.  Finally,  prior  to  design,  the 
state  model  is  altered  to  provide  the  states,  inputs,  and 
outputs  in  convenient  units.  Accelerations  are  expressed 
in  "g"  units;  rates  are  given  in  degrees  per  second;  angles 
and  surface  deflections  are  in  degrees;  and  velocities  have 
units  of  feet  per  second.  Transformation  to  zero-B2  form 
is  accomplished  and  results  in  the  following  set  of  states. 


IV .  Philosophy  and  Details  of  the 


Design  Method 

Requirements 

The  following  requirements  must  be  satisfied  in 
applying  the  design  method: 

1.  The  number  of  inputs  must  equal  the  number  of 

outputs . 

2.  The  system  must  be  controllable  and  observable. 

3.  All  transmission  zeros  must  be  stable. 

4.  Integral  plus  proportional  control  is  applied 
to  all  forward  loop  signals. 

Each  of  these  requirements  is  considered  in  detail  in  the 
following  paragraphs. 

Inputs  and  Outputs 

The  "inputs"  refer  to  the  number  of  controls  that 
can  be  commanded  to  alter  the  aircraft's  states.  These  are 
inputs  to  the  aerodynamic  (plant)  model.  For  the  AFTI/F-16 
longitudinal  case,  the  inputs  consist  of  the  flaperon  and 
the  horizontal  tail  (elevator)  surface  positions.  For  the 
lateral-directional  case,  they  are  the  canard,  aileron  and 
rudder  surface  positions.  These  are  designated  by  the  u 
vector  in  the  system  equation.  The  "outputs"  are  the  vari¬ 
ables  contained  in  the  y  vector  and  are  the  responses  which 
are  to  be  controlled.  The  outputs  can  be  states  of  the 
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system  or  linear  combinations  of  states.  For  this  study, 
two  sets  of  outputs  for  the  longitudinal  axis  are  considered. 
The  first  set  is  angle  of  attack  and  pitch  rate.  The 
second  set  consists  of  normal  acceleration  at  the  pilot's 
station  and  pitch  rate.  The  lateral-directional  outputs  are 
chosen  to  be  side  acceleration  at  the  pilot's  station,  roll 
rate,  and  yaw  rate.  An  explanation  of  this  selection  is 
given  in  the  design  procedure  section. 

For  each  aircraft  response  that  is  to  be  independently 
controlled,  a  separate  surface  must  be  available.  This  is  a 
requirement  for  a  decoupled  response  and  is  independent  of 
the  design  method.  For  a  conventional  pull  up,  only  one 
surface  is  employed,  the  elevator,  and  the  pilot  has  inde¬ 
pendent  control  of  one  aircraft  state,  normal  acceleration. 

The  angle  of  attack  and  pitch  rate,  which  are  developed, 
are  directly  related  to  the  normal  acceleration  being 
commanded.  In  order  to  independently  control  both  accelera¬ 
tion  and  angle  of  attack  for  a  decoupled  response  such  as 
Direct  Lift,  the  use  of  an  additional  control  surface,  the 
flaperon,  is  required.  A  direct  lift  force  can  be  developed 
with  the  flaps  without  rotating  the  aircraft,  since  the 
moments  generated  by  the  flaps  are  balanced  by  the  elevator. 
Thus,  to  enable  control  of  two  outputs  (responses),  two 
inputs  (surfaces)  are  required.  This  holds  true  for  the 
multivariable  techniques  employed  in  this  thesis.  The  pro¬ 
cedure  for  selection  of  the  proper  commands  for  each  control 


parameter  in  order  to  perform  specified  maneuvers  is  dis¬ 
cussed  in  detail  later  in  the  chapter. 


Controllability  and  Observability 

Controllability  and  observability  are  properties 
of  the  state-space  representation  of  a  system.  Controlla¬ 
bility  implies  that  the  inputs  can  affect  each  mode  of  the 
system.  For  a  time  invariant  linear  system,  controllability 
can  be  checked  by  evaluating  the  rank  of  the  controllability 
matrix  M  (Ref  11)  where 


Rank  M  =  Rank  [  B  AB 

C  " 


An-1B  ]  =  n 


Observability  implies  that  the  outputs  are  affected 
by  every  mode.  It  also  implies  that  the  effects  on  the  out¬ 
puts  of  one  state  variable  can  be  distinguished  from  the 
effects  of  other  state  variables.  For  a  time  invariant 
linear  system,  this  property  can  be  determined  by  evaluating 
the  rank  of  the  observability  matrix  M  ,  (Ref  11)  where 

Rank  Mq  =  Rank  [  CT  ATCT  ...  A  (n_1)CT  ]  =  n 


Controllability  and  observability  are  evaluated  for 
each  design.  This  is  accomplished  by  employing  the  CESA 
(Ref  12)  computer-aided  design  package  available  as  an  AFIT 
program  on  the  CDC6600  system.  In  cases  where  the  criteria 
are  not  met,  the  system  model  is  redefined  until  controlla¬ 
bility  and  observability  are  achieved.  The  majority  of  the 
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cases  under  investigation  are  found  to  be  controllable  and 
observable . 

Transmission  Zeros 

As  discussed  in  Chapter  III,  transmission  zeros  of 
the  system  are  considered  as  regions  toward  which  system 
roots  migrate  with  increasing  gain.  As  gain  approaches 
infinity  or  sampling  time  approaches  zero,  the  affected 
roots  asymptotically  approach  the  transmission  zero  loca¬ 
tions.  Output  feedback  does  not  alter  transmission  zeros. 

In  the  strictest  sense,  it  is  desired  that  all  such  zeros 
be  stable  in  order  to  insure  system  stability  with  high  gain. 
Such  a  selection  does  not  guarantee  stability  for  all  system 
gain  values  since  the  locus  of  system  roots  may  journey  into 
the  unstable  region  before  arriving  in  the  vicinity  of  the 
transmission  zeros.  Thus,  for  stable  transmission  zeros, 
stable  operation  is  only  assured  for  gain  values  approaching 
infinity.  A  controller  design  for  a  system  with  unstable 
transmission  zeros  can  be  developed  with  these  techniques, 
but  in  such  cases  an  upper  gain  boundary  is  established  to 
prevent  system  roots  from  moving  into  the  unstable  region. 
Thus,  the  restriction  is  not  absolute;  however,  failing  to 
meet  it  does  impose  additional  design  considerations. 

For  irregular  designs,  when  CB  does  not  have  full 
rank,  additional  transmission  zeros  are  introduced  by  the 
measurement  matrix  M.  These  can  be  altered  by  changing  the 
matrix  elements.  If  the  measurement  matrix  is  very  sparse, 


the  location  of  the  additional  transmission  zeros  in  the 
s-plane  is  the  inverse  of  the  values  of  the  elements  in  the 
measurement  matrix.  Thus,  a  0.25  element  in  the  measurement 
matrix  produces  a  transmission  zero  at  -4.0  in  the  s-plane. 
This  simple  relationship  breaks  down  as  the  number  of 
measurement  matrix  elements  increases.  Reference  9  provides 
a  guide  to  the  selection  of  the  measurement  matrix.  A  com¬ 
puterized  method  to  directly  calculate  the  transmission  zero 
locations  is  developed  using  equations  from  Reference  6  and 
macro  programming  of  TOTAL .  The  program  is  discussed  later 
in  the  report  and  is  listed  in  Appendix  E. 

At  this  point  the  concept  of  global  stability  is 
considered,  and  its  influence  in  the  design  method  examined. 
Global  stability  or  "bounded  input-bounded  output"  stability 
implies  that  for  any  and  all  bounded  inputs  to  a  system,  the 
outputs  are  also  bounded.  Because  of  the  assumptions  made  in 
the  equation  development,  controlling  angular  rate  and 
acceleration  results  in  the  existence  of  a  transmission  zero 
at  the  origin.  This  is  one  of  the  major  reasons  previous 
efforts  have  not  pursued  rate  or  acceleration  controllers. 

As  discussed  previously,  controllers  of  this  type  are  desired 
for  fighter  aircraft,  and  classical  experience  shows  that 
such  designs  perform  very  well.  The  question  that  must  be 
answered  is, "Is  global  stability  necessary?”  By  carefully 
considering  the  dynamics  of  a  maneuver,  the  answer  is  a 
resounding  no.  For  example,  the  transmission  zero  at  the 


origin  results  in  an  unbounded  pitch  attitude  (0)  response 
for  a  bounded  pitch  rate  (q)  input.  This  is  exactly  what  is 
sought.  For  the  simplified  equations,  the  pitch  angle  is 
the  integral  of  pitch  rate,  and  thus  a  pitch  rate  step  com¬ 
mand  should  cause  the  pitch  angle  to  ramp  to  infinity.  For 
all  other  conceivable  inputs,  this  is  the  only  "unbounded 
output."  The  integration  due  to  a  pole  located  exactly  at 
the  transmission  zero  causes  the  unbounded  output  and  is 
both  predictable  and  desirable.  In  conventional  fighter 
aircraft,  a  step  change  or  bounded  output  of  pitch  attitude 
is  manually  obtained  by  the  pilot  developing  a  pitch  rate 
and  then  reducing  it  to  zero  through  the  use  of  a  pulse 
input . 

In  conclusion,  for  this  application  to  the  aircraft 
control  problem,  a  transmission  zero  at  the  origin  is  not 
only  acceptable  but  highly  desirable.  The  system  is  con-. 
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sidered  conditionally  stable,  and  such  stability  is  appro¬ 
priate  for  the  designs  under  study.  In  all  cases,  any  insta¬ 
bility  encountered  during  the  design  work  is  investigated  to 
define  its  cause.  Also,  gain  and  phase  margins  are  estab¬ 
lished  for  the  system  which  must  be  met  both  analytically 
and  by  test  of  the  actual  implementation.  This  approach 
is  used  for  classical  designs,  and  the  military  specification 
governing  control  system  design,  MIL-F-9490D,  establishes 
such  margins  for  a  system.  Those  margins  are  adopted  for 
use  in  this  investigation. 
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It  is  of  interest  to  consider  "guaranteed  stability." 
Much  has  been  said  in  the  literature  about  control  design 
methods  that  guarantee  stability.  If  a  set  of  conditions  is 
met,  then  the  system  is  always  stable.  Such  a  guarantee  has 
been  espoused  as  a  major  advantage  for  designs  developed  by 
linear  quadratic  methods  (either  the  deterministic  LQR  or 
the  nondeterministic  LQG  approach).  In  these  approaches, 
the  stability  is  "guaranteed"  only  for  full  state  feedback. 
Such  full  state  feedback  is  almost  impossible  to  implement. 
States  not  contributing  significantly  to  the  response  are 
generally  eliminated  to  arrive  at  a  practical  design.  In 
addition,  a  model  of  the  process  to  be  controlled  is  devel¬ 
oped  for  design.  As  long  as  the  model  and  process  are 
exactly  the  same,  and  assuming  full  state  feedback,  stability 
is  guaranteed.  For  aircraft  applications,  such  models  are 
only  approximations  to  the  real  aircraft.  Stability  is  not 
guaranteed  for  processes  which  do  not  exactly  match  the 
design  model. 

Early  in  a  design  cycle,  such  "guaranteed  stability" 
is  useful  since  the  engineer  does  not  have  to  continually 
check  stability  margins  for  each  proposed  concept.  However, 
at  this  point  the  models  are  usually  very  simple,  and  an 
evaluation  of  stability  is  not  a  difficult  task.  Later  in 
the  cycle,  when  the  full  plant  is  considered  with  its 
inherent  nonl ineari t ies,  stabi 1 i ty  checks  must  be  made 
irrespective  of  any  implied  guarantee.  The  advantage  of 


guaranteed  stability  is  more  an  academic  nicety  than  a 
practical  design  benefit.  For  any  realistic  flight  control 
application,  gain  and  phase  margins  are  specified,  and  testing 
is  accomplished  to  prove  compliance. 

Integral  Plus  Proportional  Compensation 

The  requirement  of  integral  plus  proportional  con¬ 
trol  on  all  forward  loops  is  not  considered  a  severe 
restraint.  In  fighter  aircraft  applications,  integral  plus 
porportional  compensation  is  generally  used  in  the  pitch 
axis  for  the  primary  variable  controlled  by  the  pilot.  For 
aircraft  such  as  the  F-16,  this  variable  is  normal  accelera¬ 
tion.  Pitch  rate  and  angle  of  attack  are  fed  back  to  tailor 
the  response  and  to  augment  stability.  Their  values  are  not 
directly  commanded  by  the  pilot.  The  relationship  between 
pitch  rate,  angle  of  attack,  and  acceleration  varies  with 
flight  condition.  This  variation  is  natural  for  a  pilot  and 
provides  a  cue  to  his  operating  point  in  the  flight  envelope. 
Thus,  use  of  integral  plus  proportional  compensation  is 
generally  not  necessary  for  these  feedbacks.  In  the  roll 
axis,  a  roll  rate  command  system  is  used,  but  the  response 
to  a  pilot  input  changes  with  flight  conditions.  Again, 
this  variation  is  generally  very  natural  for  the  pilot,  and 
such  compensation  is  not  needed. 

In  redundant  control  systems,  the  integrators  must 
be  equalized.  Consider  the  F-16  again  as  an  example.  The 
pitch  axis  has  four  separate  but  identical  control  channels 


with  exactly  the  same  feedbacks.  Four  integral  plus  pro¬ 
portional  networks  exist  in  the  path  from  pilot  input  to 
surface  command;  however,  due  to  the  signal  selection 
method,  multiple  duplicates  of  only  one  channel  are  actually 
controlling  the  aircraft.  The  others  are  active  and  provide 
comparison  signals  with  the  ability  to  instantaneously  take 
over  control  in  the  event  of  a  failure.  With  such  an 
arrangement,  only  one  of  the  integrators  can  actually  drive 
its  input  to  zero  by  matching  the  aircraft's  response  to  the 
pilot's  command. 

Although  all  the  channels  are  trying  to  provide  the 
same  control,  tolerance  differences  in  the  components  in  each 
channel  cause  the  signals  to  be  slightly  different.  The 
inputs  to  the  three  integrators  that  are  not  in  direct  con¬ 
trol  never  go  completely  to  zero. 

With  a  constant  input ,  these  integrators  ramp  to 
infinity.  In  real  applications,  they  simply  saturate.  The 
solution  of  the  dilemma  is  to  have  the  integrators  equalize 
one  another.  Such  equalization,  although  necessary,  adds 
complexity.  It  also  creates  points  in  an  otherwise  separated 
system  where  failures  can  be  propagated  from  one  channel  to 
another . 

Thus,  the  addition  of  integral  plus  proportional 
compensation  where  it  is  not  entirely  necessary,  increases 
complexity,  and  may  endanger  redundancy.  Only  through  more 
complexity  and  a  substantial  amount  of  additional  testing 


can  the  integrity  of  the  redundant  system  be  preserved.  As 
noted  above,  use  of  the  compensation  on  all  forward  control 
paths  can  remove  useful  cues  from  the  pilot  relating  to 
flight  condition  by  forcing  the  steady-state  response  to 
equal  the  command. 

When  decoupled  operation  is  desired,  the  addition  of 
integrators  to  the  forward  paths  is  highly  desirable.  This 
is  because,  in  such  decoupling,  several  parameters  must  be 
exactly  controlled.  The  use  of  integral  plus  proportional 
compensation  on  each  forward  signal  path  insures  that  the 
specified  values  commanded  are  reached  in  steady  state. 

Unfortunately,  the  decoupled  capabilities  are  only 
auxiliary  flight  modes  that  aid  in  certain  specific  tasks. 
They  are  limited  in  authority  and  do  not  replace  conventional 
controls,  only  augment  them.  For  this  reason,  the  require¬ 
ment  for  integral  plus  proportional  compensation  on  all  feed 
forward  paths  may  be  a  disadvantage. 

A  Design  Procedure 

A  procedure  for  developing  a  design  is  established, 
based  on  the  efforts  in  this  thesis.  The  basic  steps  in 
this  procedure  are  outlined  below  and  are  then  discussed 
in  detail. 

1.  Formulate  the  aircraft  design  model  into  the 
proper  format. 

2.  Validate  the  model. 


3.  Select  the  outputs  to  be  controlled  and  the 


feedback  signals  that  are  required. 

4.  Check  controllability  and  observability. 

5.  Calculate  the  transmission  zeros  and  select  the 
measurement  matrix. 

6.  Estimate  the  maximum  maneuvers. 

7.  Scale  gains  for  stable  response. 

8.  Vary  weighting  matrix  elements  for  desired 
responses  and  to  meet  control  input  restraints. 

9.  Adjust  proportional  plus  integral  gain  for 
timely  steady-state  behavior. 


The  Aircraft  Model 

Chapter  II  covers  the  formulation  of  an  aircraft 
model  in  state  space  format  necessary  for  this  design  appli¬ 
cation.  It  also  covers  the  methods  used  to  validate  the 
model.  These  are  two  extremely  important  and  usually  error 
prone  steps  in  the  design  process.  Time  spent  in  developing 
a  controller  design  is  wasted  effort  if  the  model  for  the 
plant  is  not  an  adequate  representation.  Each  step  in  the 
model  development  must  be  checked  and  rechecked  for  accuracy. 
Automated  methods  are  extremely  useful  in  actual  design 
efforts  since  multiple  point  designs  at  a  number  of  flight 
conditions  are  accomplished.  The  model  development  for  each 
of  these  points  is  usually  very  similar.  However,  such 
programs  must  themselves  be  adequately  validated. 
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Output  Feedback  Choices 

Selection  of  the  outputs  to  be  commanded  and  the 
feedbacks  to  be  used  is  dependent  on  three  main  items: 

1.  Pilot  interface  requirements. 

2.  Reliability  and  redundancy  considerations. 

3.  Practicality  of  measuring  the  feedback  signals 
required. 

In  the  early  design  stage,  selection  of  feedback  signals  is, 
at  times,  an  arbitrary  decision.  Such  decisions  can  have  a 
dramatic  impact  on  cost,  complexity,  and  the  reliable 
operation  of  the  resulting  system  when  it  enters  production. 
Use  of  easily  obtained  reliable  signals  is  recommended. 


Checking  the  System  Properties 

Controllability  and  observability  are  checked  for 
both  the  open-loop  aircraft  and  the  closed-loop  design  model 
prior  to  performing  design  variations.  This  is  another  area 
prone  to  error  due  to  the  tedium  of  performing  operations  on 
matrices  with  realistic  elements.  Automation  can  signifi¬ 
cantly  reduce  the  computational  burden.  The  CESA  program 
available  as  an  AFIT  Library  program  is  used  throughout  this 
investigation  to  check  controllability  and  observability. 


Transmission  Zeros  and  the  M  Matrix 

The  selection  of  measurement  matrix  elements  and  the 
calculation  of  transmission  zeros  are  steps  that  are  inter¬ 
related  in  the  design.  An  Initial  selection  is  made  for  the 


• .  V  .  ‘.S'.-  -  -  .•  •  •  -  •  ••  -j.  •  -  ■ .  • .  -  -  -  ■  ■ .  ■  -  •  ■ 


measurement  matrix  elements  using  data  from  Reference  6 
and  from  previous  study  efforts.  The  transmission  zeros 
are  then  calculated.  Based  on  their  locations,  refinement 
of  the  measurement  matrix  elements  is  made.  In  some  cases, 
unstable  transmission  zeros  that  are  not  created  by  the 
measurement  matrix  can  be  removed  by  redefining  the  C  output 
matrix.  The  calculation  is  performed  using  the  matrix 
methods  of  the  TOTAL  interactive  program  available  at  AFIT. 

A  Macro  program  called  AKEY  is  employed  on  TOTAL  when  the 
B  matrix  of  the  state  equation  is  in  the  ”zero-B2"  format 
shown  at  the  top  of  Table  2  .  After  the  system  matrices 
are  stored,  AKEY  requires  only  the  entering  of  the  measure¬ 
ment  matrix  elements  for  each  trial  calculation  of  transmis¬ 
sion  zeros.  The  equation  implemented  for  irregular  designs 
is  shown  below: 


-1, 


-t  =  '-I  ,  -11  +  -12-2  -l'  0 

n- it 


(4.1) 


For  regular  designs,  the  same  program  is  used  except  that 
and  C2  are  entered  in  place  of  F^  and  F2,  respectively. 

A  zero  matrix  of  size  n -Z  by  Z  is  entered  for  the  measure¬ 
ment  matrix.  The  program  for  TOTAL  can  be  quickly  created 
and  kept  on  a  permanent  computer  file  for  access  throughout 
the  design.  A  listing  of  the  Macro  steps  is  given  in 
Appendix  E.  An  alternate  program  called  ZERO  is  also  avail¬ 
able  for  determining  transmission  zeros,  but  has  not  been 
completely  debugged  (Ref  13). 


For  the  first  design  attempt,  the  a,  £  and  e 
parameters  are  set  to  one  in  MULTI.  In  almost  all  cases, 
this  results  in  an  unstable  system.  The  gain  is  then 
reduced  by  decreasing  e  until  stable  operation  is  obtained. 
For  those  cases  that  are  initially  stable,  gain  is  increased 
until  the  instability  point  is  found.  The  gain  is  then 
reduced  by  the  required  margin. 

Initial  design  attempts  using  the  techniques  of 
Professor  Porter  usually  result  in  systems  that  respond 
rapidly  to  commands.  The  quickness  of  the  response  may 
require  large  control  surface  deflections  and  excessive 
surface  rates.  Therefore,  the  design  must  be  modified.  The 
control  surface  limits  for  the  AFTI/F-16  are  shown  in 
Table  3. 

Table  3 

Surface  Position  and  Rate  Limits 


Surface 

Position  Limit 
(deg) 

No  Load  Rate  Limit 
( deg/sec ) 

Elevators 

±25 

60 

Flaperons 

±20 

52 

Rudder 

±30 

120 

Canards 

±27 

100 

Maximum  Maneuver  Estimates 

To  stay  within  position  limits,  a  method  based  on 
maximum  commands  is  developed.  At  each  condition,  the  maxi¬ 
mum  maneuvers  that  can  be  commanded  are  estimated.  These 
estimated  maximum  maneuvers  are  used  as  inputs,  and  individual 
weighting  matrix  elements  are  varied  until  less  than  maximum 
surface  positions  are  reached.  The  weighting  matrix  elements 
are  also  adjusted  (ratioed  with  respect  to  one  another)  at 
the  same  time  to  provide  the  type  of  responses  desired. 

Then,  the  proportional  plus  integral  ratio  (1/a)  is  adjusted 
so  that  steady-state  behavior  is  reached  within  a  desired 
time . 

Maximum  capability  for  conventional  maneuvers  may 
be  limited  by  structural  ability,  pilot  physiological  con¬ 
straints,  control  authority  or  departure  limits.  Table  4 
lists  the  maximum  longitudinal  and  roll  commands  used  in 
the  thesis. 

Table  4 

Maximum  Command  Estimates 


Flight 

Condition 

Axis 

( units ) 

Mach 

Altitude  ( f t ) 

Pitch  (g) 

Roll  (deg/sec) 

0.2 

30 

+  3.1 

150 

0.6 

30000 

+4. 7 

300 

0.9 

20000 

+9.0 

300 

1.2 

30000 

+  8.5 

210 

CCV  maneuvers  are  limited  by  the  direct  force  capa¬ 
bility  of  the  control  surfaces.  To  develop  the  CCV  maximum 
estimates,  the  equations  of  motion  are  solved  for  each 
maneuver  of  interest.  Longitudinal  authority  is  limited  by 
the  maximum  deflection  of  the  symmetric  flaperons  for  both 
the  direct  lift  and  pitch  pointing  modes.  In  the  lateral- 
directional  modes,  the  canard  deflection  sets  the  maximum 
sideforce  capability  while  the  rudder  deflection  limit 
establishes  the  maximum  yaw  pointing  capability.  For  the 
translational  modes,  a  velocity  is  produced  by  developing  a 
direct  force  and  then,  after  an  established  time,  reducing 
the  force  to  zero.  Thus,  the  maximum  translational  capa¬ 
bilities  are  determined  by  the  integral  of  the  direct  forces. 
Since  the  time  for  direct  force  to  be  commanded  is  an  arbi¬ 
trary  design  selection,  maximum  estimates  for  translation 
are  not  shown.  The  solution  of  the  system  of  equations  for 
the  CCV  maximum  estimates  is  found  at  each  flight  condition. 
Table  5  is  a  compilation  of  the  results. 

The  input  commands  are  very  closely  tracked  by  the 
controllers  developed  using  this  design  method.  For  step 
inputs,  the  control  surfaces  are  commanded  instantaneously 
to  maximum  deflection.  This  would  result  in  rate  limiting 
in  any  actual  implementation.  Inclusion  of  an  actuator  model 
reduces  the  surface  rates,  but  not  to  values  within  accept¬ 
able  limits.  Rates  are  kept  below  the  limit  by  slowing  down 
the  input  command.  It  is  recommended  that  this  be 


accomplished  by  placing  a  first-order  lag  in  each  command 
input  path-  Output  from  the  lag  device  is  a  continuous, 
well-behaved  function  that  the  controller  tracks  with  good 
accuracy.  This  approach  is  used  in  classical  designs  pres¬ 
ently  being  flown.  The  lag  or  "pilot  command  prefilter" 
does  not  interfere  with  the  closed-loop  stability  but  matches 
the  aircraft's  response  to  the  pilot's  response.  Time 
delays  from  1/4  second  to  1/10  second  are  generally  used. 
Higher-order  filters  can  be  used,  but  they  tend  to  increase 
phase  lag  at  higher  frequencies.  As  discussed  in  Chapter  V, 
it  is  beneficial  to  keep  the  phase  lag  as  low  as  possible 
from  such  a  filter  in  order  to  reduce  pilot  workload. 

The  MULTI  computer-aided  design  program,  at  the  time 
of  this  research,  does  not  have  the  ability  to  handle  fil¬ 
ters  on  the  command  inputs  to  the  controller.  In  work  on 
a  related  thesis,  a  method  has  been  developed  to  represent 
command  inputs  as  ramp  hold  waveforms  (Ref  14).  The  ramp 
hold  input  is  used  to  approximate  an  input  prefilter  by 
slowing  down  the  command  and  providing  acceptable  surface 
rates.  This  is  not  a  one-to-one  relationship  since  rates 
are  also  affected  by  feedback  signal  However,  the  tech¬ 
nique  does  result  in  acceptable  surface  rates  and  output 
responses.  The  time  duration  for  the  ramp  is  calculated 
from  the  maximum  surface  position  divided  by  the  maximum 


surface  rate. 


Gain  Scaling  and  the  Weighting  Matrix 

Initially,  responses  are  obtained  for  a  given  design 
to  a  maximum  step  input,  and  the  surface  rates  are  examined. 
The  surface  with  the  highest  rate  is  used  to  establish  the 
ramp  time  for  the  input.  Then  interactive  fine  tuning  is 
performed  to  establish  the  fastest  ramp  that  provides  sur¬ 
face  rates  below  the  specified  limits.  The  same  ramp  is 
used  for  all  inputs. 

Weighting  matrix  elements  are  varied  to  develop  the 
desired  time  responses.  After  selection  of  the  matrix 
elements,  rate  and  position  limits  are  again  checked  and 
iterated  to  result  in  a  system  that  meets  the  requirements 
and  provides  the  desired  response. 

At  this  point  in  a  design  attempt,  it  is  very  useful 
to  understand  the  designation  of  the  elements  in  the  gain 
matrices.  With  such  knowledge  during  the  gain  iteration 
step,  it  is  possible  to  trace  an  undesirable  response  to  its 
cause  or  to  correct  surface  saturation  problems  with  minimal 
impact  on  performance. 

Figure  10  illustrates  the  element  designation  for  the 
two  input-two  output  longitudinal  AFTI  design,  i.e.: 
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tudinal  Two  Input— Two  Output  Controller  Block  Diagram 
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(4.3) 


Feedback  number  one  is  the  longitudinal  acceleration  at  the 

pilot's  station,  A  ,  and  feedback  number  two  is  pitch  rate. 

P 

The  elevator  surface  position  is  determined  by  the  equation: 

6e  *  {  (Ar  error)CP11)}  +  (/(A^  errorXI^)} 
cmd  p  p 

+  {(q  error)(P12)}  +  {/( q  error)(I12)}  (4.4) 


Integral  Plus  Proportional  Adjustment 

The  proportional  plus  integral  ratio  is  adjusted 
until  the  system  reaches  the  desired  steady-state  value  in 
the  time  required.  It  is  important  to  realize  that  the  a 
parameter  in  MULTI  is  the  inverse  of  the  ratio  of  integral 
to  proportional  gain.  As  shown  in  Chapter  III: 

Kq  -  a  e  IF2B2]-1Z  (4.5) 

and 

Kx  -  e  [F2B2]_1E  (4.6) 
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Varying  a  directly  affects  the  proportional  gains 
and  system  stability.  What  is  actually  desired  is  to  hold 
the  proportional  gains  constant  while  varying  the  integral 
gains  to  improve  steady-state  response.  The  method  developed 
is  to  select  the  ratio  of  proportional  to  integral  gain  by 
varying  the  3T  parameter  and  then  modifying  the  gain  matrix 
to  return  to  the  original  proportional  gain.  This  becomes 
a  time-consuming  process  and  can  be  eliminated  by  altering 
MULTI  to  move  the  parameter  into  the  equation  for  the  inte¬ 
gral  gains. 

Gain  and  Phase  Margins 

Although  not  actually  listed  as  part  of  the  design 
method,  gain  and  phase  margins  must  be  checked  for  any 
design.  In  real  applications,  there  is  no  "guaranteed" 
stability.  The  model  used  in  a  design  is,  as  the  name 
states,  just  a  model  of  the  aircraft.  All  the  inputs  and 
states  of  the  aircraft  are  never  included  in  any  design 
model.  Aeroelastic  interactions,  gust  disturbances,  and 
nonlinear  characteristics  of  the  aircraft  or  control  system 
can  all  result  in  unexpected  instabilities. 

The  only  guarantee  is  that  produced  by  requiring  a 
margin  be  established  and  to  base  the  margin  on  the  best 
estimate  of  the  uncertainties  in  the  model.  The  military 
flight  control  design  specification  establishes  such  margins 
for  systems  being  developed.  The  table  below  is  extracted 
from  Reference  15.  One  of  the  easier  methods  to  check  gain 


Table 


cl  P  O 
O  -H 
<D  O  +-> 
JS  u  o 


Op  O 
CO  I 
<u  i-t  c 
CO  ^  o 

C  03  -H 
O  -M  +■> 

ao  n 

03  ctf  3 
03  O' 
h  d  O 
<-* 

o  o  o 
+->  y  £ 

CO  -r.  Cl 
d  -j  c 

f-i  -J!  >> 

a;  ci  ■ a 

O  r- 
(H  o  CO 
CL)  c  u 
d  S-  fe. 

li 

o  d  *-> 


-c->  -a  rt 
O  0) 
d  J3  TJ 

s*  y 

d  i— < 

jy  y  c 
y  x  3 
y  o 
<  ~  y 


Table  6  (continued) 


and  phase  margins  is  to  use  frequency  domain  analysis 
methods  (Bode  plots  or  Nyquist  plots).  These  are  not  pres¬ 
ently  available  within  MULTI  but  may  be  achieved  with  other 
programs  such  as  TOTAL. 

Note  that  the  required  margins  in  Table  6  are 
specified  for  all  aerodynamically  closed  loops  of  the  flight 
control  system.  In  multiple  loop  systems,  variations  are 
made  with  all  gain  and  phase  values  in  the  feedback  paths 
held  at  nominal  values  except  for  the  path  under  investiga¬ 
tion  . 

In  preliminary  designs,  since  structural  mode  data 
may  not  be  available,  a  general  guideline  is  to  use  ±6db  gain 
margin  and  ±45  degrees  phase  margin.  The  specified  gain 
margin  must  be  large  enough  to  account  for:  (1)  uncertain¬ 
ties  in  the  aircraft  model,  and  (2)  system  changes  from  age 
through  the  operating  life.  As  more  testing  is  accomplished 
with  the  aircraft  and  the  uncertainties  are  removed,  the 
margins  may  be  reduced.  In  recent  years,  airframes  have 
become  more  efficient,  being  manufactured  with  less  strength 
and  weight.  At  the  same  time,  control  system  designs  have 
increased  in  authority  and  gain.  This  trend  has  signifi¬ 
cantly  increased  the  possibility  of  adverse  interactions 
between  the  control  system  and  the  structure  ( servoelast ic 
problems).  At  times  such  interactions  include  the  aerody¬ 
namic  feedback  paths  resulting  in  aeroservoe last ic  insta¬ 
bilities  (Ref  21). 


As  a  guard  against  such  instabilities,  it  is  prudent 
to  limit  the  control  system  bandwidth.  Most  structural 
modes  occur  at  higher  frequencies  than  the  functions  of  the 
control  system.  Thus,  once  a  control  bandwidth  is  found 
that  provides  acceptable  performance,  it  is  advisable  to 
provide  gain  attenuation  at  all  higher  frequencies.  Struc¬ 
tural  modes  or  interactions  within  the  control  system  band¬ 
width  must  be  handled  with  either  notch  filters  or  phase 
compensation  techniques. 

For  this  study,  the  ±6db  gain  margin  and  45  degrees 
phase  margin  are  specified.  Bandwidth  limiting  is  seen  as  a 
desirable  characteristic  for  the  system.  This  limiting  is 
accomplished  with  the  actuators.  Compensation  is  not 
allowed  to  counter  the  gain  roll  off  above  the  actuator 
break  frequency  in  order  to  provide  the  desired  bandwidth 
limiting.  Even  with  this  concept,  it  should  be  noted  that 
both  the  F-16  and  the  AFTI/F-16  control  system  designs 
require  the  addition  of  notch  filters  to  alleviate  struc¬ 
tural  interactions. 

As  a  final  note  on  stability  margins,  the  MULTI 
design  package  does  not  provide  a  means  for  altering  individual 
system  gains.  The  elements  of  the  weighting  matrix  change 
all  the  gains  associated  with  each  output  being  fed  back. 
Thus,  to  check  stability,  the  elements  of  the  gain  matrix 
must  be  manually  changed  outside  the  MULTI  program.  Although 
not  difficult,  this  is  a  time-consuming  process.  The 


unavailability  of  frequency  domain  analysis  methods  in  the 
MULTI  package  make  phase  measurements  very  difficult. 

One  method  used  in  actual  on-aircraft  testing  is  to 


insert  a  compensation  element  of  the  form  [1-xs] / [1+ts]  into 
each  loop  being  tested.  The  time  constant  is  increased 
until  divergence  occurs  or  until  the  45  degree  phase  margin 
is  demonstrated.  It  is  desirable  to  include  compensation 
filters  within  the  MULTI  design  package.  Presently,  use  of  this 
approach  requires  regeneration  of  the  aircraft  model  to 
include  the  compensation.  The  model  has  to  be  modified  to 
allow  evaluation  with  this  element  in  each  individual  feed¬ 
back  loop.  This  addition  to  MULTI  can  provide  a  convenient 
means  of  measuring  gain  and  phase  margins.  Only  cursory 
phase  margin  checks  are  accomplished  for  the  designs  due  to 
this  limitation. 

Evolution  of  a  Final  Design 

The  design  procedure  is  illustrated  with  a  simple 
case  in  order  to  develop  an  understanding  of  the  method 
being  applied.  Several  interesting  facts  come  to  light  from 
this  approach.  Many  details  of  the  design  process  are  in¬ 
cluded  in  order  to  show  the  evolutionary  process  which  leads 
to  a  successful  design. 

Trial  1.  The  longitudinal  equations  at  0.9  Mach  and 
20,000  feet  are  considered  first.  By  arranging  the  equations 
with  theta  as  the  first  state  and  by  neglecting  the  drag 


equation,  a  short  period  approximation  is  developed  which  is 
in  the  zero-B2  form: 


a  *  -0.001187  -1.4845  0.9948  a  +  -  0.1492  -0.2249 

q  0.000309  4.2717  -0.7772  q  -24.058  -6.4727 


(4.7) 


The  system  is  controllable  and  observable  with  a  transmission 
zero  at  the  origin.  The  C  matrix  is  created  to  provide  con¬ 
trol  of  angle  of  attack  and  pitch  rate.  The  concept  is  to 
control  pitch  rate  and  longitudinal  acceleration.  Rewriting 
Equation  (2.43) 
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This  method  can  be  applied  to  the  lateral-directional  axes 
giving  a  similar  expression  relating  sideforce  and  yaw  rate. 


A  (g)  = 
yP 

These  two  relationships  are  useful  in  meeting  pilot  inter¬ 
face  requirements  discussed  later  in  this  chapter.  Since 
longitudinal  acceleration  is  directly  related  to  pitch  rate, 
it  is  assumed  that  acceptable  acceleration  results  by  exer¬ 
cising  proper  control  over  pitch  rate. 

An  initial  value  of  one  is  selected  for  71,  E  and  the 
e  elements.  This  results  in  an  unstable  design  as  shown  in 
Figures  11  and  12.  Adjustment  of  the  weighting  matrix 
elements  produces  the  responses  shown  in  Figures  13  and  14. 
In  this  case,  the  design  parameters  are: 


U( ft/sec) 


1845  ■ 


r(deg/sec) 


(4.12) 


1.0 

(4.13) 

1.0 

(4.14) 

0.1  0.0 
0.0  2.35 


(4.15) 


The  inputs  are  step  commands  for  angle  of  attack 
and  pitch  rate.  The  steps  are  not  applied  instantaneously. 
They  are  ramped  in  over  a  0.4  second  time  interval.  The 
interval  is  established  by  the  flaperon  rate  limit  and 


(4.16) 


Ramp  time  = 


rate  limit 
position  limit 


The  steady-state  angle  of  attack  command  is  determined  by 
solving  the  aircraft  equations  for  a  trim  solution  at  the 
desired  acceleration  level.  This  is  a  necessary  calculation 
to  obtain  a  coupled  longitudinal  maneuver  with  this  type  of 
design. 

The  responses  appear  acceptable,  but  two  problems 
are  evident.  First,  the  required  alpha  command  must  be 
computed.  Thus,  pilot  inputs  must  be  converted  into  pitch 
rate  and  angle  of  attack  commands  through  an  aircraft  model 
prior  to  input  to  the  controller. 

Second,  the  flaperons  are  deflecting  in  the  wrong 
direction  in  Figure  14.  The  flaps  are  intended  to  aid  in 
the  maneuver  by  creating  a  positive  instantaneous  direct 
lift.  For  positive  direct  lift  the  flaps  must  be  commanded 
to  a  positive  position.  By  driving  the  flaperon  in  a  nega¬ 
tive  direction,  as  shown,  the  controller  is  rotating  the 
aircraft  as  rapidly  as  possible  to  develop  the  commanded 
pitch  rate  and  angle  of  attack.  The  negative  flaps  are 
decreasing  lift  and  adversely  affecting  acceleration.  This 
appears  to  be  contrary  to  the  intended  operation.  Actually, 
the  controller  designed  is  responding  exactly  as  specified. 
The  step  commands  of  angle  of  attack  and  pitch  rate  are  in 
effect  saying  to  rotate  the  aircraft  rapidly.  This  is 
exactly  what  is  being  achieved. 


Trial  2.  The  problem  is  in  the  concept  of  what 
should  be  happening.  The  concept  assumes  that  by  commanding 
alpha  and  q,  acceleration  is  adequately  controlled,  based 
on  Equation  (4.11).  However,  the  equation  assumes  a  coupled 
aircraft,  and  this  design  method  develops  an  essentially 
decoupled  aircraft.  Care  must  be  exercised  in  selecting  the 
states  to  be  commanded,  and  in  developing  the  proper  rela¬ 
tionship  of  these  commands  to  recoupling  the  aircraft.  The 
other  problem  is  that  the  concept  assumes  for  a  specific  load 
factor  there  is  a  unique  value  for  both  a,  q,  and  the  ele¬ 
vator  position  in  steady  state.  With  two  surfaces,  there 
are  multiple  solutions  to  the  steady-state  trim  problem. 

What  is  actually  desired  is  a  crisp,  well-behaved  step  in 
pitch  rate  and  acceleration  with  a  corresponding  step  in 
angle  of  attack.  What  is  commanded  is  a  quick  step  in  alpha 
and  q  irrespective  of  the  acceleration.  In  other  words,  fast 
rotation  is  commanded  and  provided  by  the  design,  but  it  is 
really  not  desired. 

The  solution  is  to  restructure  the  problem  to 
actively  command  acceleration  and  pitch  rate.  Angle  of 
attack  is  still  important,  and  is  monitored  in  the  responses. 
The  speed  of  response  of  acceleration  and  pitch  rate  deter¬ 


mine  the  resulting  angle  of  attack.  Using  Equation  (2.43) 
and  (2.32),  the  relationship  can  be  defined  by 


n  l 

X  =  — -  ,.x—  u  +■  n 


(4.17) 


In  the  steady  state  q  is  zero,  thus 


This  solution  requires  a  transformation  of  states 
to  obtain  acceleration.  When  performing  the  transformation 
as  outlined  in  Chapter  II,  the  angle  of  attack  state  is 
replaced  by  acceleration  as  a  state.  The  importance  of 
angle  of  attack  must  not  be  overlooked  in  the  design.  Too 
large  a  value  can  result  in  loss  of  directional  stability 
and  departure  from  controlled  flight.  Too  small  an  angle  of 
attack  results  in  the  use  of  a  larger  flaperon  deflection 
than  necessary  to  perform  the  desired  maneuver.  To  allow 
angle  of  attack  to  be  observed  in  the  design  attempts,  it 
can  be  added  as  a  redundant  state  equation  as  outlined  in 
Chapter  II,  although  this  complicates  the  design.  It 
increases  the  dimensions  of  the  system  matrices,  adds  a 
transmission  zero  at  the  origin,  and  results  in  the  addition 
of  a  pole  and  a  zero  at  the  origin  in  the  system  transfer 
function.  An  alternative  is  to  establish  the  proper  C  matrix 
which  produces  an  acceleration  output  as  well  as  an  angle  of 
attack  output.  This  eliminates  the  need  for  augmenting  the 
system  matrix  with  redundant  equations.  MULTI  cannot  pres¬ 
ently  accept  such  a  C  matrix,  since  only  those  outputs  that 
are  commanded  can  be  obtained.  This  is  a  proposed  modifica¬ 
tion  for  MULTI. 


A  design  with  acceleration  as  a  state  is  shown  in 
Figures  15,  16  and  17.  This  illustrates  that  the  same 
undesired  response  is  obtained  if  care  is  not  exercised  in 
selecting  elements  of  the  measurement  matrix.  In  the  case 
shown,  acceleration  can  now  be  observed  and  is  initially 
negative.  This  is  definitely  not  desirable.  It  is  a  result 
of  the  use  of  the  flaps  in  the  wrong  direction  causing  an 
instantaneous  loss  of  lift  as  the  aircraft  rotates.  Rota¬ 
tion  eventually  results  in  an  increase  in  alpha  and  an 
associated  increase  in  lift.  Figures  18  through  20  show 
response  to  a  step  for  the  same  system  with  a  measurement 
matrix  selected  to  be  as  sparse  as  possible.  The  desired 
responses  are  obtained. 

A  cautionary  note  is  provided.  The  maneuvers  shown 
thus  far  are  for  step  commands  approximating  the  maximum 
aircraft  capability.  This  is  not  to  imply  that  the  linear¬ 
ized  perturbation  equations  used  for  the  design  are  accurate 
for  these  maneuvers.  It  is  only  meant  to  give  a  general 
indication  of  the  maximum  surface  rates  and  surface  deflec¬ 
tions  commanded  by  the  controller.  Much  smaller  step 
responses  are  used  to  demonstrate  the  design.  Responses 
with  the  full  equations  of  motion  and  a  lg  corflmand  are 
shown  in  Figures  21  through  25. 

A  pointing  system  is  developed  by  using  the  same 
rate  and  acceleration  commands.  For  fuselage  pointing,  a 
pulse  command  is  input  for  pitch  rate  while  a  zero 


Figure  17.  Surface  Response  of  the  Trial  2 
Design  to  a  9g  Step  Command 
(0.9  Mach  20,000  feet) 


Cop?  ^ 


penult  hi’ I?  ■ 


-  *  TO4 

.  v.‘  v."  .* 


T I  fit  i  SECONDS 


Figure  18.  a  Response  of  the  Desired  Preliminary 
Design  to  a  9g  Step  Command 
(0.9  Mach  20,000  feet) 


Figure  19.  Pitch  Rate  and  Acceleration  Response 
of  the  Desired  Preliminary  Design  to  a  9g  Step 

Command 

(0.9  Mach  20,000  feet) 
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Figure  21.  a  Response  of  the  Desired  Preliminary 
Design  to  a  lg  Step  Command 
(0.9  Mach  20,000  feet) 
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Figure  22.  Pitch  Rate  and  Acceleration  Response  of 
the  Desired  Preliminary  Design  to  a  lg  Step  Command 
(0.9  Mach  20,000  feet) 
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acceleration  command  is  simultaneously  sent  to  the  controller 


Pitch  rate  develops  and  then  reduces  to  zero,  in  the  steady 
state,  while  acceleration  is  held  at  zero.  The  aircraft 
rotates,  developing  an  angle  of  attack,  without  experiencing 
longitudinal  acceleration.  The  aircraft  nose  is  pointed 
upward  without  altering  the  flight  trajectory  (Figures  26 
through  29) . 

With  the  design,  pointing  can  be  accomplished  while 
in  an  accelerated  turn.  For  example,  a  4  "g"  turn  can  be 
commanded  with  the  appropriate  acceleration  and  pitch  rate 
steps.  Pointing  during  the  turn  can  be  accomplished  by 
adding  a  pitch  rate  pulse  on  top  of  the  steady-state  command 
while  keeping  the  acceleration  command  at  its  steady-state 
value.  This  same  technique  is  successfully  applied  in  the 
lateral-directional  axis  to  develop  yaw  pointing.  A  pulse 
yaw  rate  command  is  applied  while  side  acceleration  is  held 
constant . 

A  trade-off  exists  between  speed  of  response  and 
pureness  of  the  maneuver.  As  illustrated  by  Figure  27,  the 
pointing  maneuver  is  not  completely  decoupled,  and  a  small 
amount  of  acceleration  is  generated.  Pointing  can  be  quick¬ 
ened  by  making  the  command  pulse  larger  in  amplitude  while 
reducing  its  duration.  However,  as  larger  pulses  are  com¬ 
manded,  more  acceleration  results.  If  duration  is  not 
reduced,  a  larger  pointing  angle  is  commanded  than  can  be 
generated.  The  surfaces  then  saturate  while  attempting  to 
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Figure  26.  a  Response  of  the  Initial  Pitch  Pointing 
System  to  a  2  deg/sec  Pitch  Rate  Pulse  of 
0.9  sec  Duration 
(0.9  Mach  20,000  feet) 


Figure  27.  Pitch  Rate  and  Acceleration  Response  of  the 
Initial  Pitch  Pointing  System  to  a  2  deg/sec 
Pitch  Rate  Pulse  of  0.9  sec  Duration 
(0.9  Mach  20,000  feet) 


Figure  28.  Surface  Response  of  the  Initial  Pitch 
Pointing  System  to  a  2  deg/sec  Pitch  Rate 
Pulse  of  0.9  sec  Duration 
(0.9  Mach  20,000  feet) 


Figure  29.  Pitch  Angle  and  Velocity  Change  of  the 
Initial  Pitch  Pointing  System  to  a  2  deg/sec 
Pitch  Rate  Pulse  of  0.9  sec  Duration 
(0.9  Mach  20,000  feet) 


satisfy  the  command,  and  thus  decoupling  is  lost.  If  these 
surfaces  are  providing  stability  augmentation,  that  is  also 
lost.  As  can  be  seen  in  Figure  28,  surface  rate  limiting 
is  not  a  problem  for  this  design.  Maximum  Pointing  of  2.7 
degrees  is  achieved  with  a  full  upward  flap  deflection  of 
-20  degrees. 

The  final  design  sets  the  pulse  peak  at  a  point 
determined  by  a  compromise  between  quickness  and  purity. 
Pulse  duration  is  selected  so  that  the  product  of  the  pulse 
peak  and  pulse  duration  does  not  exceed  the  maximum  pointing 
capability.  Proportional  control  of  pointing  is  obtained  by 
varying  the  pulse  value  from  zero  to  this  peak  value  while 
holding  the  pulse  width  constant. 

The  final  lateral-directional  design  results  in  a 
system  in  which  roll  rate,  yaw  rate,  and  side  acceleration 
are  commanded.  The  system  provides  conventional  roll  rate 
response  and  direct  sideforce  control.  Lateral  pointing 
can  be  accomplished  in  the  same  manner  as  employed  for 
longitudinal  pointing.  The  roll  rate  system  requires  fur¬ 
ther  discussion.  The  equation  for  side  force,  including 
the  gravitational  force,  can  be  written  as: 


F  =  m(V  +  Ur  -  pW)  -  gmcos0sin4> 
ycg 


(4.19) 


Dividing  by  m,  multiplying  the  right  hand  side  by  tt  ,  and 

F  u 

y 

letting  A,,  =  — — ^  yields: 

ycg  m 
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(4.20) 


A  ®  U(8  +  r  -  pa  -  £(sin$cos0 ) ) 
ycg  u 

The  desire  is  to  roll  about  the  velocity  vector  without 
developing  a  sideslip  angle  or  side  acceleration  on  the 
aircraft.  Conventionally,  the  method  employed  is  to  feed 
back  an  estimate  of  3  to  the  rudder  so  that  as  the  aircraft 
rolls,  8  is  driven  to  zero.  Equation  (4.20)  is  solved  for 
B: 

Ay 

8  =  — -  r  +  pa  +  j*sin4>cos9  (4.21) 

Using  Equation  (2.34): 

8  ■  — yE-  -  —  * ^ -  r  +  pa  +  ^sin0cos0  (4.22) 

For  steady  state  rolls,  r  is  a  constant  and  r  is  zero; 
therefore 

Ay 

6  =  — ^  -  r  +  pa  +  ^sin<J>cos0  (4.23) 

A 

yD 

8  ~  — ^  -  r  +  pa  (4.24) 

The  approximation  comes  about  in  the  following  way. 

If  the  aircraft  is  simply  rolling,  the  ^jsimfccosQ  term 
should  be  included.  Usually,  rolling  is  a  means  of  develop¬ 
ing  a  desired  bank  angle  to  develop  a  turn.  In  such  cases 
the  longitudinal  lift  force  is  increased  by  the  pilot  to 
hold  altitude  constant  (assuming  a  level  turn).  Thus,  the 


^sin<j>cos9  term  is  exactly  cancelled  by  a  portion  of  the 
lift  force.  In  the  analyses  in  this  thesis,  the  longitudi¬ 
nal  and  lateral-directional  axes  are  decoupled.  Thus, 
there  is  no  way  of  including  that  portion  of  the  lift  force 
into  the  lateral-directional  equations. 

If  the  aircraft  is  rolled  into  a  bank  without 
inclusion  of  the  lift  force,  the  rudder  is  deflected  to 
counter  the  side  acceleration  component  developed  by  the 
gravitational  force.  This  is  not  desired  for  a  turn.  For 
the  investigation  at  hand,  this  poses  a  problem.  How  to 
simulate  a  360  degree  roll  and  a  banked  turn  with  the  equa¬ 
tions  that  have  been  developed?  For  pure  rolling  maneuvers 
such  as  360  degree  rolls,  the  full  equations  should  be  used 
since  generally  no  additional  lift  force  is  developed  to 
counter  the  gravity  term.  However,  the  assumption  that 
sin<}>  =  <J>(radians)  is  used  in  the  equations  developed  for 
the  aircraft  model.  This  assumption  is  used  to  simplify 
the  equations, but  above  a  roll  angle  of  ten  degrees,  it  is 
invalid.  Thus,  for  both  360  degree  rolls  and  turns,  the 
gravity  term  is  dropped  from  both  thr*  g  and  sideforce  equa¬ 
tions  . 

The  controller  developed  for  rolling  response 

commands  the  acceleration  A  to  zero,  roll  rate  to  the 

yp 

desired  level,  and  yaw  rate  to  a  value  developed  by  solving 
Equation  (4.23)  for  r  assuming  3  is  zero. 


r  =  -B  +  pci  +  —qB.  +  ^sin4>cos6  (4.25) 

Ay 

r  =  pa  +  — ^2  +  £sin<f>cos0  (4.26) 


For  turning  flight,  this  becomes: 

A. 


pa  + 


U 


(4.27) 


Assuming  sideforce  is  kept  close  to  zero,  the  Av  term  can 

yP 


be  neglected.  Figures  30  and  31  are  the  results  of  the 
roll  rate  design  for  maximum  inputs  at  0.9  Mach  and 
20,000  feet.  Responses  for  a  10  degree  per  second  command 
at  the  same  flight  condition  are  shown  in  Figures  32  and  33. 


Sideforce  is  developed  by  commanding  A  to  a  con- 

yp 

stant  value  and  roll  rate  to  zero.  Yaw  rate  is  commanded 


to  the  value  developed  using  Equation  (4.12) 


r  = 


1845 


U 


L  J  P 


(4.28) 


A  maximum  sideforce  maneuver  is  commanded  at  0.9  Mach 
20,000  feet  for  this  design  in  Figures  3^"  through  37. 

As  in  the  longitudinal  axis,  sideforce  can  be 
developed  while  the  aircraft  is  in  turning  flight  or  during 
a  combat  maneuver  with  the  design  by  superimposing  those 


commands  over  the  normal  roll  commands. 
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Figure  32.  Sideforce  and  Output  Feedback  Response  of 
the  Initial  Roll  Rate  Command  System  to  a 
10  deg/sec  Pulse 
(0.9  Mach  20,000  feet) 


Figure  33.  Roll  Rate  and  Sideslip  Response  of  the 
Initial  Roll  Rate  Command  System  to  a 
10  deg/sec  Pulse 
(0.9  Mach  20,000  feet) 
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Figure  34.  Yaw  Rate  and  Sideforce  Responses  of  the 
Sideforce  System  to  a  0.8g  Step  Command 
(0.9  Mach  20,000  feet) 


Figure  35.  Sideslip  and  Roll  Rate  Response  of  the 
Sideforce  System  to  a  0 . 8g  Step  Command 
(0.9  Mach  20,000  feet) 


Pilot  Interface 


A  major  design  consideration  for  any  control  system 
is  the  means  by  which  the  pilot  injects  his  commands.  In 
current  fighter  aircraft,  the  pilot  is  usually  flying  with 
one  hand  on  the  stick  and  the  other  on  the  throttle. 

Because  of  the  highly  maneuverable  nature  of  combat  with 
the  associated  high  workload  and  the  criticality  of  fast 
response,  it  is  important  to  provide  complete  control  with¬ 
out  requiring  the  pilot  to  release  either  stick  or  throttle. 
At  last  count,  the  pilot  had  six  functions  to  perform  with 
switches  on  the  throttle  (not  including  thrust  control 
itself)  and  up  to  seven  functions  on  the  stick  in  addition 
to  conventional  pitch  and  roll  control.  It  is  not  practical 
to  add  extra  input  devices  and  expect  anything  but  reduced 
performance . 

The  approach  taken  in  this  study  is  to  preserve  the 
conventional  pilot  control  input  methods.  This  is  accom¬ 
plished  by  an  interface  computation  that  provides  the  digital 
controller  with  the  proper  inputs  for  normal  operation.  In 
all  cases,  these  interface  computations  are  kept  extremely 
simple.  Note  that  in  each  case,  all  inputs  to  the  controller 
must  be  specified.  Two  are  required  for  pitch,  while  three 
are  needed  for  the  lateral-directional  controller.  In  pitch 
control,  the  conventional  stick  input  is  accepted  as  a  "g" 
command,  and  the  two  inputs  needed  by  the  controller  are 
developed  from  Equation  (4.11)  as  shi.  .  in  Figure  38.  In 
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roll,  the  commands  to  the  controller  are  developed  as  illus¬ 
trated  in  Figure  39.  For  sideforce  control,  the  rudder 
pedal  input  is  used  as  illustrated  in  Figure  40.  The 
development  of  a  yaw  rate  input  is  from  Equation  (4.12). 

Roll  and  sideforce  command  methods  can  be  combined 

for  the  lateral-directional  system.  The  zero  input  to  the 

A  command  path,  needed  for  a  roll  rate  response  system, 
yP 

can  be  supplied  by  the  rudder  pedal  transducer  when  no 
force  is  applied  by  the  pilot.  The  same  can  be  said  for 
the  zero  roll  rate  command  for  the  sideforce  system.  The 
zero  input  can  be  provided  by  the  roll  stick  transducer. 

Pointing  is  assumed  to  be  commanded  from  an  auto¬ 
mated  fire  control  system.  However,  manual  control  can  be 
provided  using  a  twist  throttle  for  pitch  pointing  command 
and  switching  the  rudder  pedal  signal  so  that  it  provides 
an  input  to  the  lateral  pointing  system. 

The  complete  control  system  block  diagrams  are 
shown  in  Figures  41  and  42  with  the  pilot  interface  and 
controller  separated  by  the  dot-dash  line.  The  portion  in 
dashed  lines  indicates  the  pointing  system. 

Inst abi 1 i t ies 

As  discussed  in  Chapter  I ,  because  of  the  need  for 
a  controller  that  commands  rates  and  accelerations,  condi¬ 
tional  stability  is  accepted  for  the  designs.  However,  care 
is  exercised  to  identify  all  instabilities  encountered  in 
the  design  process.  Two  general  types  of  instabilities  are 
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Figure  38.  Pilot  Interface  for  the  G-Conunand  System 
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Figure  39.  Pilot  Interface  for  the  Roll  Rate 
Command  System 
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Figure  40.  Pilot  Interface  for  the  Sideforce  System 
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Figure  41.  Block  Diagram  of  Longitudinal  G-Command  System  With  Pilot 
Interface  Addition  and  Including  the  Pitch  Pointing  System 


found.  These  consist  of  a  low  gain  instability  and  a  high 
gain  instability.  The  low  gain  stability  is  seen  in  the 
longitudinal  designs  and  is  the  result  of  having  a  statically 
unstable  aircraft.  As  control  system  gain  is  reduced,  a 
point  is  reached  where  the  unstable  aircraft  reappears; 
adequate  augmentation  is  not  being  provided.  This  estab¬ 
lishes  a  lower  gain  boundary  for  all  subsonic  longitudinal 
designs . 

In  both  longitudinal  and  lateral-directional  designs, 
an  oscillation  is  consistently  encountered  for  high  gains. 

An  example  is  shown  in  Figures  43  and  44.  This  is  the 
longitudinal  design  at  0.9  Mach  and  20,000  feet  with  para¬ 
meters  of  a  =  1.0  ,  e  =  1.0  ,  and  I  elements  equal  to 
one.  Figures  II  and  12  illustrate  the  same  high  gain  insta¬ 
bility  in  the  very  simple  regular  design  discussed  earlier 
in  this  chapter.  It  is  apparent  that  the  instability  occurs 
regardless  of  the  inclusion  of  sensor  or  actuator  dynamics 
or  a  measurement  matrix.  The  observed  frequency  of  the 
oscillation  is  always  a  subharmonic  of  the  sampling  fre¬ 
quency.  Further  investigation  is  warranted  to  enable  the 
setting  of  boundaries  for  such  an  instability.  The  system 
roots  are  checked  and  are  stable  for  the  system  responses 
shown.  The  initial  attempt  of  each  design  generally  results 
in  this  instability.  As  gain  is  reduced,  the  oscillation 
dies  out.  It  is  fortunate  that  this  high  gain  limit  usually 
does  not  compromise  performance  of  the  designs.  The  gain 


reductions  required  to  meet  surface  rate  limit  requirements 
prevent  the  instability.  However,  as  faster  actuators 
become  available,  this  should  be  considered  as  a  limiting 
condition  in  design  performance. 


V.  Evaluation 


Time  Response  Analysis 

For  the  longitudinal  designs,  time  responses  for 
1  g  step  commands  are  presented  for  each  flight  condition 
under  study.  Five  degree  per  second  roll  rate  pulses  are 
used  to  evaluate  the  roll  rate  design.  Maximum  step  com¬ 
mands  are  used  for  the  sideforce  design  demonstrations.  In 
addition,  fuselage  pitch  pointing  is  shown  at  the  0.9  Mach 
20,000  feet  condition  for  a  pitch  rate  step  command. 

The  time  responses  presented  exhibit  the  properties 
desired  of  the  design.  Stability  is  adequate,  and  the  sys¬ 
tem  provides  proper,  fast,  well-behaved  responses.  The  out¬ 
puts  are  free  of  ringing  or  oscillations.  Control  surface 
deflections  are  within  both  rate  and  position  limits  for  all 
maneuvers.  Control  of  body  rates  and  accelerations  is  pro¬ 
vided  using  reliable  feedbacks. 

The  designs  are  established  using  maximum  estimated 
commands  for  each  flight  condition  to  provide  system  gains 
which  do  not  exceed  surface  rate  or  position  limits. 
Responses  for  maximum  commands  are  presented  in  Appendix  C. 
Such  maximum  maneuvers  are  not  meant  to  'imply  that  the  air¬ 
craft  model  is  an  adequate  representation  for  such  large 
commands;  they  are  used  only  to  give  an  indication  of  the 
maximum  acceptable  system  gains  to  prevent  exceeding  hard¬ 


ware  limits. 


Prior  to  each  set  of  resp  ses,  the  design  values, 


controller  gains,  and  measurement  tatrix  elements  are 
specified. 


Design  Data  for  the  G-  >mmand  System 

Flight  Condition:  >.9  Mach  20,000  feet 


T  =  0.02 

a  =  1.0 


NOTE  : 


E  = 


0.1  0.0 
0.0  2.35 


1 

—1 

e  =  : 

L.O 

"0  0 

o  o  o  1 

M  = 

_0  0 

o 

o 

o 

-0.01299 

-0.0 

34 

II 

o 

-1  " 

0.04827 

o 

o 

1 

16_ 

Input  ramp 

time:  0.4  sec 

ds 

Input  commands:  A 

°P 

=  Ig 

tep 

q  = 

pL84 

L  u 

A 

n 

P 

Step 

inputs 

are  ramped  to 

eady 

t  ime . 

This 

time  is  design 

ed 

as 

=  1.977  deg/sec 


given  above. 


Design  Data  for  the  Pitch  Pointing  System 
Flight  Condition:  0.9  Mach  20,000  feet 


NOTE: 


T  =  0.02 


a  =  0.5 


0 

1.0 


s  =  1.0 


M 


0  0  0  0  0 

0  0  0  0  0.1 


*0 


-0.1623  -0.007519" 

0.6034  -0.01067 


-0.3247  -0.01504 

_  1.207  -0 . 02135_ 


Input 

Input 


ramp  time:  0.0  seconds 

command:  A  =0.0 

"p 

q  =  1.0  deg/sec  step 


Step  commands  are  ramped  to  steady  state  over  a 
specified  time.  This  time  is  designated  as  the 
"input  ramp  time”  given  above. 


Design  Data  for  the  Roll  Rate  Command  System 
Flight  Condition:  0.9  Mach  20,000  feet 


T  =  0.02 


a  =  1.0 


10  0 
1=010 


0  0 


e  =  1.0 


0  0  0  0 
M  =  0  0  0  0.25 


0  0  0 


0.25 


0.377  -0.0030510  -0.0120 

Kq  =  Kx  =  1.460  0.0008075  -0.0583 

|_1 . 601  -0.0005162  -0.0287 

Input  ramp  time:  0.4  seconds 


Input  command: 


NOTE: 


A  =0.0 

yp 

p  =  5  deg/sec  pulse  for  3  sec  duration 
r  =  pa  where  a  =  0.0325  radians 


Pulse  inputs  are  ramped  to  a  maximum  value  over  a 
specified  time.  This  time  is  designated  as  the 
input  ramp  time  given  above.  The  input  is  held 
at  a  maximum  value  for  a  duration  time  and  then 
ramped  back  to  zero.  Both  ramp  times  have  the 
same  value. 

Rolls  are  performed  about  the  velocity  vector. 
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Design  Data  for  the  Sideforce  System 
Flight  Condition:  0.9  Mach  20,000  feet 


T  =  0.02 


a  *  1.0 


Z 


"1.0  0  o" 

0  2.3  0 

0  0  1.0 


e  =  1.0 


M 


0  0  0  0  0 

0  0  0  0.25  0 

0  0  0  0  0.25 


0.377 

1.460 

1.601 


-0.007018  -0.0120 

0.001857  -0.0583 

-0.001187  -0.0287 


Input  ramp  time: 
Input  commands: 


0.5  seconds 


A  =  0.8g  step 

yp 

p  =  0 . 0 


1.5816  deg/sec 


Step  inputs  are  ramped  to  steady  state  over  a  speci 
fied  time.  This  time  is  designated  as  the  input 
ramp  time  given  above. 


Figure  48a.  Sideforce  System  Response  to  a  0.8g  Step 
Command  (.0.9  Mach  20,000  feet)  . 


Figure  48c.  Sideforce  System  Response  to  a  0.8g  Step 
Command  (0.9  Mach  20,000  feet) 


Figure  48d.  Sideforce  System  Response  to  a  0.8g  Step 
Command  (0.9  Mach  20,000  feet) 
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Design  Data  for  the  G-Command  System 
Flight  Condition:  1.6  Mach  30,000  feet 


T  -  0.02 


o  -  0.2 


0.045 

0 


e  =  2.5 


M 


0 

0 


0  0  0 
0  0  0 


0 

0. 


1 


*0 


[■ 

[• 


-0.00425 

0.02389 


-0.02125 

0.1195 


-0.01493] 
-0.1084  J 

-0.07464] 
-0.5419 J 


Input  ramp  time:  0.4  seconds 


Input  commands :  =  lg  step 

p  r  -i 

q  =  1  Ar  =  1.159  deg/sec 

l_  -I  np 

NOTE:  Step  inputs  are  ramped  to  steady  state  over  a  speci¬ 
fied  time.  This  time  is  designated  as  the  input 
ramp  time  given  above. 
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Figure  49a.  G-Cornmand  System  Response  to  a  lg  Step 
Command  (1.6  Mach  30,000  feet) 


Figure  49b.  G-Command  System  Response  to  a  lg  Step 
Command  (1.6  Mach  30,000  feet) 
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Design  Data  for  the  Roll  Rate  Command  System 
Flight  Condition:  1.6  Mach  30,000  feet 


T  -  0.02 


a  ■  1.0 


0  0 

1.0  0 

0  1.0 


e  =  1.0 


0 

0 

0 


0  0  0 

0  0.25  0 

0  0  0.25 


5o  ■  5i 


0.8775  -0.006716  -0.02719 
2.0680  0.005948  -0.09214 
1.0260  -0.0002461  -0.02024 


Input  ramp  time:  0.3  seconds 


Input  commands:  A  =0.0 

yP 

p  =  5  deg/sec  pulse  for  3  sec  dura¬ 
tion 

r  =  pa  where  a  =  0.02932  radians 

1.  Pulse  inputs  are  ramped  to  a  maximum  value  over  a 
specific  time.  This  time  is  designated  as  the 

•  input  ramp  time  above.  The  input  is  held  at  a 
maximum  value  for  a  duration  time  and  then  ramped 
back  to  zero.  Both  ramp  times  have  the  same  value 

2.  Rolls  are  performed  about  the  velocity  vector. 


Figure  50e.  Roll  Rate  Command  System  Response  to  a 
5  deg/sec  Pulse  Command  (1.6  Mach  30,000  feet) 
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Copy  available  to  Di'IC  does  not 
permit  fully  legible  reproduction 


Design  Data  for  the  Sideforce  System 
Flight  Condition:  1.6  Mach  30,000  feet 


T  -  0.02 


a  -  1.0 


l 


1.0  0  0 

0  1.0  0 

0  0  1.0 


e  =  1.0 


M 


0  0  0  0  0 

0  0  0  0.1  0 

0  0  0  0  0.1 


0 . 8775 

-0.016790 

-0 

*0  =  = 

2.0680 

0.014870 

-0 

1.0260 

-0.0006154 

-0 

Input  ramp 

time : 

0.5  seconds 

Input  commands: 


0.6g  step 


p  «  0.0 


r  = 


.06799 

.23040 

.05060 


0.7  deg/sec 


Step  inputs  are  ramped  to  steady  state  over  a  specific 
time.  This  time  is  designated  as  the  input  ramp  time 
given  above. 


Design  Data  for  the  G-Command  System 
Flight  Condition:  0.6  Mach  30,000  feet 


T  =  0.02 


a  -  1.0 


z  =  r°*02  °i 

L  0  l.oj 

£  =  1.0 

m  =  r°  °  °  °  °  ” 

LP  0  0  0  0.167 


-0.00102  -0.04998 

.0.02827  -0.03316 


Input  ramp  time:  0.4  seconds 


Input  commands:  An  =  lg  step 

P 

A  =  3.091  deg/sec 
n 

P 

Step  inputs  are  ramped  to  steady  state  over  a  sped 
fied  time.  This  time  is  designated  as  the  input 
ramp  time  given  above. 


q  * 


1845 


U 


Figure  52c.  G-Command  System  Response  to  a  lg  Step 
Command  (0.6  Mach  30,000  feet) 


Figure  52d.  G-Command  System  Response  to  a  lg  Step 
Command  (0.6  Mach  30,000  feet) 


Design  Data  for  the  Roll  Rate  Command  System 
Flight  Condition:  0.6  Mach  30,000  feet 


0.02 


1.0 


1.0 

0  0“ 

z  = 

0  0.24  0 

l_o 

Uil 

• 

o 

o 

e  =  0.25 

D  0 

0  0  0 

on 

M  = 

0  0 

0  0  0.1  0 

0  0 

0  0  0 

0.1 

0.2589  - 

•0.001383  -0.01103" 

*0  * 

«1  - 

1.1990 

0.000319  -0.05492 

_1.6710  - 

-0.000175  -0.03482_ 

Input  ramp 

time:  0. 

3  seconds 

Input  commands:  A  =0.0 

yp 


p  =  5  deg/sec  pulse  for  3  sec  dura¬ 
tion 


r  =  pa  where  a  =  0.082115  radians 


Pulse  inputs  are  ramped  to  a  maximum  value  over  a 
specific  time.  This  time  is  designated  as  the 
input  ramp  time  above.  The  input  is  held  at  a 
maximum  value  for  a  duration  time  and  then  ramped 
back  to  zero.  Both  ramp  times  are  the  same  value 
Rolls  are  performed  about  the  velocity  vector. 
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Design  Data  for  the  Sideforce  System 
Flight  Condition:  0.6  Mach  30,000  feet 


T  »  0.02 

a  ■  1.0 


1.0 

0  0“ 

z  - 

0 

L.O  0 

_  0 

0  1.0 

e  *  1.0 

0  0 

0  0 

0" 

M  - 

0  0 

0  0.1 

0 

0  0 

0  0 

0.1 

1.036  -0.02305  -0.088241 

*o  » 

*i  “ 

4.794 

0.05318  -0.43930 

6.684  -0.02917  -0.27850J 

Input  ramp 

time:  0.5  seconds 

Input  commands:  A  =  0.2g  step 

yp 


p  =  0.0 


r  = 


=  18451  . 

_  u  J  J 


=  0.618  deg/sec 


Step  inputs  are  ramped  to  steady  state  over  a  specific 
time.  This  time  is  designated  as  the  input  ramp  time 
given  above. 


Figure  54c.  Sideforce  System  Response  to  a  0.2g  Step 
Command  (0.6  Mach  30,000  feet) 


Figure  54d.  Sideforce  System  Response  to  a  0.2g  Step 
Command  (0.6  Mach  30,000  feet) 


Design  Data  for  the  G-Command  System 
Flight  Condition:  0.2  Mach  30  feet 


NOTE: 


T  =  0.02 


a  *  1.0 


I  «  f0*1  0  I 

Lo  o.jJ 


1.0 


m  -  r°  0  0  0  0  1 

lo  o  0  0  0 . 25J 


*o  =  5i 


C: 


06429  -0.09859 

59430  -0.08450 


Input  ramp  time:  0.4  seconds 


Input  commands:  An  =  0.15g  step 

P 

q  =  1.0  deg/sec 


Step  inputs  are  ramped  to  steady  state  over  a 
specific  time.  This  time  is  designated  as  the  input 
ramp  time  given  above. 


Design  Data  for  the  Roll  Rate  Command  System 
Flight  Condition:  0.2  Mach  30  feet 


T  =  0.02 


a  *  1.0 


Z  » 


1.0 

0 

0 


0 

1.0 

0 


0 

0 

0.6 


e  -  1.0 


M 


0  0  0  0  0 

0  0  0  0.25  0 

0  0  0  0  0.25 


1.291  -0.03368 
10.520  0.01574 
26.420  0.03132 


-0.04875 

-0.24040 

-0.24260 


Input  ramp  time:  0.3  seconds 


Input  commands:  A  =0.0 

yp 

p  =  5  deg/sec  pulse  for  3  sec  dura¬ 
tion  . 

r  =  pa  where  a  =  0.26143  radians 

1.  Pulse  inputs  are  ramped  to  a  maximum  value  over  a 
specific  time.  This  time  is  designated  as  the 
input  ramp  time  above.  The  input  is  held  at  a 
maximum  value  for  a  duration  time  and  then  ramped 
back  to  zero.  Both  ramp  times  are  the  same  value 
Rolls  are  performed  about  the  velocity  vector. 


2. 


Figure  56a.  Roll  Rate  Command  System  Response  to  a 
5  deg/sec  Pulse  Command  (0.2  Mach  30  feet) 


Figure  56b.  Roll  Rate  Command  System  Response  to  a 
5  deg/sec  Pulse  Command  (0.2  Mach  30  feet) 


Design  Data  for  the  Sideforce  System 
Flight  Condition:  0.2  Mach  30  feet 


T  *  0.02 


a  ■  1.0 
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1.0  0  0 

0  1.0  0 

0  0  1.0 


e  =  1.0 
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0  0  0  0  0 
000  0.1  0 
poo  o  0.1 


«0 


- «1 


1.291 
10 . 520 
26.420 


-0.08420 

0.03936 

0.07829 


-0.2031 

-1.0020 

-1.0110 


Input  ramp  time: 
Input  commands: 


A 

P 

r 


0 . 3  seconds 

=  0.053g  step 

yp 


deg/sec 


Step  inputs  are  ramped  to  steady  state  over  a  specific 
time.  This  time  is  designated  as  the  input  ramp  time 
given  above. 
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Figure  57c.  Sideforce  System  Response  to  a  0.053g 
Step  Command  (0.2  Mach  30  feet) 


Neal-Smith  Criterion 


The  acceptance  of  a  design  by  the  pilot  is  always  an 
issue  of  utmost  importance  that  must  be  addressed  in  any 
flight  control  work.  Professor  Porter's  method,  as  applied 
in  this  effort,  results  in  a  closed- loop  system  with  either 
all  real  roots  or  complex  conjugate  pairs  with  very  high 
damping  ratios.  In  light  of  this  fact,  a  means  of  assessing 
pilot  acceptance  is  needed. 

One  method  of  predicting  pilot  ratings  for  a  longi¬ 
tudinal  compensatory  tracking  task  was  suggested  by  Peter 
Neal  and  Roger  Smith  in  Reference  16.  The  complete  theo¬ 
retical  basis  and  the  data  used  for  the  criterion  develop¬ 
ment  are  provided  in  the  reference.  A  summary  of  the  tech¬ 
nique  is  presented  here.  The  assumption  is  made  that  the 
acceptability  of  an  aircraft’s  maneuvering  response  in  per¬ 
forming  a  specific  task  can  be  expressed  in  terms  of  the 
pilot  compensation  needed  to  achieve  some  "minimum  standard 
of  performance"  with  the  least  tendency  to  develop  a  pilot 
induced  oscillation  (PIO).  The  standard  of  performance  is 
established  by  the  task  which  is  required  of  the  pilot.  For 
the  final  phase  of  a  fighter's  combat  maneuvering,  precise 
control  of  pitch  attitude  is  assumed  to  be  the  critical  task 
in  the  reference.  The  control  of  pitch  attitude  is  modelled 
as  shown  in  Figure  58.  This  model  and  the  definitions  pre¬ 
sented  are  direct  extracts  from  Reference  16. 


PILOT 


AIRFRAME 
PLUS  PCS 


Using  this  model,  the  following  terms  are  defined: 

Bandwidth  (BW);  Bandwidth  is  defined  as  the  frequency  for 

which  the  closed-loop  Bode  phase,  (*/&e)  *  equal 

to  -90  degrees.  It  is  a  measure  of  how  quickly  the  pilot 
can  move  the  airplane's  nose  toward  the  target. 


Droop: 


Droop  is  defined  as  the  maximum  excursion  of 


closed-loop  Bode  amplitude, 


below  the  0  dB 


line  for  frequencies  less  than  BW.  In  the  absence  of  large 
oscillations,  droop  is  a  measure  of  how  slowly  the  nose 
settles  down  on  target. 


Standard  of  Performance: 


A  minimum  bandwidth,  (BW) 


of  3.5  rad/sec,  and  a  maximum  droop  of  3  dB : 
l  (°l0e.)  greater  than  (-90)  degree 
and  jp/fe  j  greater  than  (-3)  dB 


} 


min 


for  a >  less 
than  3.  5 


PIO  Tendency:  The  tendency  to  oscillate  or  PIO  is 

defined  in  terms  of  the  Bode  magnitude  of  any  closed- loop 

resonant  peak,  |0/$t|  max  ’  that  results  from  the  pilot's 

efforts  to  achieve  the  performance  standards. 

Pilot  Compensation:  The  pilot's  physical  and  mental  workload 

required  to  achieve  the  standard  of  performance  is  defined 

in  terms  of  the  phase  of  his  compensation  at  &  - 


Figure  58.  Neal-Smith  Model  for  Pitch 
Attitude  Control 


To  evaluate  a  design,  the  engineer  selects  values  of 

Kp,  Tpi>  and  Tp2  in  the  Pilot  model  that  yield  the  smallest 

maximum  value  for  | 9 / 0  |  for  the  closed-loop  system  while 

c 

maintaining  a  minimum  bandwidth  of  3.5  radians  per  second 
and  a  maximum  droop  of  -3  dB.  The  method  of  this  selection 
is  covered  later. 

For  each  specific  selection  of  pilot  model  parameters, 
the  maximum  value  of  |8/e„|  and  the  phase  angle  at  the  3.5 
rad/sec  frequency  are  determined  for  the  closed-loop  system 
using  a  Nichols  chart.  These  values  are  plotted  in  Figure  59 
and  evaluated  against  the  boundaries  in  the  figure  to  deter¬ 
mine  a  prediction  of  a  pilot  rating  (PR)  and  the  accepta¬ 
bility  of  the  design.  The  PR  boundaries  in  the  figure 
correspond  to  the  Cooper-Harper  Pilot  Ratings  given  in 
Table  7. 

To  employ  this  method,  the  airframe  plus  flight  con¬ 
trol  system  transfer  function,  9/F  ,  must  first  be  deter- 

mined  for  the  longitudinal  system.  With  two  inputs  and  two 
outputs,  G(s)  is  a  two-by-two  transfer  function  matrix  as 
expressed  below. 


» I, 


Table  7 

Cooper-Harper  Handling  Qualities  Rating  Scale 


ADEQUACY  FOR  SELECTED  TASK  OR 
REQUIRED  OPERATION  # 


ptriofixmci 

matte  wiiti  a  toieu 
pilot  workload  "> 


AIRCRAFT 

CHARACTERISTICS 

DSMAM09  ON  THE  PILOT 
m  SELECTED  TASK  OR  REQUIRED  OPERATION # 

Ex  col  lent 

Higttry  desirable 

Pilot  compensation  not  a  factor  for 
desired  performance 

Good 

NoflUgWo  dobcionctoo 

Pilot  compensation  not  a  factor  for 
desired  performance 

Ft*  —  Some  mildly 
unpleasant  deficiencies 

Mmunal  pilot  compensation  required  for 
desired  performance 

Minor  but  annoymg 
deficiencies 


Moderate**  obtactonatta 
deficiencies 


Very  ob»echonette  but 


Oesired  performance  requires  moderate 


Adeouate  performance  reqwtee 
considerable  pilot  compensation 


Adequate  performance  requires  extensive 
pilot  compensation 


f® 


Motor  defioenciee 

Adequate  performance  not  attainable  witfi 
maximum  tolerable  pilot  compensation. 
Controllability  not  m  question 

Major  deficiencies 

Considerable  pilot  compensation  is  required 
for  control 

Major  deficiencies 

Intenso  pilot  compensation  is  required  to 
retain  control 

Is 

It  control  loom? 


improvement 

mandatory 


Maior  deficiencies 


Control  will  bo  lost  during  soma  portion  o I 
required  operation 


. . mu  im.maMtmo.siu 


The  contribution  from  both  inputs  must  be  considered 
in  the  pitch  attitude  output  since  the  aircraft  is  not  com¬ 
pletely  decoupled.  The  system  mechanization  chosen  for  the 
longitudinal  design  shown  in  Figure  41  of  Chapter  IV  relates 
stick  force  input  (Fg)  to  the  control  commands  and  v2  by 


V1  =  Fs 


*2  - 


(5.2 


thus 


9  -  2-  V.  -  S-  v„  *  s-  (F„)  *  #-  P^5l  <F  >  „ 


(5.4) 


At  the  0.9  Mach  20,000  feet  flight  condition,  this  transfer 
function  is 


929. 5(s  +  1 ) ( s  +  1.4) 

s(s  +  1.065  ±  j  0 . 4189 ) ( s  +  3775) (s  +  133.8)  (5.6) 


Magnitude  and  phase  values  are  calculated  for  frequencies 

between  0.1  and  10  radians  per  second  from  this  transfer 

function.  The  next  step  is  to  establish  values  for  the 

pilot  model  that  allow  the  standard  of  performance  to  be  met. 

Initially,  a  check  is  made  to  find  if  varying  only 

Kp,  the  pilot's  gain,  can  provide  a  solution.  This  is 

accomplished  by  letting  xpl  and  x p2  equal  zero  and  setting 

K  to  one.  The  phase  angle  from  the  exponential  term  in 
P 

the  pilot  model  is  ( 57 . 3)  (0 . 3)  (oj)  and  is  added  to  the  phase 
values  of  9/F  .  This  establishes  the  open-loop  9/9  magni- 

o  c 

tude  and  phase  information. 

The  standard  of  performance  (closed-loop)  boundaries 

are  established  on  a  Nichols  chart  (Figure  60).  The  open- 

loop  amplitude-phase  plot  of  9 / 9 e  is  then  overlaid  and 

moved  vertically  to  determine  if  any  value  of  K  allows  the 

P 

closed-loop  tracking  system  9/9  to  meet  the  standards. 

c 


Figure  60.  Nichols  Chart  with  Performance  Standard 
Boundaries  and  Overlay  of  Amplitude-Phase 
Plot  of  9/9  with  t  and  t  Equal  to  Zero 
e  Px  p2 


This  plot  indicates  that  Kp  alone  can  not  satisfy  the  stan¬ 
dard.  The  3.5  radian  per  second  point  on  the  amplitude- 
phase  plot  needs  a  reduction  in  phase  angle  indicating  lead 
compensation  by  the  pilot. 

Reference  16  provides  a  plot  of  amplitude-phase 
curves  for  optimum  pilot  compensation  which  simplifies  the 
selection  of  Xp^  and  Xp2*  ^wo  models  are  selected  for 

the  design  being  analyzed.  The  first  with  x  ^  =  0.94  and 
Xpg  =  0.0  meets  both  the  bandwidth  and  droop  requirements. 
This  means  that  the  pilot  must  generate  over  73  degrees  of 
lead  at  the  3.5  rad/sec  frequency.  The  resulting  | 9/0  | 
max  is  plotted  (as  a  dot)  versus  pilot  compensation  angle 
on  the  criterion  graph  in  Figure  61.  The  point  falls  out¬ 
side  the  desired  PR  =  3.5  boundary.  A  second  pilot  compensa¬ 
tion  is  found  with  xpl  =  0.57  and  xp2  =  0.0  that  requires 
the  pilot  to  generate  62  degrees  of  lead  at  3.5  rad/sec  and 
meets  the  bandwidth  requirement  while  exceeding  the  droop 
requirement.  This  point  is  also  plotted  (as  a  dot)  in 
Figure  61.  Although  moving  closer  to  the  desired  region, 
both  are  outside  the  "good  response  area.”  The  lead  angle 
required  by  the  pilot  must  be  reduced  if  the  design  is  to 
receive  good  pilot  ratings  from  this  evaluation  technique. 


An  examination  of  the  transfer  function  reveals  that 


the  root  at  -3.75  contributes  slightly  over  45  degrees  of 
phase  lag  at  the  3.5  rad/sec  bandwidth  frequency  used  to 
select  the  pilot  compensation.  This  root  is  of  interest 
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because  its  location  is  determined  by  the  elements  of  the 
measurement  matrix.  The  elements  of  M  are  changed  to  0.1, 
and  the  system  responses  that  result  are  shown  in  Figure  45. 
In  this  case,  the  first-order  root  is  very  close  to  -10  in 
the  s-plane.  Again,  two  pilot  models  are  chosen  and  plotted 
as  triangles  in  Figure  61.  The  first  with  t  ^  =0.34  and 
xp2  *  0.0  meets  both  constraints.  It  requires  50  degrees  of 
pilot  lead.  The  second  meets  the  bandwidth  condition  and 
exceeds  the  droop  requirement.  For  this  case  with  t  ^  =  0.23 
and  tp2  =0.0,  a  pilot  lead  of  37  degrees  is  required. 

The  last  choice  yields  a  design  which  gives  a  pilot 
rating  of  3.5  or  less.  Thus,  after  several  well-placed 
changes,  it  appears  that  this  design  may  be  very  useful  for 
tracking  cases.  However,  several  cautionary  notes  are  pro¬ 
vided.  The  phase  lag  due  to  digital  computer  implementation 
and  the  lag  from  a  pilot  prefilter  have  not  been  included  in 
this  evaluation.  An  estimate  for  the  digital  design  can  be 
established  by  using  a  first-order  Pade  approximation  for  a 
zero-order  hold  and  a  factor  of  (1/T)  for  the  sampling  acfion 
(Ref  22).  This  indicates  a  phase  lag  of  approximately  2  de¬ 
grees  at  the  3.5  rad/sec  bandwidth.  The  prefilter  is  of  the 
order  of  7.5/(s  +  7.5)  and  adds  as  much  as  25  degrees  to  the 
system.  These  additions  again  place  the  desim  outside  the 
desired  boundary.  The  prefilter  may  be  increased  to 
10/(s  +  10)  or  slightly  higher  depending  on  the  actual  sur¬ 
face  rates  encountered.  The  current  design  is  conservative 


since  this  is  an  indirect  way  to  limit  such  rates,  and  the 
ramp  times  are  calculated  based  on  estimated  maximum  rates. 
Pine  tuning  of  the  prefilter  has  not  been  accomplished  and 
can  reduce  the  phase  lag  considerably. 

These  additional  factors  (which  are  present  for  any 
digital  controller  implementation)  tend  to  cause  the  design 
points  to  fall  to  the  lower  right  of  the  3.5  PR  boundary. 
This  may  not  be  a  serious  deficiency.  Review  of  similar 
evaluations  of  both  the  F-16  and  the  AFTI/F-16  designs  shows 
they  fall  in  the  same  general  region  outside  the  3.5  PR 
boundary . 

The  Neal-Smith  Criterion  is  only  one  of  several 
currently  being  proposed  for  flight  control  design  evalua¬ 
tions  (Refs  17,  18  and  19).  Its  use  has  highlighted  areas 
of  improvement  for  the  current  design;  however,  its  validity 
in  predicting  pilot  ratings  is  by  no  means  unquestioned. 
Thus,  further  analyses  with  other  criteria  are  needed  to 
properly  evaluate  the  designs.  Ideally,  conclusions  on  the 
acceptability  of  the  design  from  these  criteria  should 
eventually  be  validated  in  a  realistic  piloted  simulation 
evaluation . 

Bandwidth  Comparison 

Chapter  IV  includes  a  discussion  of  the  desirability 
of  limiting  the  control  system  bandwidth.  The  major  reason 
for  this  is  to  reduce  undesirable  effects  from  structural 
interaction.  Designs  with  Professor  Porter's  techniques 
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can  result  in  extremely  fast  responses.  It  is,  therefore, 
important  to  assess  the  bandwidth  of  the  designs  under  con¬ 
sideration.  Time  permitted  only  one  such  assessment  in  this 
study.  The  longitudinal  design  is  compared  with  the  F-16 
and  AFTI/F-16  control  systems.  Figures  62  and  63  are  plots 
for  the  open-loop  control  system  from  sensor  input  to  ele¬ 
vator  position  output.  The  MULTI  Designs  (MD)  exhibit 
slightly  less  bandwidth  at  high  frequencies  than  either  the 
F-16  or  the  AFTI/F-16  systems  for  this  path.  In  the  accel¬ 
eration  path  the  MULTI  Design  falls  between  the  other  two 
systems  and  matches  AFTI  for  very  high  frequencies.  The 
plot  for  the  AFTI  design  is  for  the  air-to-air  mode. 

The  plots  were  completed  after  the  design  gains  had 
been  established.  Thus,  they  illustrate  that  the  Porter  de¬ 
sign  method  employing  maximum  estimated  maneuvers  and  con¬ 
sidering  limits  on  surface  position  and  rates  results  in  de¬ 
signs  with  acceptable  bandwidths.  The  initial  designs  ob¬ 
tained  before  such  considerations  were  taken  into  account  had 
much  higher  gain  values  and  would  indeed  have  resulted  in  large 
bandwidths . 

The  high  gain  at  low  frequencies  is  due  to  integral 
compensation  on  all  MULTI  Design  feedforward  paths.  Note  that 
AFTI  uses  this  compensation  only  in  the  pitch  rate  path,  and 
the  F-16  uses  it  only  in  the  normal  acceleration  path. 

A  final  word  of  caution  must  be  given.  Although  the 
bandwidth  of  the  longitudinal  design  compares  favorably  with 


Transfer  function 


Figure  63.  Open-Loop  Bandwidth  Comparison  for  the 
Acceleration  to  Elevator  Path 


the  F-16  and  the  AFTI/F-16  systems,  both  of  these  systems 
have  been  modified  with  notch  filters  to  eliminate  struc¬ 


tural  interaction  problems.  The  center  frequency  of  the 
AFTI  double  notch  filter  is  marked  on  Figure  63.  Thus,  even 
with  the  present  system  design,  notch  filters  may  be 
required  once  installation  and  testing  begin.  The  design 
must  be  able  to  accept  such  filters  without  undue  degrada¬ 
tion.  The  ability  to  evaluate  such  filter  additions  is 
needed  in  the  computer-aided  design  package  and  is  recom¬ 
mended  in  Chapter  VI. 

The  comparisons  are  accomplished  for  only  one  sur¬ 
face  at  one  flight  condition.  A  complete  survey  is  needed 
for  all  sensor-to-surface  paths  at  all  flight  conditions 
so  that  a  realistic  overall  bandwidth  assessment  can  be 
made.  Such  an  extensive  evaluation  is  recommended  for  any 
future  efforts  with  these  designs. 

Robustness  versus  Tailoring 

One  measure  of  robustness  is  the  ability  of  a  control 
system  design,  with  fixed  gains,  to  provide  acceptable  per¬ 
formance  over  a  wide  range  of  flight  conditions.  However, 
in  this  study,  emphasis  is  placed  on  tailoring  the  control 
system  design  at  each  flight  condition  to  provide  responses 
that  improve  the  accomplishment  of  a  specific  task.  The 
specific  task  of  concern  is  air-to-air  gunnery.  To  estab¬ 
lish  one  set  of  gains  for  all  flight  conditions  results  in 


a  compromise  in  performance  for  the  sake  of  reduced  complex¬ 
ity.  Two  points  need  to  be  considered.  First,  gain  sched¬ 
uling  is  easily  accomplished  with  current  digital  flight 
hardware.  Second,  since  flight  conditions  change  rather 
slowly,  the  update  rate  for  gain  scheduling  is  relatively 
low.  In  the  AFTI  system,  the  control  commands  are  solved 
64  times  per  second,  but  the  gains  are  calculated  only  once 
a  second.  Considering  both  of  these  points  and  the  desire 
for  improved  performance,  a  compromise  in  performance  is  not 
acceptable . 

In  this  report,  a  design  is  considered  robust  if  it 
can  tolerate  uncertainties  in  the  aircraft  model.  A  design 
to  give  specific  performance  is  based  on  an  aircraft  model 
developed  from  wind  tunnel  data  with  an  accuracy  of  3  to  5 
percent.  A  test  of  robustness  is  the  ability  of  a  design  to 
yield  acceptable  performance  for  an  inaccurate  parameter  in 
the  aircraft  model.  Such  an  ability  significantly  reduces 
the  fine  tuning  and  redesign  at  late  stages  in  the  develop¬ 
ment  of  a  new  system. 

To  illustrate  the  robustness,  the  design  developed 
for  the  0.9  Mach  20,000  feet  condition  is  evaluated  with  an 
aircraft  model  in  which  the  pitching  moment  coefficient  of 
the  elevator  (Cm^e)  is  decreased  by  15  percent.  The  results 
are  shown  in  the  comparison  responses  in  Figures  64  and  65. 
The  aircraft  responses  are  essentially  the  same  although 


some  difference  in  the  surface  positions  are  apparent. 
Using  this  measure,  these  designs  are  considered  robust. 


Figure  65a.  G-Command  System  Response  to  a  9g  Step 
Command — Reduced  C_  (0.9  Mach  20,000  feet) 


Figure  65b.  G-Command  System  Response  to  a  9g  Step 
Command--Reduced  C  (0.9  Mach  20,000  feet) 
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Figure  65c.  G-Command  System  Response  to  a  9g  Step 
Command — Reduced  C  (.0.9  Mach  20,000  feet) 


Figure  65d.  G-Command  System  Response  to  a  9g  Step 
Command — Reduced  C  (0.9  Mach  20,000  feet) 


VI.  Conclusions  and  Recommendations 


Design  Results 

Very  good  performance  is  obtained  from  the  controller 
designs  developed  with  Professor  Porter's  techniques  in  this 
study.  The  time  responses  exhibit  the  desired  characteris¬ 
tics  and  meet  the  established  requirements.  The  techniques 
are  found  to  be  extremely  flexible.  A  design  method  is 
formulated  that  can  be  used  in  the  synthesis  of  conventional 
multivariable  control  laws  and  decoupled  (CCV)  control  laws. 
Controllers  are  developed  that  provide  the  pilot  with  pre¬ 
cise  control  over  aircraft  body  rates  and  accelerations 
without  increasing  workload.  The  interactive  capability  of 
the  MULTI  program  results  in  an  efficient  and  cost  effective 
design  method. 

The  flight  control  design  structure  consists  of  a 
g-command  system  in  the  longitudinal  axis.  It  accepts 
inputs  in  the  form  of  acceleration  commands  from  the  pilot's 
sidestick  and  provides  a  blend  of  direct  lift  and  conven¬ 
tional  aircraft  control.  In  the  lateral  axis,  a  roll  rate 
system  accepts  pilot  commands  from  lateral  forces  on  the 
sidestick  and  develops  the  desired  roll  rate  about  the  air¬ 
craft's  velocity  vector.  For  directional  control,  direct 
sideforce  is  available  through  the  rudder  pedals.  In  addi¬ 
tion,  independent  fuselage  pointing  in  both  the  pitch  and 
yaw  axes  can  be  commanded  through  this  same  structure. 


It  is  acknowledged  that  the  designs  are  not  optimum 
in  every  sense;  however,  the  design  method  is  a  viable 
alternative  and  has  many  advantages  compared  with  the  cur¬ 
rently  available  multivariable  techniques.  These  advantages 
become  more  attractive  when  recognizing  that  the  iterative 
process  of  fine  tuning  is  an  inherent  requirement  of  any 
design  method.  The  major  advantages  are: 

1.  The  ease  of  design  and  the  ability  to  fine  tune 
to  specific  requirements. 

2.  The  use  of  output  feedback  without  the  need  of 
full  state  information. 

3.  The  high  degree  of  decoupling  available. 

4.  The  similarity  in  developing  continuous  and 
discrete  designs. 

It  must  be  noted  that  these  conclusions  are  based 
on  a  "preliminary  design"  effort.  Because  the  techniques 
may  result  in  high  gain  controllers,  caution  must  be  exer¬ 
cised  in  selecting  final  design  values.  It  is  recommended 
that  surface  rate  and  position  limits  be  considered  in  the 
early  design  work.  Use  of  estimated  maximum  maneuvers  at 
each  design  point  provides  a  means  of  scaling  gains  to  pre¬ 
vent  exceeding  surface  position  limits. 

Considerable  effort  is  expended  in  the  development 
of  a  proper  aircraft  model  for  the  design.  However,  this 
problem  is  encountered  with  any  design  method.  Once  the 
modelling  is  achieved,  the  designs  in  this  report  are 


accomplished  in  a  simple,  straightforward  manner.  An  under¬ 
standing  of  the  fundamental  physics  of  the  aircraft’s 
response  cannot  be  overemphasized.  It  is  through  such  an 
understanding-  that  a  realistic  and  desirable  system  design 
is  established. 


From  the  experience  gained  in  this  research,  several 
changes  are  suggested  to  simplify  the  design  process.  First, 
the  use  of  s-plane  closed-loop  root  migrations  and  open-loop 
frequency  response  data  can  reduce  trial  and  error  design 
time  and  allow  conventional  gain  and  phase  margin  testing. 

Second,  the  ability  to  directly  observe  the  influ¬ 
ences  of  surface  rate  limits  provides  valuable  insight  into 
the  implementation  restrictions  imposed  on  a  design.  With 
such  an  ability,  gain  values  can  be  quickly  determined  which 
yield  acceptable  and  practical  designs. 

Third,  a  means  of  including  compensation  filters  in 
the  design  process  allows  a  more  realistic  assessment  to  be 
made.  The  ability  of  a  chosen  design  to  accept  such  filter 
additions  can  then  be  determined  early  in  the  synthesis 
process . 

Fourth,  a  way  to  directly  vary  the  integral  gains 
without  altering  proportional  gains  can  simplify  the  design 


process . 
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Finally,  considerable  effort  and  implementation 
complexity  can  be  saved  by  designing  in  a  non  zero-E^  for¬ 
mat  with  nonredundant  equations. 

MULTI  Improvements 

All  of  the  simplifications  and  improvements  for  the 
design  process  relate  directly  to  changes  in  the  MULTI 
package.  To  be  able  to  use  frequency  domain  techniques  in 
the  design,  MULTI  has  been  altered  to  provide  both  open-loop 
and  closed-loop  transfer  functions.  However,  it  is  neces¬ 
sary  at  present  to  go  to  another  program  (TOTAL)  to  obtain 
frequency  response  plots.  In  addition,  it  will  be  beneficial 
to  calculate  the  closed-loop  roots  for  each  design  iteration. 
A  plot  from  these  iterations  will  provide  a  pseudo  closed- 
loop  root  locus  for  the  system.  In  this  way,  the  powerful 
frequency  domain  techniques  can  be  utilized. 

To  provide  the  ability  to  observe  the  effects  of 
surface  rate  limits,  the  actuator  model  option  must  be 
altered  to  include  these  nonlinearities  in  the  same  way  that 
position  limits  are  currently  provided.  In  this  way,  insta¬ 
bilities  that  might  be  encountered  due  to  rate  limits  can 
be  seen  immediately.  Designs  with  reduced  but  practical 
gains  will  result. 

An  option  is  needed  to  allow  compensation  filters 
to  be  added  at  the  system  inputs  and  to  allow  notch  filters 
to  be  inserted  between  the  controller  outputs  and  the 


actuator  models.  The  influence  of  such  filters  (that  will 
almost  certainly  be  added  during  flight  test)  can  be  evalu¬ 
ated  at  this  early  design  stage. 

As  MULTI  is  presently  configured,  changing  the  a 
parameter  varies  the  proportional  gains,  directly  affecting 
stability,  while  holding  the  integral  gains  constant. 

When  the  integral-to-proportional  gain  ratio  is  varied  to 
alter  the  time  to  reach  steady  state,  a  is  changed  and  e 
must  be  adjusted  to  return  the  proportional  gain  to  its 
original  value.  This  unnecessarily  complicates  the  design 
effort.  Only  a  minor  modification  to  MULTI  is  needed  to 
eliminate  this  problem. 

The  method  of  calculating  gains  with  [£2— 2^  requires 
an  additional  transformation  to  zero-B,,  form  if  a  design  is 
to  be  developed  with  a  minimum  number  of  measurement  matrix 
elements.  This  transformation  results  in  feedback  states 
that  include  components  of  surface  deflections  for  the 
designs  in  this  study.  Although  an  adequate  design  can  be 
obtained,  this  adds  complexity  to  the  system.  Equivalent 
performance  and  decoupling  can  be  achieved  without  this 
complication  if  [FB ]  is  used  for  gain  calculations.  (Note: 
This'change  is  currently  being  made  to  the  MULTI  program.) 

The  use  of  redundant  equations  results  in  unneces¬ 
sary  complexity  in  the  design  activity  and  can  cause  numeri¬ 
cal  computation  problems.  The  equations  are  included  so 
that  pertinent  aircraft  parameters  such  as  angle  of  attack 


and  sideslip  angle  can  be  evaluated  while  controlling  rates 
and  accelerations.  This  requires  that  MULTI  be  modified 
to  plot  any  combination  of  states  instead  of  only  those 
output  which  are  being  controlled.  In  this  same  light,  it 
will  be  advantageous  to  provide  a  means  to  plot  state 
derivatives  or  combinations  of  state  derivatives  and  states. 
With  such  an  expanded  capability,  almost  any  aircraft  param¬ 
eter  of  interest  can  be  monitored  during  the  design. 
Currently,  this  requires  significant  modifications  to  the 
matrix  of  system  equations. 

Proposed  Future  Work 

The  major  uncertainty  with  the  designs  presented  in 
this  report  concerns  their  performance  in  a  real  world 
environment.  The  effects  of  gust  inputs,  sensor  measure¬ 
ment  noise,  and  structural  mode  interference  need  to  be 
evaluated.  The  system's  behavior  with  digital  time  delays, 
quantization  effects  and  nonlinear  aerodynamics  must  be 
ascertained.  It  is  proposed  that  the  current  designs  be 
carried  into  a  nonlinear  simulation  evaluation  where  a 
realistic  operational  environment  can  be  provided. 

The  Neal-Smith  Criterion  is  applied  to  obtain  an 
indication  of  pilot  rating  in  a  compensatory  tracking  task 
for  one  longitudinal  design.  This  is  only  a  cursory  check 
with  one  of  several  methods.  Recent  work  has  been  accom¬ 
plished  on  a  modified  flying  qualities  evaluation  method 
(Ref  19).  Several  other  evaluation  methods  such  as  the  step 
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target  tracking  technique  and  the  bandwidth  criteria  are 
also  available  (Ref  17  and  18) .  The  current  designs  should 
be  evaluated  using  these  methods. 

The  high  gain  instabilities  illustrated  in  Figures 
43  and  44  of  Chapter  IV  should  be  examined  in  detail  and  a 
method  developed  to  accurately  predict  the  stability  bound¬ 
aries.  This  work  can  be  a  part  of  the  simulation  evaluation 
discussed  previously. 
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ABSTRACT 


This  thesis  investigates  the  application  of  a  singular 
perturbation  method  in  the  design  of  a  complete  (.lateral  and 
longitudinal)  multivariable,  error-!-actuated,  tracking,  digital 
flight  controller.  The  aircraft  model  used  to  test  the  method 
is  a  hypothisized  design  proposed  by  Lockheed  with  augmented 
flight  control  surfaces  including  horizontal  and  vertical 
canards,  and  Jet-flaps. 

Separate  lateral  and  longitudinal  controllers  are  designed 
for  each  of  three  flight  conditions  -  0.5  Mach,  sea  level;  0.9 
Mach,  30,000  ft.  altitude;  and  2.3  Mach,  **0,000  ft.  altitude. 
The  lateral  and  longitudinal  controllers  for  each  flight  con- 
dition  are  then  combined,  yielding  a  controller  for  each  of 
the  three  flight  conditions  capable  of  accomplishing  lateral 
and  longitudinal  maneuvers.  The  controllers  are  tested  by 
commanding  seven  decoupled  six  degree-cf-freedom  maneuvers  and 
one  coupled  three  degree-of-freedon  maneuver.  Figures  of 
Merit  (rise  time,  percent  overshoot,  and  settling  time)  are 
presented  for  the  decoupled  maneuvers.  Tests  are  conducted  to 
find  a  single  controller  capable  of  commanding  all  of  the 
decoupled  maneuvers  over  the  entire  range  of  the  three  flight 
conditions  examined.  The  controller  is  found  and  it's  perfor¬ 
mance  documented  by  recording  the  figures  of  merit  (.same 
figures  as  previously  mentioned)  for  the  seven  decoupled  maneu¬ 
vers  at  the  three  flight  conditions  specified  above.  The  de¬ 
sign  process  and  necessary  considerations  are  outlined  as  th 


controllers  are  synthesized.  Finally,  the  computer  aided 
design  tool  MULTI  Is  modified  and  it’s  capabilities  are  en¬ 
hanced. 

The  results  of  this  thesis  shew  that  multivariable  tracker 
control  laws  can  be  designed  for  the  aircraft  model  examined 
here  equiped  with  augmented  control  surfaces  -  ailerons,  rudder 
maneuver  flaps,  canards,  and  Jet  flaps.  The  controllers  all 
perform  very  satisfactorily  at  the  flight  condition  for  which 
they  are  designed.  In  addition  the  thesis  shows  that  a 
"universal"  controller  can  be  found  that  is  capable  of  producir. 
satisfactory  responses  for  the  three  flight  condi*- icr.s  pre¬ 
viously  mentioned,  eliminating  much  of  the  gain  scheduling  re¬ 
quired  with  present  digital  flight  controllers. 
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CHAPTER  I 


INTRODUCTION 


Background 

Digital  computers  are  rapidly  becoming  an  integral  part 
of  aircraft  flight  control  systems.  This  computer-operated 
digital  flight  control  system  must  include  the  capability  cf 
the  flight  control  system  to  handle  multiple  inputs  by  the 
pilot  and  to  command  multiple  outputs  simultaniously,  thus 
maximizing  aircraft  performance  over  a  very  wide  range  of 
flight  conditions. 

There  are  many  advantages  to  using  a  digital  flight  con¬ 
trol  system.  A  computer-operated  digital  flight  control  sys¬ 
tem  has  the  ability  tc  handle  many  more  control  surfaces  than 
can  currently  be  handled  by  the  pilot.  With  digital  control, 
surfaces  such  as  jet  flaps  and  o. innards  nay  ho  con-. rolled 
simultaniousiy  along  with  ailerons,  rum  car,  end  elevator. 

This  permits  the  maximizing  of  manvu,",r  performance  over  a 
wide  range  of  flight  conditions.  Now,  instead  cf  commanding 
a  surface  deflection  directly  o  perform  a  maneuver,  the  pile 
commands  a  maneuver  at  some  desired  rate  and  the  computer  con 
trolled  control  surfaces  operate  to  maximize  performance  e.r.d 
efficiency  at  a  given  flight  condition.. 

Presently,  controllers  fer  such  multiple  input  •'mu?  c iple 
output  ( rilMO )  systems  are  designed  us  .r.~  classic  single  !.npu  . 
single  output  <  SISC)  ar.d  LQC*  methods  e'-eh  having  sor  e  draw¬ 
backs  .  The  well  known  classical  NISO  methods  reo.;i--c  much 
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trial  and  error  and  may  yield  a  satisfactory  design,  however, 
they  allow  only  a  single  input/output  combination  to  be  exa¬ 


mined  at  a  time.  LQG  methods  can  handle  MIMO  systems,  but  al 
states  are  required  to  be  accessable  or  a  state  estimator  is 
needed.  This  method  also  requires  complex  mathmatics  and 
usually  much  trial  and  error  to  derive  the  appropriate  cost 
function. 

Professor  3rian  Porter  and  his  associates  of  the  Univer¬ 
sity  of  Dalford,  U.K.,  have  proposed  a  simple  design  techniqu 
capable  of  synthesizing  a  controller  which  can  handle  and  de¬ 
couple  the  outputs  of  multiple  input/multiple  output  systems 
(Ref  l1*}.  Initial  attempts  to  synthesize  an  aircraft  flight 
control  system  using  Porter's  techniques  have  proven  success¬ 
ful  (Ref  25  and  28).  Still,  much  remains  to  be  studied  con¬ 
cerning  the  design  technique  and  it's  refinement  for  use  by 
the  practical  engineer  before  a  design  can  ce  implemented  or. 
future  aircraft. 


Lockheed,  Honeywell,  and  Pract-Vfnitney  have  hypothesise1 
an  advanced  aircraft  under  contract  to  the  Air  Force  Flight 
Dynamics  Lab.  The  hypothesized  aircraft  is  statically  unstab 
and  incorporates  several  advanced  concepts  in  aircraft  flight, 
control  such  as  employing  canards  and  jet  flaps,  all  designed 
to  enhance  aircraft  maneuverability  (Ref  5).  Due  to  these- 
enhanced  flight  control  surfaces,  the  aircraft  is  also  caps. hi 
of  accomplishing  decoupled  six  de- :re?-c f-fre idem  maneuvers . 

Th  --  contractors  involved  in  this  hypothesized  design  have  pro¬ 
vided  the  Flight  Dynamics  Lab  with  a  computer  simulation  pro- 
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gran,  FPCC  Sin  (.Ref  8),  which  simulates  the  aircraft  perfor¬ 
mance  at  various  flight  conditions. 

AFIT  students  have  composed  a  computer  aided  design  tool 
(CAD)  which  aids  in  synthesising  a  controller  using  Porter's 
design  technique.  The  program,  called  MULTI  (Ref  25),  is  ver 
sound  and  improvements  are  being  added  to  increase  its  capa¬ 
bilities  . 


Problem 

This  thesis  first  applies  Professor  Porter's  design  tech 
nique  to  develop  three  multi-variable  tracker  control  lews  fo 
the  hypothesised  jet-flap  aircraft,  one  controller  for  each  o 
three  flight  conditions.  Each  controller  is  capable  of  per¬ 
forming  both  lateral  or  longitudinal,  coupled  or  decoupled, 
maneuvers.  A  "universal"  controller  is  then  synthesized,  cap 
able  of  producing  stable  responses  at  all  of  the  three  flight 
conditions  examined  -  C.2  Mach,  sea  level;  0.'}  Mach,  23,0CC 


altitude;  and  2.3  Mach,  ^0,000  ft  altitude 


?he  cutouts 


of  this  "universal"  controller  are  compared  with  these  of  the 
controllers  designed  to  operate  at  a  particular  flight  condi¬ 


tion. 


Finally,  the  thesis  incorporates  improvements  to  MULTI. 


Capabilities  are  increased  by  allowing  pulse  inputs  ^ ramped- 

s. 

up  and  ramped-down) ,  terminal  or  cnl:o.,;p  plots  of  pilot  com¬ 
mand  input  to  the  system  v,  and  a  printout  of  C?U  time  used 
at  any  coins  wnile  running  the  or 'gram. 


Current  Knowledge 

Professor  Porter  and  his  associates  have  published 
numerous  papers  on  the  design  technique  employed  in  this  thesi 
(Ref  2,  3,  12-21,  23,  24).  Several  related  theses  have  teen 
written  at  APIT  concerning  the  design  technique,  but  none  have 
attacked  the  problem  of  synthesizing  a  complete  controller 
capable  of  commanding  both  lateral  and  longitudinal  maneuvers, 
or  a  combination  of  these.  This  thesis  builds  on  the  work  of 
Joseph  Smyth  completed  in  December  of  1981  (Ref  23)  in  proposi 
a  longitudinal  MIMO  control  law  for  the  jet  flap  aircraft. 

The  thesis  also  builds  on  the  -work  of  Douglas  Porter  completed 
in  December  of  1981  (Ref  25)  in  composing  the  CAD  tool,  MULTI. 
The  reports  submitted  by  Lockheed  on  the  jet  flap  aircraft  and 
its  simulation  program  FPCC  Sim  (Ref  6,3)  are  used  in  both  she 
cor.troliar  design  and  aircraft  simulation. 
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IV  begins  by  describing  the  modifications  made 
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from  F PCC  Sim  to  accomplish  the  controller  design.  next. 
Chapter  IV  follows  the  development  of  first  the  lateral  an 
then  the  longitudinal  controller  for  each  of  the  three  fli 
conditions  examined.  This  is  followed  by  an  explaination 
how  these  separate  controllers  are  combined  at  each  flight 
condition,  yielding  a  complete  controller  capable  of  perfc 
ir.g  lateral,  longitudinal,  or  combined  lateral  and  longipu 
maneuvers.  These  controllers  are  tested  by  commanding  sev 
decoupled  and  two  couoled  maneuvers  and  plotting  the  outou 
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CHAPTZR  III 


PPCC  AIRCRAFT  AND  MODEL  DESCRIPTION 


Introduction 

The  aircraft  model  used  in  this  thesis  is  a  hypothesized 
advanced  design  -  the  result  of  a  joint  design  effort  by 
Lockheed,  Pratt  and  Whitney,  and  Honeywell.  The  model  incor¬ 
porates  many  advanced  flight  control  concepts.  The  name  give 
to  the  aircraft,  "Plight-Propulsion-Control-Coupling"  (PPCC), 
designates  what  is  probably  the  most  significant  of’  these  cor 
trol  concepts  -  that  of  incorporating  thrust  vectoring  into 
the  control  inputs  available  to  the  pilot  to  accomplish  a 
given  in-flight  maneuver.  Other  advanced  flight  control  tech 
nologles  are  used  on  the  model  and  are  described  below. 

The  model  was  developed  during  the  period  of  June  1976 
through  June  1977  -  before  the.  Air  Force  became  interested  in 
developing  an  aircraft  capable  of  accomplishing  decoupled, 
six-degree-of-freedom  maneuvers  such  as  pitch-pointing  and 
flat  turns.  However ,  the  aircraft  does  have  the  capability 
of  developing  direct  side  force  because  of  the  flight  control 
surfaces  incorporated  in  the  design.  Because  of  this  capa¬ 
bility,  and  the  current  Air  Force  interest  in  developing  an 
aircraft  with  increased  agility,  this  model  was  selected  to 
test  Professor  Porter's  multivariable  design  technique.  The 
controller  designed  is  thus  capable  of  accomplishing  decoup!.:- d 
s ix -degree -o  f- freedom  maneuvers,  equivalent  to  those  currently 
beir.g  flight  tested  on  the  AFTI-lo  aircraft. 


It  is 


Aircraft  Description 

The  aircraft  configuration  is  shown  in  Figure  3. 
a  single  seat,  supersonic  fighter  designed  for  air  combat  with 
a  secondary  role  as  a  surface  weapons  delivery  system.  Flight 
control  surfaces  and  other  flight  control  inputs  used  by  this 
aircraft  consist  of  conventional  surfaces  such  as  rudder  and 
ailerons  coupled  with  surfaces  not  used  on  most  present  day 
Air  Force  Aircraft  -  horizontal  and  vertical  canards,  jet  flaps 
(see  Figure  3),  and  maneuver  flaps  (presently  used  only  on  the 
F-16).  The  vertical  canards,  rudder,  and  ailerons  generate  the 
side  forces  required  to  perform  the  laterally  decoupled  maneu¬ 
vers.  A  combination  of  the  Jet  flaps,  maneuver  flaps,  and 
horizontal  canards  enable  the  aircraft  to  accomplish  decoupled, 
longitudinal  maneuvers.  A  summary  of  FPCC  aircraft  design 
guidelines  and  constraints  is  presented  in  Table  I.  Table  II 
presents  the  control  surface  limits,  servo  dynamics,  and  sen¬ 
sor  dynamics  used  in  the  simulation.  For  the  purposes  of  this 
thesis,  the  horizontal  canards,  vertical  canards ,  jet  flaps, 
and  maneuver  flaps  are  deflected  symmetrically.  The  rudder-  and 
ailerons  work  as  they  do  on  present  day  aircraft.  On  the 
original  design,  the  Jet  flap  was  restricted  to  operate  from 
0°  to  90°  and  the  maneuver  flaps  were  restricted  to  +  15° 
because  the  aircraft  was  not  designed  to  accomplish  the  six- 
degree-of-freedom  maneuvers.  For  the  purpose  of  this  thesis, 
these  limits  are  adjusted  to  those  displayed  in  Table  II. 

These  are  the  only  modifications  made  to  the  original  paper 
design  submitted  by  Lockheed.  It  should  be  noted  that  the 
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TABLE  I 


SUMMARY  LISTING  OF  INITIAL  FPCC  REFERENCE  AIRCRAFT 
POINT  DESIGN  GUIDELINES  AND  CONSTRAINTS  (REF  6) 


1.  Primary  aircraft  design  mission  —  supersonic/transonic 
air  superiority 

Secondary  aircraft  design  mission  —  transonic  close  air 
support 

Aircraft  dash  speed  capability  —  within  the  range  of 
Mach  2.2  through  3*0 

2.  Advanced  CTOL  or  STOL  design  emphasizing  air  combat  maneu¬ 
vering  and  air  combat  tracking  requirements  for  high  sub¬ 
sonic/transonic  air-to-air  and  air-to-ground  tasks 

3.  Mission  range,  payload,  takeoff  and  landing  distance  re¬ 
quirements  are  to  be  considered  of  secondary  importance 

4.  Aircraft  and  propulsion  design  not  constrained  to  any 
specification  except  for  those  noted  in  the  RFP  Statement 
of  Work 

5.  Flight  control  designs  may  include  any  advanced  feature 
such  as  Relaxed  Static  Stability  (RSS)  and  Direct  Side 
Force  Control  (DSFC) 

6.  Aircraft  design  may  include  moduiatory  type  Aerodynamic/ 
Propulsive  Interactive  Force  (API?)  systems 

7.  Digital  control  and  fly-by-wire  assumed 

8.  The  supersonic  engine  air  inlet  shall  be  of  the  external  or 
mixed  compression  type  consistent  with  the  selected  air¬ 
craft  dash  speed  Mach  number.  Inlet  bypass  air  may  be  used 
for  aircraft  maneuvering  augmentation 

9.  Aircraft  design  thrust  to  weight  (T/W)  ratio  shall  be 
higher  than  1.0  with  dry  engine  operation.  However,  engines 
shall  incorporate  afterburning.  Engine  control  may  include 

-  variable  fan  guide  vane  angle 

-  variable  compressor  stator  angle 

-  variable  turbine  area 

-  variable  exhaust  nozzle  area 

Engine  bleed  capabilities  may  be  considered  consistent  with 
APIF  system 

10.  The  Lockheed  reference  aircraft  point  design  will  incor¬ 
porate  the  current  state  of  the  art  Pratt  and  Whitney  air¬ 
craft  F-100-PW-100  afterburning  turbofan  engine  and  controls 


TABLE  II 

CONTROL  SURFACE  LIMITS  AND  DYNAMICS 


Control 

Surface 

Deflection 
M<1. 0 

Limits 
M>1 . 0 

Servo 

Dynamics 

Sensor 

Dynamics 

Maneuver  Flap 

+30° 

+15° 

25 

100 

(3MF5 

s+25 

s+loo 

Jet  Flap 

+90° 

+90® 

25 

100 

<V 

s+25 

s+i6o 

Horizontal 

+20° 

+10° 

25 

100 

Canard 

<5hc> 

i+25 

S+100 

Thrust 

0.574 

100 

^TOT 

a+ff.574 

s+loo 

Aileron 

+20  ° 

+20° 

25 

100 

(5a> 

(per  side) 

s+25 

s+100 

Rudder 

+30° 

+15° 

25 

100 

Ur> 

i+25 

S+100 

Vertical 

Canard 

(6VCJ 

+35° 

+15° 

25 

i+25 

100 

s+M 

• 

aircraft  is  statically  unstable  at  0.9  Mach  (Ref  6). 


FPCC  Sim  Program 

The  data  used  to  represent  the  aircraft  model  chosen 
for  this  thesis  is  generated  by  a  non-linear  six  degree-o 


freedom  computer  simulation  program  called  "FPCC  Sim".  The 
program  was  developed  by  Lockheed  under  contract  to  the  Air 
Force  as  part  of  the  FPCC  program  and  is  available  through  the 
Air  Force  Flight  Dynamics  Lab.  The  computer  program  includes 
a  simulation  of  the  F-100  engine,  along  with  many  other  vari¬ 
ables  not  needed  for  this  study.  This  model  is  appropriate, 
since  the  objective  of  this  thesis  is  simply  to  design  a  digi¬ 
tal  flight  controller.  Due  to  the  enormity  of  the  FPCC  Pro¬ 
gram  (16,000  lines  of  FORTRAN  code)  and  the  large  amount  of 
computer  time  required  to  run  the  program,  FPCC  Sin*  was  modi¬ 
fied  by  Mr.  John  Houtz  of  the  Flight  Dynamics  Lab  to  provide 
only  the  data  needed  for  this  thesis.  This  data  consists  of 
the  state  equations,  in  matrix  form,  for  the  flight  conditions: 

1)  .6  Mach,  Sea  level 

2)  .9  Mach,  30,000  ft  altitude 

3)  2.3  Mach,  40,000  ft  altitude 

These  three  flight  conditions  provide  a  large  range  to  test 
the  robustness  of  the  flight  controller.  A  drawback  to  testing 
such  a  large  range  is  that  there  are  many  areas  in  the  flight 
envelope  vfhlch  are  not  explored.  Given  the  constraints  of  this 
thesis  (limited  amount  of  time,  the  thesis  objectives  of  de¬ 
signing  both  a  lateral  and  longitudinal  controller,  and  fin¬ 
ally,  testing  the  controller's  robustness ) ,  these  flight  con¬ 
ditions  are  determined  to  be  the  best  of  those  available  to 
test  the  controller  quickly  over  a  very  wide  range  of  flight 
conditions . 

As  stated  earlier,  the  data  for  each  flight  condition  is 
provided  as  state  equations  in  the  matrix  form: 


( 46) 


x  ■ 


A  x  +  B  u 


^  ■  C  x  +  P  u  (47) 

An  example  of  this  data  Is  listed  in  equations  (48)  and  (49) 
exactly  as  it  is  given  to  the  user  from  Mr.  Houtz’s  modifica¬ 
tion  to  the  PPCC  Sim  program.  The  example  is  for  the  flight 
condition  0.6  Mach  at  sea  level  (rounded  off  data): 
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EL 
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Tables  III,  IV,  and  V  define  the  vectors  u,  x,  and  £. 
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TABLE  III 
INPUT  VECTOR,  u* 


Variable 


Units 


Description 


6a 

6C 

6mf 

6r 

6VC 

6  J 


deg 

deg 

deg 

deg 

deg 

deg 


sum  of  both  aileron  deflections 
horizontal  canard  deflection 
maneuver  flap  deflection 
rudder  deflection 
vertical  canard  deflection 
Jet  flap  deflection  WRT  fuselage 
ref  line 

Net  thrust  engine  1 


Net  thrust  engine  2 

Inlet  drag  coefficient  engine  1 


CDI  2 


Inlet  drag  coefficient  engine  2 


lbs 

lbs 


Variable 


TABLE  IV 
STATE  VECTOR,  x* 


Units 

Description 

rad/sec 

Body  axis  roll  rate 

rad/sec 

Body  axis  yaw  rate 

ft/sec 

Body  axis  side  velocity 

rad 

Roll  angle 

rad 

Yaw  angle 

ft 

Cross-range  position  re¬ 
ference  to  initial  body  axis 

rad/sec 

Body  axis  pitch  rate 

ft/sec 

Body  axis  vertical  velocity 

ft/sec 

Body  axis  forward  velocity 

rad 

Pitch  angle 

ft 

Altitude 

ft 

Down-range  position  re¬ 
ferenced  to  initial  body  axis 

TABLE  V 

OUTPUT  VECTOR,  y 


Variable 

Units 

Description 

a' 

rad 

Angle-of-attack 

8 

rad 

Sideslip  angle 

VEL 

ft/sec 

Total  airspeed 

ACGX 

ft/sec2 

Accel,  of  c.g.  along  x-body 

axis 

ACGY 

ft/sec2 

Accel,  of  c.g.  along  y-body 

axis 

ACGZ 

ft/sec^ 

Accel,  of  c.g.  along  z-body 

axis 

*  All  variables  are  perturbations  from  nominal.  The  FPCC 
program  also  gives  the  trim  angle-of-attack  as  1.03  degrees 
and  dynamic  pressure  as  533. 04,  and  forward  velocity  as  670.5 
ft/sec  for  the  0.6  Mach  sea  level  flight  condition. 


Observations 


While  reading  through  this  study,  it  is  important  to 
keep  in  mind  that  this  aircraft  was  not  originally  designed 
to  accomplish  decoupled  six  degree-of-freedom  maneuvers.  As 
a  result,  some  modifications  are  required  on  the  control 
limits.  Other  modifications  to  the  original  design  such  as 
adding  a  horizontal  tail  and  allowing  the  thrust  to  be  vec¬ 
tored  to  either  side  br  up  and  down,  could  further  enhance 
aircraft  performance  and  agility.  However,  the  original  de¬ 
sign  with  the  minor  modifications  made  in  this  thesis  is  very 
capable  of  performing  those  maneuvers  currently  considered 
important . 


CHAPTER  IV 


COMPLETE  CONTROLLER  DESIGN 


Introduction 

This  chapter  describes  the  design  of  a  complete  aircraft 
controller  for  combined  lateral  and  longitudinal  maneuvers. 

As  mentioned  earlier,  only  separate  longitudinal  or  lateral 
controllers  have  previously  been  designed  and  examined  for 
this  aircraft  using  Professor  Porter's  multivariable  design 
method.  (Ref  11,  14,  25,  2 6  and  28).  For  the  jet  flap  air¬ 
craft  examined  here,  a  separate  longitudinal  controller  has 
been  designed  and  examined  (Ref  28).  While  that  design  de¬ 
monstrated  the  feasability  of  the  method,  transient 
control  surface  deflections  often  exceeded  the  limits 
described  in  Table  II.  This  is  due  in  part  to  the 
fact  that  the  aircraft  model  combined  the  maneuver  flaps  and 
Jet  flaps  into  one  equivalent  control  surface.  Retaining  the 
actual  control  surfaces  in  the  aircraft  model  is  more  realis¬ 
tic  and  leads  to  increased  maneuverability.  Also,  the  pre¬ 
vious  design  had  an  oscillation  of  very  small  amplitude  but 

long  duration  in  the  velocity,  due  to  slow  engine  thrust  re- 

• 

sponse.  While  that  oscillation  was  eliminated  by  compen¬ 
sating  (Ref  31)  for  slow  engine  dynamics  it  is  possible  to 
achieve  a  design  that  does  not  require  compensation.  The 
controller  designed  in  this  thesis  is  complete  -  it  can 
command  a  lateral  maneuver,  a  longitudinal  maneuver,  or  some 
combination  of  both  lateral  and  longitudinal  motion.  This  is 
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typically  required  for  advanced  aircraft  control  systems. 

The  problems  mentioned  with  the  previous  longitudinal  con¬ 
troller  (Ref  28)  have  been  overcome,  resulting  in  a  very 
"believable"  controller  that  uses  only  the  amount  of  control 
surface  available  to  it  and  does  not  exceed  those  limits  while 
still  accomplishing  the  prescribed  maneuvers  with  very  satis¬ 
factory  time  responses. 

In  examining  equations  (48)  and  (49)  it  can  be  seen  that 
designing  a  12  state  combined  lateral  and  longitudinal  con¬ 
troller  would  be  a  very  formitable  task.  In  order  to  simplify 
this  task,  the  complete,  combined  lateral  and  longitudinal 
controller  is  designed  in  parts.  First  a  suitable  lateral  con¬ 
troller  is  designed  and  tested,  and  then  the  longitudinal  con¬ 
troller.  These  two  controllers  are  then  combined,  resulting 
in  a  new  controller  capable  of  commanding  lateral,  longitudinal, 
or  combined  maneuvers.  This  method  of  controller  design  is 
well  adapted  to  industry  -  two  control  engineer  groups  could 
come  up  with  separate  lateral  and  longitudinal  designs  and 
then  combine  their  results.  Minimum  redesign  is  then  required 
on  the  final  controller,  depending  on  the  degree  of  coupling 
between  the  lateral  and  longitudinal  modes  of  the  particular 
aircraft.  Another  important  point  to  be  noted  from  this  study 
is  that  the  optimal  values  for  the  controller  parameters  _£, 
a,  6  and  the  measurement  matrix  M  seem  to  remain  optimum  or 
very  close  to  optimum  at  all  flight  conditions,  resulting  in 
a  minimum  requirement  to  redesign  at  different  flight  condi¬ 
tions.  The  control  system  is  therefore  very  robust  over  a 
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wide  range  of  flight  conditions . 

The  controllers  constructed  in  this  thesis  and  the  simu¬ 
lations  made  to  test  the  different  controller  designs  are 
accomplished  using  an  interactive,  multivariable  design  pro¬ 
gram  called  "MULTI”  (Ref  25).  MULTI  was  initially  designed  in 
the  fall  of  1981  by  AFIT  students  to  assist  them  in  accom¬ 
plishing  a  controller  design  using  Porter's  techniques.  The 
program  is  very  sound  and  provides  the  user  with  a  tool  which 
is  critical  to  accomplishing  the  controller  design.  Some 
modifications  and  additions  have  been  made  by  both  the  author 
of  this  thesis  and  other  APIT  students  involved  in  using  Porter' 
techniques  to  design  aircraft  flight  controllers.  The  result 
is  an  even  better  version  of  MULTI  that  is  more  flexible  then 
before.  A  complete  listing  of  MULTI  and  its  options  can  be 
found  In  the  MULTI  Users  Manual  available  from  the  AFIT  Depart¬ 
ment  of  Electrical  Engineering.  The  modifications  to  MULTI 
made  during  this  study  are  included  in  Appendix  A  of  this 
thesis.  By  use  of  the  program  MULTI  the  designer  can  rapidly 
Investigate  a  number  of  design  parameters  and  achieve  an  ex¬ 
cellent  control  system. 

This  chapter  contains  a  discussion  of  the  lateral  maneu¬ 
vers  to  be  tested,  the  design  of  the  lateral  controller,  and 
simulation  of  the  lateral  maneuvers  at  the  three  flight  condi¬ 
tions  mentioned  in  Chapter  III  -  0.6  Mach,  sea  level,  0.9  Mach, 
30,000  ft.,  and  2.3  Mach,  40,000  ft.,  using  three  different 
controllers,  each  designed  for  that  particular  flight  condi¬ 
tion.  The  longitudinal  controller  Is  then  developed  in  an 


identical  manner.  Finally,  all  controllers  are  combined  and 
tested  yielding  three  complete  controllers,  one  for  each 
flight  condition  (In  the  following  chapter,  the  suitability 
of  using  one  controller  for  all  three  flight  conditions  is 
examined) . 


Lateral  Controller 

Maneuver  Description.  Laterally,  four  maneuvers  are 
examined  to  test  the  controller.  Three  of  these  maneuvers, 
the  flat  turn,  yaw  pointing,  and  horizontal  translation,  are 
the  lateral  maneuvers  being  currently  evaluated  on  test  air¬ 
craft.  These  maneuvers  are  selected  because  they  are  con¬ 
sidered  by  pilots  and  engineers  to  be  those  most  beneficial 
for  an  air-combat /ground-weapon  delivery  fighter.  An  addi¬ 
tional  maneuver,  called  the  rollover,  is  also  examined-  to  test 
the  decoupled  roll  response  of  the  controller. 

The  flat  turn  maneuver  is  accomplished  by  commanding  a 
body  axis  yaw  rate  r  while  commanding  body  axis  side  velocity 
v  and  roll  angle  $  to  zero.  The  side  acceleration  Ay  (in  g’s) 
produced  by  this  command  can  be  determined  from  the  formula: 


Ay 


(r)  (u) 

(57.3)^32.2) 


(50) 


Yaw  pointing  is  accomplished  by  commanding  a  body  axis 
yaw  rate  r  equal  and  opposite  in  sign  to  the  rate  of  change 
of  either  body  axi3  side  velocity  v  or  sideslip  angle  8.  Sine 
body  axis  side  velocity  is  used  as  an  output  in  this  thesis 
rather  than  8,  sideslip  angle  can  be  approximated  as: 
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Horizontal  translation  Is  accomplished  by  commanding  a 
body  axis  side  velocity  v  while  commanding  both  roll  angle  * 
and  body  axis  yaw  rate  r  to  zero. 

The  rollover  maneuver  Is  accomplished  by  commanding  roll 
angle  +  to  some  value  while  commanding  v  and  r  to  zero. 

Lateral  Model.  In  order  to  meet  the  conditions  associated 
with  Porter's  design  method  discussed  in  Chapter  II,  some  modi¬ 
fications  are  made  to  the  data  available  for  each  flight  con¬ 
dition  as  shown  in  equations  (48)  and  (49).  These  modifica¬ 
tions  are  made  to  the  data  in  equations  (48)  and  (49)  (flight 
condition  0.6M,  S.L. ),  and  for  the  other  two  flight  conditions 
tested  (0.9M,  30,000  ft.  and  2.3M,  40,000  ft.).  The  data  for 
these  two  other  flight  conditions  from  FPCC  Sim  and  the  modi¬ 
fied  versions  are  contained  in  Appendix  B. 

The  first  task  is  to  take  equations  (48)  and  (49)  and  to 
separate  the  lateral  state  equations  and  outputs  from  the  A, 
x,  B,  and  u.  The  lateral  states  in  equation  (48)  are  p,  r,  v, 
♦,  y,  and  #.  The  lateral  inputs  are  $a,  6r,  6vc,  F^,  P2»  CDIp 
and  CDIg.  The  lateral  outputs  available  from  FPCC  Sim  are  8 
and  ACGY.  In  order  to  accomplish  the  lateral  maneuvers  dis¬ 
cussed  earlier  in  this  chapter  the  required  outputs  are  v,  r, 
and  The  states  y  and  i( »  can  be  eliminated  to  simplify  the 
plant  and  controller  design,  with  no  degradation  of  the  model. 
Since  this  controller  design  is  for  an  aircraft,  if  no  approxi¬ 
mations  are  used,  the  matrix  product  £2^2  does  not  have  full 


rank.  The  design  requires  that  the  number  of  inputs  m  equals 
the  number  of  outputs  l .  By. using  only  the  minimum  number  of 
outputs  required,  the  resulting  controller  design  is  the 
simplest  possible  (Consideration  is  given  to  using  side  ac¬ 
celeration  ACGY  Instead  of  v  as  an  output.  However,  this 
results  in  a  transmission  zero  at  the  origin  which,  when 
coupled  with  a  small  sampling  time,  yields  a  closed-loop  root 
near  the  origin  in  the  continuous  domain  or  on  the  unit  circle 
in  the  discrete  domain  and  could  result  in  slow  settling  times). 
In  this  case,  there  are  a  minimum  of  three  output s-theref ore, 
there  must  be  only  three  inputs  in  the  u  matrix.  Of  the  in¬ 
puts  available,  those  having  the  most  significant  contribution 
to  lateral  control  are  6a,  6r,  and  6vc.  Other  combinations 
of  inputs  and  outputs  are  tried  in  an  attempt  to  keep  Fx,  ?2 
or  CDI^  CDI2  in  the  input  matrix  u,  but  this  results  in 
either  B2  not  having  full  rank,  or  a  resulting  C2  matrix  for 
which  no  measurement  matrix,  M,  could  be  found  that  would  pro¬ 
duce  full  rank  for  Fg  (See  equations  (31)  and  (32)).  These 
are  both  requirements  of  the  control  technique.  Since  acceler¬ 
ations  are  the  only  elements  in  the  £  vector  that  have  ele¬ 
ments  in  the  feed  forward  matrix,  and  accelerations  are  not 
used  as  outputs  in  this  design,  the  F  matrix  can  be  dropped 
from  equation  (47)  (if  accelerations  are  used,  the  F  matrix 
is  still  eliminated  by  incorporating  the  servo  inputs  as  states, 
resulting  in  an  augmented  A  matrix  with  F  incorporated  into  A) . 

The  resulting  modified  version  of  the  state  and  output 
equations  (48)  and  (49)  used  for  the  design  of  the  lateral 


controller  at  flight  condition  0.6  Mach  and  sea  level  is: 


0  0  .018  1.0 

32.1  -.687  -666.  13.2 

0  .019  -.989  -256 

0  -.0103  1.47  -2.35 


i. 

u  -1 

— 1 

0 

0 

0 

1 

’fia* 

0  1.78  .581 

.00727  -.188  .0368 

fir 

.198  .166  -.0275 

five 

m  — 

V 

t 

m 

r 

L 

0  10  0 
10  0  0 
0  0  10 


1  -  1 


(52) 


(53) 


This  system  Is  checked  on  a  program  available  at  AFIT 
called  "CESA"  (Ref  10)  and  is  found  to  be  both  controllable 
and  observable  (ie  -  no  decoupling  zeroes)  -  two  more  require¬ 
ments  of  Porter's  technique.  The  system  matrix: 


P(s) 


B 

0 


(54) 


is  checked  for  transmission  zeroes  and  none  are  found  (if 
there  are  any,  they  must  be  stable  -  in  the  left  half  s-plane) 
Having  met  all  these  criteria,  the  design  can  continue. 

The  matrix  product  C  B  ■  CjBg  does  not  have  full  rank  as 
expected,  so  the  next  task  is  to  design  the  measurement  matrix 
M  to  feedback  certain  rate  information  so  that  the  resulting 


P2  matrix  has  full  rank  (see  equations  (30),  (31)  and  Figure 
2).  The  design  of  the  M  matrix  for  this  system  is  accomplished 
as  prescribed  in  Ref  27  and  is  described  below. 

Measurement  Matrix  Development.  The  C  matrix  in  equation 
(53)  is  separated  into  two  parts,  and  C2* 


10  0 
0  0  0 
0  10 


(55) 


The  measurement  matrix  must  have  dimensions  zx(n-t)  *  3x1. 
Therefore, 


M 


(56) 


Using  the  methods  of  Ref  27, 


(d1,  d2,  d3>  -  {0,  0,  0} 


and 


a 


0  0  0 

0  .018  1 

0  0  0 


f2  is  obtained  by  using  equations  (30)  and  (3D: 


1  .  0l8m^  0 

0  .0l8m2  m2 

0  1+. 0l8m,  0 


(57) 


(58) 


(59) 


The  elements  of  M  appearing  in  f2  may  be  selected  to  have 
nonzero  values  only  when  the  corresponding  elements  of  B*  are 
nonzero.  Satisfying  this  requirement  while  making  sure  that 
^2  has  full  rank,  results  in  the  measurement  matrix: 


v. 


(60) 


Examination  of  this  M  matrix  and  Figure  2  shows  that  in  addi- 
tion  to  <*,  r,  and  v  being  fed  back,  now  ♦  is  also  in  the  feed¬ 
back  loop.  This  M  matrix  results  in: 


10  0 
0  0  1 
0  l/m2  -.018 


(61) 


By  using  equation  (6l)  along  with  equation  (Mil),  the  discrete 
asymtotic  transfer  function  is  determined  to  be: 
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The  discrete  asymtotic  transfer  function  of  equation 


(62)  reveals  several  facts  concerning  the  lateral  system. 
First,  the  transfer  function  is  diagonal  and  thus  the  outputs 
are  decoupled  as  gain  goes  to  infinity  or  sampling  time 


T  becomes  very  small.  The  desired  closed  loop  eiganvalues. 


»  1  -  o^,  Xg  ■  1  -  T/m2  and  X^  *  1  -  are  selected  by 
choosing  the  values  c^,  m2,  and  (Hef  27).  Therefore,  the 
values  chosen  for  c^,  m2,  and  In  the  controller  design 
have  a  very  significant  Impact  on  the  time  response  of  the 
system. 

The  new  system  matrix  PCs)  with  £  in  place  of  C  is  now 
checked  In  equation  (54)  for  unstable  transmission  zeroes. 

The  result  of  this  check  reveals  that  there  Is  one  transmission 
zero  at  -(1-T/m^. 

Controller  Design.  Armed  with  the  information  acquired 
up  to  this  point,  the  lateral  controller  can  be  designed  and 
the  time  responses  can  be  checked.  During  this  actual  design 
phase,  an  interactive  computer  design  tool  such  as  MULTI  Is  a 
necessity.  The  final  design  is  the  culmination  of  many  itera¬ 
tions  on  MULTI  and  is  achieved  by  varying  the  parameters  in  M, 
£,  a,  and  c.  A  good  starting  point  is  to  set  all  the  para¬ 
meters  to  unity,  compute  Kq  and  K^,  run  a  simulation  and  check 
the  time  response.  The  time  response  may  be  unstable. 

The  next  step  is  to  decrease  c,  recompute  KQ  and  K^,  and 
check  the  time  response  to  a  command  until  the  system  becomes 
stable.  Next  the  designer  must  vary  the  values  in  the  Z 

e 

matrix  to  achieve  the  desired  responses  to  command  Inputs. 

The  elements  of  the  £  matrix  are  related  directly  to  the  ele¬ 
ments  of  the  output  matrix  £.  In  this  design,  increasing 
causes  a  decrease  in  the  rise  time  and  settling  time  of  the 
first  element  of  y,  side  velocity  v.  The  amount  of  each  con- 
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trol  surface  deflection  also  increases,  as  does  the  transient 
part  of  the  surface  deflection.  Increasing  or  decreasing  a 
value  of  z  also  has  an  indirect  effect  on  other  outputs  in  £ 
besides  the  direct  effect  described  above.  Thus,  the  final 
design  of  Z  is  a  compromise  between  the  effects  of  each  on 
all  elements  of  £.  It  is  found  in  this  study  that  one  set  of 
values  for  Z  may  be  the  optimum  to  accomplish  one  of  the  four 
prescribed  lateral  maneuvers,  but  not  for  the  others.  Thus, 
the  final  choise  of  Z  is  another  compromise.  However,  if  com¬ 
puter  space  is  available  to  store  a  different  K^,  pair  for 
each  maneuver,  the  aircraft  performance  for  the  maneuvers  des¬ 
cribed  here  can  be  better  than  that  shown.  The  degree  of 
improvement  varied  from  one  maneuver  to  the  next. 

Varying  the  value  of  m2  in  M  has  some  effect  on  the  over¬ 
all  settling  time  and  the  transients  of  the  time  response. 

Varying  a  seems  to  most  significantly  affect  the  control  In¬ 
puts  to  the  system  u  (control  surface  deflections).  Decreasing 
a  decreases  the  peak  transient  value  of  control  surface  de¬ 
flections  and  Increases  the  steady  state  value,  thus  smoothing 
the  control  input.  This  often  results  in  a' slight  increase  In 
the  settling  time  and  rise  time  of  the  output  response.  The 
opposite  effect  happens  when  o  is  Increased. 

It  must  be  remembered  that  these  responses  to  a  parameter 
variation  may  not  occur  the  same  way  in  all  systems.  This 
difference  in  response  to  a  particular  parameter  variation  from 
one  system  to  the  next  can  be  compared  to  the  difference  in 
response  to  parameter  variation  which  occurs  in  SI30  systems  when 


trying  to  compare  a  second  order  system  to  a  higher  order 
system.  In  MIMO  systems  as  well  as  in  higher  order  SISO 
systems,  poles  and  zeroes  Interact,  often  resulting  in 
an  unexpected  time  response. 

The  final  values  selected  for  the  lateral  controller  are 
listed  below.  These  values  are  found  to  be  "optimal11,  or 
"nearly  optimal",  for  all  flight  conditions.  Therefore  the 
same  values  of  Z,  M,  a,  and  e  are  used  for  all  three  flight 
conditions  tested. 


Z  ■  0.2  0  0 

0  0.5  0 

0  0  3.0 

a  ■  1.5 

e  •  0.1,  T  »  0.01 


(64) 

(65) 

(66) 


For  the  0.6  Mach,  sea  level  flight  condition: 
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(68) 


The  Kq,  pairs  for  the  0.9  Mach,  30,000  ft.  and  2.3  Mach, 
40,000  ft.  flight  conditions  can  found  in  Appendix  B. 

The  time  responses  for  the  four  lateral  maneuvers  for 
the  0.6  Mach,  sea  level  flight  condition  appear  in  Figures  4 
through  8.  Time  responses  for  the  0.9  Mach,  30,000  ft.  flight 
condition  are  shown  in  Figures  9  through  13.  Finally,  time 
responses  for  the  2.3  Mach,  40,000  ft.  flight  condition  are 
shown  in  Figures  14  through  18.  The  approximate  figures  of 
merit  and  commanded  inputs  for  each  maneuver  and  flight  con¬ 
dition  are  summarized  in  Table  VI. 

Longitudinal  Controller 

Maneuver  Description.  Longitudinally,  three  maneuvers 
are  examined  to  test  the  controller.  The  maneuvers  are  pitch 
pointing,  vertical  translation,  and  direct  lift  and  are  chosen 
because  they  are  considered  to  be  most  useful  to  a  pilot  during 
an  air-to-air  or  air-to-ground  engagement. 

Pitch  pointing  is  accomplished  by  varying  o  and  9  by 
equal  amounts.  Since  flight  path  angle  y  equals  9  minus  o, 
flight  path  angle  remains  constant  while  the  aircraft  pitches 
up  or  down  around  its  lateral  axis. 

Vertical  translation  is  accomplished  by  commanding  a  to 
some  value  while  commanding  9  to  zero.  Thus,  for  a  negative 
o  command,  y  increases  and  the  aircraft  translates  vertically 

V 

without  pitching  up. 

The  final  maneuver,  direct  lift,  is  accomplished  by  com¬ 
manding  a 'to  some  value  while  commanding  a  and  u  to  zero.  The 
resulting  maneuver  is  a  pitch  up  with  increasing  0  and  g-loading 
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with  no  increase  in  a.  The  output  u  is  needed  in  this 
equation  because  with  a  jet  flap  if  u  is  allowed  to  decrease, 
more  and  more  control  surface  is  needed  until  the  control 
reaches  the  maximum  surface  deflection  and  the  maneuver 
cannot  be  maintained.  If  u  is  kept  at  zero,  or  close  to 
zero,  control  deflections  go  through  a  transient  to  a  steady 
state  and  the  maneuver  can  continue.  The  only  maneuver  where 
this  drop  in  velocity  is  significant  is  direct  lift.  In 
order  to  maintain  u  at  zero  during  direct  lift,  total  thrust, 

P,  must  be  added  to  the  input  vector  v  commanded  by  the  pilot. 
Commanding  thrust  to  control  forward  velocity  u  is  needed  more 
in  a  jet  flap  type  aircraft  than  a  conventional  aircraft  be¬ 
cause,  as  the  jet  flap  deflects  to  create  a  moment  on  the  air¬ 
craft,  thrust  changes  significantly,  unlike  non-jet  flap  equiped 
aircraft . 

Longitudinal  Model.  As  was  the  case  in  designing  the 
lateral  controller,  some  modifications  to  the  data  available 
from  PPCC  Sim  In  the  form  of  equations  (48)  and  (49)  must  be 
made.  Again,  although  the  modifications  to  the  data  shown  in 
this  chapter  are  for  the  flight  condition  0.6  Mach  at  sea 
level,  identical  modifications  are  required  to  the  data  for 
the  other  two  flight  conditions  tested.  The  results  of  the  • 
modifications  to  the  other  two  flight  conditions  are  In  Appen¬ 
dix  B. 

The  longitudinal  states  and  Inputs  in  equation  (43)  are 
q,  w,  u,  a,  h,  x  and  6c,  6J ,  6mf,  F^,  Pj,  CDI,,  and  COI2,  re¬ 
spectively.  The  longitudinal  outputs  available  in  equation 


(49)  are  a'i  VEL,  ACGX  and  ACGZ.  In  order  to  accomplish  the 
longitudinal  maneuvers  discussed  earlier,  the  required  out¬ 
puts  are  8,  u,  a,  and  total  thrust  (P1+P2).  The  CDI  contri¬ 
bution  is  minimal  and  can  be  removed.  The  states  h  and  x  can 
be  eliminated  with  no  model  degradation  to  simplify  the  pro¬ 
blem.  Finally,  P  can  be  added  to  the  input/output  vectors 
v/£  by  augmenting  the  modified  state  and  input  matrixes,  A  and 
B,  with  the  thrust  time  delay  characteristic: 
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Now  total  thrust  PT0T  is  a  state  and  can  be  used  as  an  output. 
Finally,  to  simplify  C,  angle  of  attack  is  approximated  as: 
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After  making  the  above  modifications,  the  longitudinal  state. 
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0  0  w 
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This  longitudinal  system  was  found  to  be  both  controllable 
and  observable.  Also,  the  system  matrix,  P(s),  described  by 
equation  (54),  is  checked  and  reveals  one  transmission  zero  at 
1-0.574T  due  to  the  engine  time  constant. 

Since  the  matrix  product  CjB,,  does  not  have  full  rank,  a 
measurement  matrix  must  be  designed  for  the  longitudinal  con¬ 
troller  as  is  done  for  the  lateral  controller.  This  allows 
the  C  matrix  to  be  replaced  by  an  f  matrix  which  has  an  £2 
element  with  full  rank. 

Measurement  Matrix  Development.  The  measurement  matrix 
M  is  designed  in  the  same  manner  as  for  the  lateral  controller. 
Equation  (72)  separates  into  two  parts: 


0  0 
1  0 


0  0 
0  0 


00149  0  0 


0  0 


The  proper  dimension  for  the  measurement  matrix  M  is 


4x1.  Therefore: 


where : 


Xs!} 


(d^  d2,  d3,  djj }  -  {0,  0,  0,  0} 


(75) 


and 


B* 


0  0  10 
0  0  0  0 
0  0  0  0 
0  0  0  0 


(76) 


_2  is  derived  using  equations  (30)  and  (31) 


' ty 


i* 


0  0  m^  0 

10  m2  0 
0  .00149  m3  0 

0  0  IBjj  lj 


(77) 


Almost  all  the  elements  of  B*  are  zero,  so  to  give  F, 
full  rank  and  have  the  simplist  M  matrix. 


M 


m] 

0 

0 

0 


(73) 


Examination  of  equation  (78)  along  with  Figure  2  reveals  that 
states  e,  u,  a,  and  FT0T  along  with  6,  or  q,  are  being  fed 
back  In  this  system.  Now, 


0  10  0 

0  0  671.1^1  0 

—  00  0 

"1 

'0  0  0  1 


(79) 
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The  discrete-time  asymtotic  transfer  function,  £(x),  is 
calculated  to  be: 


r(x)  «  £(x)  +  r(x)  * 


(80) 

Equation  (80)  reveals  that  the  longitudinal  design  is 
decoupled  as  T  gets  very  small.  Also,  the  values  chosen  for 
m^,  c2,  o ^  and  have  the  biggest  Impact  on  the  time  response 
of  the  design.  Finally,  the  new  system  matrix,  P(s),  con¬ 
taining  -f  Instead  of  -C  reveals  transmission  zeroes  at  1-.574' 
and  1-T/rr^. 

Controller  Design.  Designing  the  longitudinal  controller 
is  no  different  than  designing  the  lateral  controller.  The 
final  values  selected  for  the  longitudinal  controller  are 
listed  below.  As  with  the  lateral  controller,  for  this  system 
these  values  are  found  to  be  "optimal”  or  very  "near  optimal" 
for  all  flight  conditions  tested.  Therefore,  the  values  of 
£,  M,  a  and  e  are  the  same  for  all  three  flight  conditions 
tested. 


T/mx 

xpi+F/n"  0 
°2 

0  X2-I+o2 

0  0 

0  0 


aH 

x^T+o^ 


6  0 

0  . 

0  0 

0  0 


0.1,  T  -  0.01 


(84) 


For  the  0.6  Mach*  sea  level  flight  condition: 


-.1334  .02042  .72615  0 

6.0737  -.06469  -24.3627  0 

-46.3276  .4493  65*5390  0 

0  0  0  .3833 

-.1213  .01857  .6601  0 

5.5215  -.05888  -22.1480  0 

-42.1160  .4035  59.5809  0 

000  .3434 


(85) 


(96) 


The  Kq,  pairs  for  the  .9  Mach,  30,000  ft.  and  the  2.3 
Mach,  40,000  ft.  flight  conditions  are  given  in  Appendix  E. 

.  The  time  responses  for  the  three  longitudinal  maneuvers 
for  the  0.6  Mach,  3ea  level  flight  condition, appear  in 
Figures  19  through  21.  Time  responses  for  the  0.9  Mach, 

30,000  ft.  flight  condition  follow  in  Figures  22  through  24. 
Finally,  time  responses  for  the  2.3  Mach,  40,000  ft.  flight 
condition  appear  in  Figures  25  through  27-  The  approximate 
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PITCH  POINT INO  U.3N.4CK) 


Fig  25.  0.5  Degree  Fitch  Pointing  (2.3r:,40K) 


M_,»l 


figures  of  merit  and  commanded  inputs  for  each  maneuver  and 
flight  condition  are  summarized  in  Table  VII. 

The  magnitudes  of  the  commanded  maneuvers,  both  lateral 
and  longitudinal,  are  selected  to  fall  in  the  top  part  of  the 
maximum  magnitude  allowable  at  each  flight  condition  (based 
on  the  control  surface  not  reaching  the  maximum  allowed  at 
that  flight  condition  and  described  in  Table  II).  Also,  the 
rate  at  which  a  control  surface  is  deflected  is  kept  at  an 
acceptable,  realizable  level.  Because  the  jet  flap  is  a  new 
concept  and  not  much  Information  on  possible  rate  limits  is 
available,  not  much  was  done  to  adjust  it's  rate.  However, 
should  any  rate  of  control  deflection  in  this  report  be  found 
to  be  too  large;  it  can  easily  be  slowed  by  ramping  up  the 
command  to  its  final  value  at  a  slower  rate  than  is  commanded 
when  the  rate  of  control  deflection  is  unacceptable.  This 
results  in  a  slight  lowering  of  rise  time  and  settling  time. 

Because  commands  are  near  maximum,  the  reader  can  get  a 
good  idea  of  the  capabilities  of  both  this  aircraft  and  the 
controllers.  These  controllers  are  the  best  this  author 
could  design  in  the  time  allowed  for  this  study.  They  could 
probably  be  improved  to  achieve  still  better  performance  by 
engineers  experienced  in  aircraft  controller  design.  Never 
the  less,  responses  of  this  controller  are  close  to  (some 
slightly  exceed,  some  are  slightly  less  than)  the  published 
capabilities  of  the  CCV  aircraft  -  the  predecessor  to  the 
AFTI-16. 
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is  based  on  the  time  required  for  the  non-zero  output  to  go  from 
3%  of  its  steady-state  value. 
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Combining  Lateral  and  Longitudinal  Controllers.  A  close 
examination  of  equations  (43)  and  (.49)  reveals  that  the  A 
matrix  Is  completely  decoupled  laterally  and  longitudinally. 

The  B  matrix  becomes  decoupled  into  controls  which  affect 
only  the  lateral  or  longitudinal  mode  after  CD^  and  CDI2  are 
dropped  and  and  Fj  are  combined  to  form  only  one  thrust 
input,  FTqt*  Aa  a  result  of  combining  thrust  into  one  control 
rather  than  allowing  differential  thrust,  the  ij  contribution 
to  states  p  and  r  disappears,  since  jet  flaps  deflect  symmetri¬ 
cally.  Thus,  the  system  is  completely  decoupled.  Most  air¬ 
craft  are  not  quite  as  decoupled  as  this  one,  but  they  are 
close.  While  preceeding  through  this  design,  the  effect  of 
coupling  is  discussed  as  it  affects  each  step  of  the  design. 

The  lateral  and  longitudinal  state  equations  (52),  (53), 
(71)  and  (72)  are  combined  to  yield: 
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This  composite  system,  is  both  controllable  and  observable 


and  has  one  transmission  zero  at  1-0.574T.  The  C  matrix,  when 
broken  down  Into  and  £2,  displays  an  interesting  trait  that 
makes  combining  the  lateral  and  longitudinal  controllers  an 


easy  task.  and  £2  are  both  simply  block  diagonal  matrixes 
with  the  upper  block  composed  of  the  £^/£2  ma-trlx  the 

longitudinal  controller  and  the  lower  block  composed  of  the 
C^/£2  matrix  from  the  lateral  controller.  The  ?,  £,  M,  a,  £, 
and  r  matrixes  all  follow  the  same  pattern: 
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1.1  0 


1.1  0 


1.1  0 


1.5  0  0 

0  1.5  0 


(55) 


.10  0 


0  0  0 
0  0  0 
0  0  0 
0  0  0 


.2  0  0 
0.5  0 
0  0  3 


(96) 


e  *  0.1;  m,^  *  0.5;  rtigj  a  1)  T 


0.01 


(97) 


(Note  that  a  is  a  scaler  when  designing  the  individual  lateral 
and  longitudinal  controllers,  and  is  a  matrix  now.  The  same 
can  be  done  with  e  if  it  differed  from  the  lateral  to  the 
longitudinal  case,  or  e  could  be  absorbed  by  the  elements  of 
the  Z  matrix).  The  block  diagonal  form  of  these  matrixes  holds, 
reg  ardless  of  the  amount  of  coupling  in  the  combined  state 
equations.  However,  the  degree  of  coupling  does  affect  the 
rest  of  the  design. 

Since  there  is  no  coupling  whatsoever  in  the  system 
examined  here,  equations  (39)  through  (97)  stand  as  a  final 
design  for  the  complete  system.  Again,  Kq  and  follow  the 
block  diagrnal  construction  displayed  so  far  throughout  this 
design.  For  the  0.6  Mach,  sea  level  flight  condition: 


:y  ‘  ‘ 


-.1334  .02042  .7261  0  ,0 
6.0737  -.06469  -24,3628  0  Jo 
-46.3276  .41*93  .  65.5390  0  lo 
000  .3833*0 


I-. 000790  .3676  1.795 

;  .006299  .00888  -1.453 

1 .03234  -.02722  4.451 

(98) 


-.1213  .0186  .6601  0 

5.5215  -.0589  -22.1480  0 

-42.1160  .4085  59-5809  0 

0  00  .3484 


-.000527  .2450  1.1969 
.004199  .00592  -.9686 
.0215  -.0181  2.9675 


(99) 


The  Kq ,  pairs  for  the  0.9  Mach,  30,000  ft.  and  2.3  Mach, 

40,000  ft.  flight  conditions  have  a  form  Identical  to  equa¬ 
tions  (98)  and  (99)  and  are  presented  in  Appendix  B.  Because 
of  this  form,  any  input  to  this  combined  system  has  a  time 
response  identical  to  that  resulting  from  the  same  input  into 
the  lateral  and  longitudinal  controllers  separately.  An  ex¬ 
ample  of  this  is  shown  in  Figures  23  and  29  where  the  same 
inputs  used  for  the  horizontal  translation  maneuver  laterally 
and  the  vertical  translation  maneuver  longitudinally  are 
combined  and  serve  as  inputs  to  the  combined  system  (Fig  28) 
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Jink"  Maneuver  Control  Inputs  (.9K.30X) 


This  is  not  the  case  if  there  is  any  coupling  between 
the  lateral  and  longitudinal  modes.  First,  if  there  is  some 
coupling,  the  Kq,  pair  do  not  have  the  block  diagonal  form 
of  equations  (98)  and  (99).  If  the  initial  design  uses  e, 
and  a  as  constructed  in  equations  (95),  (96),  and  (97)  from 
the  £,  Z,  and  a  designs  of  the  lateral  and  longitudinal  con¬ 
trollers,  the  main  block  diagonal  terms  consists  of  the  KQ, 
pair  of  the  original  controller,  as  in  equations  (98)  and 
(99).  However,  if  there  is  coupling  in  the  B  matrix,  off 
diagonal  terms  appear  (see  Eqs  (3*0  and  (35)).  The  magnitude 
of  these  terms  depends  on  the  degree  of  coupling.  The  response 
to  a  given  input  is  no  longer  identical  to  that  obtained  when 
the  same  input  is  put  into  the  separate  lateral  or  longitudinal 
system,  and  some  more  tuning  of  the  Z  matrix  may  be  required 
if  the  response  is  inadequate  for  the  combined  system.  The 
same  tuning  may  be  required  if  the  A  matrix  for  the  combined 
system  is  not  fully  decoupled.  Although  the  K^,  K.,  pair  is 
not  affected  by  coupling  in  the  A  matrix,  the  time  response 
to  a  given  input  is.  However,  since  on  many  aircraft  this 
coupling  is  minimal,  very  little  adjustment  is  required  on 
the  Initial  design  acquired  after  combining  the  controllers. 

The  final  maneuver  tested  on  the  combined  controller  in 
this  chapter  is  a  60  degree  banked  coordinated  turn.  The 
perturbation  angle  of  attack  for  a  level  60  degree  banked 
turn  at  0.9  Mach  and  30,000  ft.  is  estimated  to  be  1.5  degrees. 
Yaw  rate  r  Is  determined  from  the  equation: 


If  this  controller  was  Implemented  on  an  aircraft,  the  pro¬ 
per  blending  of  r,  $,  and  o  Cas  well  as  9,  uf  and  v) 

for  this  and  other  "coupled"  maneuvers  would  be  computed 
according  to  what  the  pilot  commands  prior  to  being  input  in¬ 
to  the  controller.  This  function  is  performed  by  the  on  board 
computer. 

The  controller's  response  to  the  60  degree  bank,  level, 
coordinated  turn  command  is  shown  in  Figures  30,  31,  and  32. 

The  responses  are  very  good  and  demonstrate  the  ability  of 
the  controller  designed  to  perform  coupled  as  well  as  decoupled 
maneuvers . 


Conclusion 

Although  each,  maneuver  is  not  tested  on  the  combined 
controllers  for  each  flight  condition  as  It  was  on  the  separate 
lateral  and  longitudinal  controller  designs,  the  maneuvers 
are  tested  Individually  on  each  combined  controller  in  the 
next  chapter  during  robustness  testing.  What  is  achieved  in 
this  chapter  is  very  significant.  The  combined  controllers 
designed  here  have  only  one  set  of  gain  values  needed  to 
accomplish  any  combination  of  the  seven  maneuvers  tested  in 
this  chapter  with  satisfactory  results.  This  is  contrary  to 
what  is  presently  done  on-board  other  aircraft  which  basically 
gain  schedule  for  every  maneuver  and  flight  condition.  This 
new  flight  controller  would  thus  require  less  computer  time 
to  accomplish  gain  scheduling  resulting  In  the  on-board  com¬ 
puter  having  more  time  to  accomplish  other  necessary  tasks. 
Also,  It  can  be  seen  by  examining  all  K Q matrix  pairs 
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that  the  gains  used  by  this  system  are  relatively  low  and 
thus  the  system  is  less  likely  to  be  affected  by  noise.  An 
even  more  significant  aspect,  the  robustness  of  this  the  con¬ 
troller  design,  is  brought  out  in  the  following  chapter  which 
further  points  out  the  advantages  of  using  this  design  tech¬ 
nique  over  classical  methods. 
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CHAPTER  V 


ROBUSTNESS  TESTING  ON  COMPLETE  CONTROLLER 

Introduction 

Presently  on  aircraft  with  digital  flight  control  systems, 
gain  scheduling  is  used  extensively  to  maximize  aircraft  per¬ 
formance  in  accomplishing  different  maneuvers  at  different 
flight  conditions.  As  a  result,  the  on-board  computer  spends 
much  of  its  time  simply  loading  and  unloading  different  gain 
values  into  its  core  memory  to  perform  the  necessary  calcula¬ 
tions  required  for  flight  control. 

Throughout  the  literature  published  on  his  design  tech¬ 
nique  (Ref  27,  for  example)  Professor  Porter  makes  the  clair. 
that  the  controller  design  using  this  method  is  very  robust. 

In  terms  of  an  aircraft  flight  control  system,  this  would  mean 
a  single  controller  capable  of  giving  satisfactory  performance 
over  a  wide  range  of  flight  conditions.  A  small  set  of  robust 
controllers  can  eliminate  much  of  the  gain  scheduling  re¬ 
quired  on  present  digital  flight  control  systems  thus  leaving 
the  on-board  computer  free  to  accomplish  other  tasks. 

This  chapter  describes  how  the  flight  controllers  devised 
in  this  study  are  tested  for  robustness.  A  very  limited 

m 

amount  of  data  from  the  modified  version  of  FPCC  Sim  (P.ef  3) 
is  available  for  testing.  This  results  in  the  tests  being 
performed  on  only  three  flight  conditions,  but  for  a  very  wide 
range  of  dynamic  pressure.  For  the  three  flight  conditions 
examined,  dynamic  pressure  varies  from  a  low  of  356  psf  at 


the  0.9  Mach,  30,000  ft.  flight  condition,  to  a  high  of  1450 
psf  for  the  2.3  Mach,  40,000  ft.  flight  condition.  As  a  re- 
sult  of  this  restriction  on -the  number  of  flight  conditions 
examined,  the  resulting  "universal"  controller  is  capable  of 
producing  stable  results  over  a  very  wide  range  of  flight 
conditions,  but  the  resi  cs  are  not  as  good  as  they  are  when 
the  controller  is  designed  for  a  specific  flight  condition. 


Universal  Controller 

The  "universal"  controller  devised  here  consists  of  the 
lateral  controller  for  the  2.3  Mach,  40,000  ft.  flight  condi¬ 
tion  and  the  longitudinal  controller  for  the  0.9  Mach,  50,000 
ft.  flight  condition.  These  controllers  are  found  to  give  the 
best'  maneuver  performance  over  the  range  of  all  flight  condi¬ 
tions  tested  (0.6  Mach,  sea  level,  0.9  Mach,  30,000  ft.,  and 
2.3  Mach,  40,000  ft.).  The  lateral  and  longitudinal  parts  of 
the  "universal"  controller  are  combined  in  the  same  manner  as 
described  in  Chapter  IV  when  combining  the  lateral  and  longi¬ 
tudinal  controllers  to  achieve  a  complete  controller  for  a 
particular  flight  condition.  The  resulting  controller  matrixes 


1.120  .0157  -6.051  0  0 
1.500  -.0198  -7.544  0  0 
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The  next  task  Is  to  use  this  controller  at  different 
flight  conditions  and  attempt  the  same  maneuvers  tested  In 
Chapter  IV.  The  results  are  then  compared  with  those  achieved 
by  the  controller  designed  specifically  for  that  particular 
flight  condition.  In  Figures  33  through  78  each  output  vari¬ 
able  is  plotted  for  the  "universal”  or  "robust"  controller 
verses  the  same  output  from  the  controller  designed  at  the 
specific  flight  condition  tested.  Outputs  not  shown  remain 
at  zero. 


0.6  Mach,  Sea  Level  Flight  Condition 

The  results  of  tests  performed  on  the  "universal"  con¬ 
troller  at  the  0.6  Mach,  sea  level  flight  condition  are  per¬ 
haps  the  most  interesting  because  neither  the  lateral  nor 
longitudinal  parts  of  the  "universal"  controller  are  designed 
for  the  0.6  Mach,  sea  level  flight  condition.  Each  of  the 
seven  maneuvers  tested  is  summarized  in  Figures  33  through 
46.  The  figures  of  merit  for  the  "universal"  controller  are 
summarized  in  Table  VIII  and  can  be  compared  with  those  of 
Table  VI  and  VII  for  the  0.6  Mach  sea  level  flight  condition. 
The  figures  of  merit  for  the  Horizontal  Translation  maneuver 
actually  improve  when  using  the  universal  controller  compared 
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to  the  0.6  Mach  controller.  This  is  the  only  case  where  this 
occurs  in  the  robustness  testing.  Performance  of  the  rollover, 
yaw  pointing,  and  direct  lift  maneuvers  is  approximately  the 
same  when  performed  by  the  "universal"  or  0.6  Mach  controller. 
Vertical  translation,  horizontal  translation  and  pitch  pointing 
maneuver  performance  is  down-graded  somewhat  to  a  level  which 
may  or  may  not  be  unacceptable  when  using  the  "universal"  con¬ 
troller.  The  flat  turn  maneuver  performance  when  using  the 
"universal"  controller  is  stable  but  unacceptable  in  most  in¬ 
stances  due  to  the  long  settling  time. 


0.9  Mach ,  30,000  ft.  Flight  Condition 

The  "universal"  controller  contains  the  longitudinal  part 
of  the  controller  designed  to  operate  at  the  0.9  Mach,  30,000 
ft.  condition.  Because  of  this,  perTcrmar.ee  of  the  longitu¬ 
dinal  maneuvers  (pitch  pointing,  direct  lift,  and  horizontal 
translation)  is  identical  for  both  the  "universal"  and  0.9 
Mach  controllers,  as  shown  in  Figures  47  through  64.  Laterally, 
the  yav;  pointing,  rollover  and  flat  turn  maneuver  perfcrmar.cc- 
ls  approximately  the  same  for  both  the  "universal"  controller 
and  the  0.9  Mach  controller.  The  flat  turn  maneuver  perfor¬ 
mance  when  using  the  "universal'  controller  can  be  further  im¬ 
proved  ever  the  0.9  Mach  controller  by  decreasing  the  rise 
time  in  the  command  innut  (see  Table  VIII).  When  this  is 


attempted  on  the  0.9  controller,  unacceptably  large  oscilla¬ 
tions  occur  in  the  body  axis  yav/  rate  output  r.  Horizontal 
translation  maneuver  performance  Is  degraded  when  using  the 
"universal"  controller  com.carsu  with  chat  -when  using  the  0.9 
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vertical  canards  reach  their. limits  sooner  when  using  the 
"universal"  controller  than  when  using  the  0.9  Mach  ccntrolle: 
(see  figures  ^3  and  50).  When  a  smaller  magnitude  of  the  sid 
velocity  v  is  commanded,  the  difference  in  maneuver  perfor¬ 
mance  between  the  "universal"  and  the  0.9  Mach  controllers 
decreases  (see  Tables  VII  and  VIII). 


2.5  Mach,  4 Q , 0 C 0  ft.  Flight  Condition 

The  "universal"  controller  contains  the  lateral  part  of 
the  controller  designed  to  operate  at  the  2.3  Mach,  U0,0C0  ft 
flight  condition.  Because  of  this,  performance  of  the  latera 
maneuvers  (horizontal  translation,  rollover,  flat  turn,  and 
yaw  pointing)  is  identical  for  both  the  "universal"  and  the 
2.3  Mach  controllers,  as  shown  in  Figures  65  thorough  73. 
Longitudinally,  pitch  pointing  and  direct  lift  maneuver  per¬ 
formance  is  approximately  the  same  for  both  the  "universal" 
controller  and  the  2.3  Mach  controller.  Vertical  translation 
maneuver  performance  is  degraded  somewhat  when  using  the 
"universal"  controller  over  that  achieved  using  the  2.3  con¬ 
troller  due  to  the  oscillations  in  the  output  a  (see  Figure 
77).  This  degradation  is  not  extreme  and  may  be  acceptable  i 
most  instances. 


Conclusions 


Table  VIII  summarizes  maneuver  performance  using  the 
cal"  cr  "robust"  controller  for  eac! 

Cc. rearing  Table  VIII  to  Cables  VI. 
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the  figures  in  this  chapter  and  Chapter  IV  rives  a  good  feel 
for  the  amount  of  performance  degradation,  if  any,  when  using 
the  "universal"  controller. 

The  ability  of  the  single  controller  designed  here  to 
perform  in  a  stable  manner  over  such  a  wide  range  of  flight 
conditions  may  be  attractive  to  a  large  transport  aircraft. 
However,  on  a  air-to-air  or  ground-attack  aircraft  such  as  the 
one  examined  here,  the  degradation  in  performance  over  a  con¬ 
troller  designed  to  perform  at  a  specific  flight  condition  for 
some  of  the  maneuvers  tested  here  in  unacceptable  (see  Tables 
VI,  VII  and  VIII).  The  deficiencies  can  be  easily  corrected 
by  designing  a  set  of  controllers,  with  new  controller  gain 
values  being  loaded  into  the  on-board  computer's  central  mem¬ 
ory  before  maneuver  performance  becomes  unacceptable.  The 
result  would  be  an  aircraft  capable  of  maximum  performance 
over  an  extremely  large  range  of  flight  conditions.  The  ro¬ 
bustness  of  each  controller  still  results  in  a  large  savings 
of  computer  time  by  decreasing  significantly  the  amount  of 
gain  scheduling  required  by  present  digital  control  designs. 

As  a  final  note,  it  can  be  seen  throughout  the  figures 
displayed  in  this  chapter  that  the  responses  of  the  0.6  Mach, 
the  0.9  Mach,  and  the  2.3  Mach  complete  controllers  are  iden¬ 
tical  for  Identical  Inputs  to  the  separate  lateral  and  longi¬ 
tudinal  controllers  designed  in  Chapter  IV  for  the  0.6  Mach, 
0.9  Mach,  and  2.3  Mach  flight  conditions. 


CHAPTER  VI 


RESULTS,  CONCLUSIONS  AND  RECOMMENDATIONS 


Introduction 

This  study  examines  Professor  Porter's  multivariable 
design  technique  in  the  design  of  a  flight  control  system  for 
an  advanced  aircraft  with  augmented  flight  controls.  In  this 
thesis,  first,  the  theory  and  aircraft  model  are  briefly  studied. 
Next,  both  the  lateral  and  longitudinal  controllers  are  de¬ 
signed  and  tested  separately  on  decoupled  six  degree-of-freedom 
maneuvers.  Then,  the  lateral  and  longitudinal  controllers  are 
combined  for  each  flight  condition  studied.  These  combined 
controllers  for  each  of  the  three  flight  conditions  explored 
are  tested  against  a  "universal”  controller  composed  of  the 
lateral  controller  from  the  2.3  Mach  flight  condition  and  the 
longitudinal  controller  from  the  0.9  Mach  flight  condition. 

Also,  while  completing  the  controller  designs,  several  modifi¬ 
cations  are  made  to  MULTI,  the  basic  computer  tool  designed  by 
AFIT  students  tc  aid  in  applying  Professor  Porter’s  method  of 
controller  design.  While  accomplishing  these  tasks,  several 
advantages  and  disadvantages  of  the  design  technique  were  un¬ 
covered. 

Results 

The  aircraft's  response  to  the  four  lateral  maneuvers 
tested  is  shown  in  Figures  ^  through  13  and  is  summarized  in 
'  Table  VI.  These  results  she.'  shat  one  lateral  controller  is 
sufficient  at  each  flight  condition  to  command  all  four  maneu- 


vers  with  excellent  result-.  The  same  Is  true  of  the  longi¬ 
tudinal  controller  design.  The  results  of  the  longitudinal 
maneuver  tests  are  shown  in  Figures  19  through  27  and  are 
summarized  in  Table  VII.  Although  the  responses  to  both 
lateral  and  longitudinal  commands  are  excellent,  they  can  be 
further  improved  (for  example,  removing  some  of  the  small  os¬ 
cillations  in  the  r  and  a  responses)  by  more  "tuning"  of  the 
elements  contained  in  the  Z  and  a.  Time  does  not  perr it  im¬ 
proving  the  outputs  beyond  what  is  contained  in  this  thesis. 
Also,  the  ability  of  the  controllers  to  perform  standard  coup 
maneuvers,  such  as  a  level  60  degree  banked  coordinated  turn 
is  confirmed  in  Figures  30,  31,  and  32. 

Finally,  it  is  shown  in  Chapter  5  that  one  controller  co 
twining  both  the  lateral  controller  designed  for  the  2.3  Mach 
^0,000  ft.  flight  condition,  and  the  longitudinal  controller 
designed  for  the  0.9  Mach  and  30,000  ft.  altitude  flight  con¬ 
dition,  can  produce  very  good  results  at  flight  conditions 
ranging  from  0.6  Mach,  sea  level  to  2.3  Mach  and  40,000  ft. 
altitude.  The  results  of  these  robustness  tests  are  shown  in 
Table  "III.  As  expected,  there  is  some  degradation  in  oerfor 
rr.ance  when  comparing  the  robust  controller  results  to  tnose 
attained  by  a  controller  designed  for  a  specific  flight  c^ndi 
ticn,  but  the  degradation  is  small  when  looking  at  thft  wide 
range  of  flight  conditions  tested  (0.5  Mach,  sea  level;  0.9 
Mach,  20,000  ft.;  and  2.3  Mach,  40,000  ft.).  Although  “here 
are  many  places  in  the  flight  envelope  which  have  r.ot  been 
-xp.lored,  these  results  are  very  encouraging  and  certainly 


warrent  more  exhaustive  st  into  this  feature  of  the  design 
technique. 


A  brief  listing  of  the  advantages  and  disadvantages  of 
this  design  technique  when  compared  to  today's  classical  and 
LQG  techniques  follows.  This  list  pertains  to  those  advan¬ 
tages  and  disadvantages  found  while  designing  the  controller 
for  aircraft  (irregular  plant ) ,  and  ray  not  consider  all  the 
advantages  and  disadvantages  of  using  the  design  technique 
on  other  systems. 

Advantages . 

1)  Dr.  Porter's  technique  is  straight-forward  and 
fast.  Rather  than  dealing  with  the  inner  most  loop  of  an  air¬ 
craft  model  and  working  outward  tc  a  final  design  as  is  pre¬ 
sently  done  using  classical  methods,  the  design  is  done  all  at 
once  with  the  entire  system.  Feedback  loops  are  determined  by 
the  outputs  and  the  measurement  matrix  M  (see  Fig  2).  Changes 
are  made  to  the  feedback  loops  without  having  to  go  back  and 
redesign  the  entire  system.  This  results  in  a  large  time  and 
manpower  savings  over  classical  techniques. 

2)  Although  some  advanced  knowledge  of  aircraft 
controller  design  is  benefical,  it  is  not  required  to  use 
Porter's  design  technique.  A  thorough,  understanding  of  ?Grter 
method  is  desirable.  After  this  understanding  is  acquired,  an 
engineer  is  well  equiped  to  design  a  controller  for  aircraft 
flight  control  or  a  controller  f*r  any  other  system  completely 
unrelated  to  aircraft.  Specif I -at lor.:,  and  limits  are  all  that 
are  really  needed  co  accomplish  any  design. 


3)  In  aircraft  flight  controller  design,  both  the 


lateral  and  longitudinal  controllers  can  be  designed  separately 
and  then  a  minimum  amount  of  tuning  is  required  when  both  con¬ 
trollers  are  combined  (see  Chapter  IV).  Thus,  two  completely 
separate  engineering  teams  can  come  up  with  either  a  lateral 
or  longitudinal  controller  independently  and  they  can  then  be 
combined  In  a  short  time  to  produce  the  overall  aircraft  con¬ 
troller. 


4 )  Using  Porter's  technique  has  resulted  in  believ¬ 
able  realistic  aircraft  controllers.  The  requirement  that  ail 
states  be  accessable,  such  as  in  LQG  controller  design,  is  not 
a  requirement  of  Porter's  method.  Mo  observer  or  state  esti¬ 
mator  is  required  unless  desired  outputs  are  difficult  to  mea¬ 
sure  or  are  corrupted  by  noise. 


5)  The  design  method  is  capable 
controllers  capable  of  performing  well  not 
conditions  for  which  they  are  designed,  but 
range  of  other  flight  conditions  with  seme 
of  performance  (see  Chapter  V).  As  a  resul 
Is  minimised,  thereby  reducing  the  load  on 


of  synthesising  seme 
only  at  the  flight 
for  a  very  wide 
small  degradation 
t,  gain  scheduling 
the  flight  computer. 


Disadvantages . 

1)  Controlling  rates  and  accelerations  directly,  if 
the  integral  of  those  rates  and  accelerations  is  an  element  of 
the  state  vector  £,  results  in  a  transmission  sero  at  the 
origin  in  the  multi -dimensional  s-domain  cr  on  the  unit  circle 


in  the  discrete  s-domain. 


:igh  gains  or  low  same  ling 


>1  -  u  —  a  rz 


this  can  result  in  slew  time  responses  (although  systems  can  be 
designed  using  this  met r'-d  v.h*  n  do  control  rates,  and  acceiera 


S 


* 


tions  directly  and  effectively  (see  Ref  29),  This  requires 
a  good  knowledge  of  modelling  techniques  for  aircraft). 

2)  Plight  control  inputs,  such  as  aileron  or 
elevator  deflection,  cannot  be  controlled  directly  and  inde¬ 
pendently  by  the  designer.  Increasing  or  decreasing  an  element 
of  the  £  matrix  affects  all  control  surfaces  commanded  by  the 
controller  to  perform  a  specific  maneuver  -  not  only  one.  For 
an  aircraft  with  both  a  jet  flap  and  a  horizontal  tail,  it  may 
be  desirable  to  use  full  elevator  effectiveness  to  create  a 
moment  before  using  the  Jet  flap.  Achieving  this  "desired 
blend"  of  control  inputs  needs  to  be  investigated  in  using  the 
design  technique. 


Recommendations . 

Initial  studies  such  as  this  one  show  that  Professor 


Porter's  design  technique  is  a  very  promising  method  of  air¬ 
craft  multivariable  flight  controller  design.  Like  any  new 
design  technique,  there  is  still  more  to  learn  about  the  method 
and  there  are  some  additional  improvements  that  could  be  In¬ 
corporated  into  the  primary  design  tool,  MULTI.  Some  of  the 
most  promising  areas  that  need  to  be  explored  concerning  the 
design  method  itself  and  MULTI  are  listed  here. 

Design  Method. 

1)  Using  a  "ramped-up"  input  to  a  steady  state  value 
gives  the  designer  a  means  of  Inputing  rates  into  a  problem, 
where  only  angles  are  available  as  Inputs/outputs  (the  slope 
of  the  ramp  equals  the  time  rat e-of-change  of  the  angle) . 


Because  the  method  presently  uses  only  one  integrator  ir.  the 
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controller  (see  Figures  1  and  2),  the  system  acts  as  a  type 
one  system.  There  is  therefore  some  steady-state  error  when 
using  a  ramp  input.  Studies  should  be  made  into  the  advan¬ 
tages  and  disadvantages  of  reducing  this  steady-state  error 
by  adding  a  second  integrator  and  third  controller  matrix  K? 
to  the  controller.  While  the  basic  theory  has  been  developed 
the  synthesis  procedure  needs  to  be  refined  and  incorporated 
into  the  computer  program  MULTI. 

2)  The  present  design  method  fcr  irregular  plants 
is  based  on  the  number  of  inputs  m  equaling  the  number  of 
outputs  i.  Due  to  this  restriction  for  the  aircraft  examined 
here  some  inputs,  such  as  differential  thrust  and  drag  in¬ 
duced  by  engine  Inlets,  could  not  be  used  as  flight  control 
inputs  to  increase  aircraft  performance.  On  conventional  air 
craft  v/ithout  augmented  flight  controls  (without,  say,  hori¬ 
zontal  or  vertical  canards  -  therefore,  a  smaller  value  for 
m),  the  number  of  outputs  l  which  can  be  directly  controlled 
is  severely  curtailed.  The  basic  theory  underlying  the  dosig 
method  permits  more  inputs  than  outputs  (Ref  20)..  out  this  ha 


not  been  put  into  the  simplified  form  of  Ref  IV 


use  of 


combined  inputs  to  command  an  output  should  be  investigated, 
3)  A  more  thorough  study  should  be  made  on  the 
robustness  issue.  Included  in  such  a  study  should  be  what 
factors  of  the  controller  design  and  aircraft  flight  condi¬ 
tions  determine  whether  a  controller  designed  at  one  flight 
condition  will  work  at  others,  and  where  In  the  flight  er.ve- 


lcoe  this  one  controller  should  be  designed  to  rive  octinal 


T 


performance  at  other  flight  conditions, 

*0  Professor  Porter  has  proposed  a  solution  to  the 
problem  of  actuator  caused  instabilities  (Ref  31),  It  pro¬ 
vides  for  incorporating  compensators,  when  necessary,  into  the 
design.  This  solution  should  be  tested  for  performance  and 
feasibility  and  incorporated  into  MULTI.  When  sensors  and 
actuators  are  added  to  this  controller  design,  a  redesign  of 
the  controller  is  necessary  and  produces  good  results.  No 
compensators  are  required  to  achieve  excellent  flight  perfor¬ 
mance  . 

.5)  The  idea  of  using  a  jet  flap  on  an  aircraft  to 
augment  already  existing  flight  control  surfaces  should  be 
further  explored.  Included  in  any  such  study  should  be  an 
examination  of  the  advantages  and  disadvantages  of  having  a 
jet  flap  available  with  and  ’without  an  elevator. 

MULTI. 

1)  MULTI  can  be  expanded  to  give  it  all  the  capa¬ 
bilities  when  run  interactively  that  it  has  when  run  in  batch. 
Keeping  the  memory  required  below  70  X  can  be  achieved  by 
further  subdivision  of  the  program  into  more  overlays  than 
already  exist. 

2)  An  option  should  be  added  to  MULTI  to  compute 
the  figures  of  merit  for  any  output. 

3)  MULTI  needs  an  option  for  finding  the  location 
of  the  transmission  and  decoupling  zeroes,  if  any,  of  a  sys¬ 
tem.  Cuch  a  routine  has  been  developed  at  AFIT  (-ef  30)  and 
Just  needs  to  be  incorporated  ir.co  MULTI. 


4)  The  option  of  entering  rate  limits  to  any  ele 
ment  of  the  control  input  matrix  u  could  be  added  to  IIULTI. 

5)  MULTI  needs  an  option  to  assist  the  designer 
in  developing  a  measurement  matrix  M  using  the  technqiues  o 
Reference  27.  At  present  this  is  handled  as  a  separate 
operation. 
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Preface 

This  thesis  topic  was  chosen  for  two  main  reasons. 
First,  it  is  in  an  area  which  parallels  my  graduate  studies 
in  flight  control.  Second,  I  wanted  a  topic  which  would, 
hopefully,  hold  my  interest  and  enthusiasm.  I  would  like  to 
thank  Duane  ?.  Rubertus  of  the  Flight  Dynamics  Laboratory, 

Wr ight-Patterson  AFB ,  Ohio  for  generating  and  sponsoring 
this  thesis  topic.  I  was  given  the  latitude  to  choose  any 
large  aircraft  for  this  study.  Having  flown  the  C-141,  I 
choose  the  aircraft  that  I  an  familiar  with. 

The  theoretical  background  is  based  on  techniques 
developed,  under  USAF  contract,  by  Professor  Brian  Porter 
from  the  University  of  Salford,  England.  I  would  like  to 
express  my  appreciation  to  Professors  John  J.  D'Azzo  and 
Constantine  H.  Houpis  of  the  Department  of  Electrical 
Engineering  at  the  Air  Force  Institute  of  Technology.  This 
thesis  effort  would  have  been  unachievable  without  their 
guidance  and  suggestions  throughout.  I  also  wish  to  acknow¬ 
ledge  committee  member,  Capt.  Aaron  DeWispelare,  Department 
of  Aeronautics  and  Astronautics,  for  his  assistance  and 
suggestions . 

This  thesis  was  accomplished  in  parallel  with  four 
other  fellow  students.  I  would  especially  like  to  thank 
Mr.  A.  Finley  Barfield  and  Lt .  Daniel  E.  Russ  for  their 
assistance  in  the  development  of  the  aircraft  model. 
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Numerous  discussions  with  them  and  Capt.  Jon  Bauschlicher 
and  Lt.  Tom  Lewis  aided  in  accomplishing  my  objectives. 

Finally,  but  most  of  all,  I  want  to  express  my  love  and 
adoration  to  my  wife,  Annette  B.  Masi,  for  her  patience  and 
understanding  during  the  production  of  this  thesis.  I 
especially  wish  to  acknowledge  the  countless  hours  she  spent 
as  my  personal  typist.  To  my  children,  Peter  and  Anthony, 

I  love  you.  And  to  my  parents,  I  wish  to  express  my  love 
for  your  support. 

Captain  Michael  A.  Masi 
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Abstract 

This  thesis  investigates  the  design  of  digital, 
multivariable  tracker  control  laws  for  the  C-141-a 
Starlifter  aircraft.  The  thesis  develops  controllers 
for  the  aircraft  at  three  diverse  flight  conditions. 

The  study  includes  additions  and  modifications  to  the 
computer  package  MULTI. 

A  six  degree-of-freedon  aircraft  model  is  developed. 
The  equations  of  motion  assume  linearized  aircraft  models 
which  make  only  small  perturbations  about  each  nominal 
flight  condition. 

The  techniques  developed  by  Professor  Brian  porter. 
University  of  Salford,  England,  are  used  to  design  the 
tracker  control  laws.  The  thesis  includes  a  discussion 
of  robustness  of  the  control  laws  determined.  Robustness 
is  considered  by  applying  the  controller  at  other  than  the 
flight  condition  for  which  it  is  specifically  designed. 

The  thesis  concludes  that  digital  tracker  control 
laws  can  be  designed  for  this  aircraft.  A  more 
accurate  fully-coupled  aircraft  model  should  be  derived 
in  order  to  further  tune  the  control  laws. 

MULTI,  the  computer  design  and  simulation  program, 
is  available  from  the  Air  Force  Institute  of  Technology. 


DIGITAL  MULTIVARIABLE  TRACKER  CONTROL  LAWS 


FOR  THE  C-141-A  STARLIFTER  AIRCRAFT 


I  Introduction 


Many  aircraft  use  digital  computers  for  navigation  and 
instrumentation.  An  important  extension  in  modern  aircraft 
has  been  the  use  of  computer  generated  digital  signals  for 
transforming  command  inputs  into  movement  of  the  flight 
control  surfaces.  These  digital  flight  control  systems 
(DFCS)  have  resulted  in  faster  response  times  to  inputs, 
which  means  better  controllability  from  a  pilot's  perspective 

This  thesis  addresses  the  development  of  digital  multi- 
variable  tracker  control  laws  for  the  C-141-A  Starlifter 
aircraft.  This  first  chapter  presents  the  background, 
problem  statement,  approach,  assumptions,  and  sequence  of 
presentation . 

Background 

Aircraft  are  now  being  designed  with  closed-loop  fly-by¬ 
wire  flight  control  systems.  Such  electronic  controllers 
have  generated  new  possibilities  for  multiple  input/multiple 
output  (MIMO)  systems.  Classical  methods,  which  worked  well 
for  single  input/single  output  control  systems,  are  no  longer 
easily  applied  (Ref  .1)  . 


Professor  Porter  and  his  associates  have  suggested  four 
direct  design  methods  for  a  DFCS  (Ref  2) .  These  techniques 
provide  for  the  design  of  fast-sampling  error-actuated  dig¬ 
ital  controllers  for  highly-interactive  linear  multivariable 
systems.  Porter  has  suggested  that  such  proportional  plus 
integral  feedback  DFCS's  result  in  greater  decoupling  of 
commanded  outputs  than  is  possible  using  previous  techniques. 

Previous  theses  used  the  methods  of  Professor  Porter  to 
develop  digital  control  laws  for  fighter  type  aircraft 
(Refs  3  &  4) .  These  investigations  found  the  techniques  to 
be  fairly  straightforward.  They  found  that  computer  simula¬ 
tions  showed  fairly  good  decoupling  of  the  outputs  as  desired 

Problem 

The  purpose  of  this  thesis  is  to  investigate  the  devel¬ 
opment  of  tracker  control  laws  for  a  large  transport  aircraft 
specifically  the  C-141-A  Starlifter.  The  resultant  designs 
are  then  checked  for  robustness  by  checking  responses  at 
flight  conditions  other  than  the  designed  condition.  These 
controllers  are  developed  and  simulated  by  computer  through 
the  use  of  an  existing  interactive  software  package,  MULTI 
(Ref  3) . 

Approach 


This  thesis  is  limited  to  the  design  of  digital  multi- 
variable  tracker  control  laws  for  the  C-141-A.  It  strictly 


uses  the  techniques  proposed,  under  U.  S.  Government  contract 
by  Professor  Porter  and  implemented  via  the  interactive 
computer  program  MULTI.  Four  steps  are  taken  in  completion 
of  this  thesis: 

1.  Development  of  the  aircraft  equations  of 
motion  for  three  separate  flight  conditions; 

2.  Addition  to  MULTI  of  the  fourth  design  method 
and  implementation  of  MULTI  as  a  batch  program 
in  order  to  expand  its  capabilities; 

» 

3.  Design  of  digital,  multivariable  tracker 
control  laws  using  the  appropriate  method 
(see  Chapter  III) ;  and 

4 .  Validation  of  robustness  for  the  designed 
control  laws . 

Assumptions 

The  assumptions  in  this  thesis  deal  primarily  with  the 
aircraft.  First,  only  small  perturbations  about  a  trimmed 
straight  and  level  flight  condition  are  assumed.  Second, 
the  aircraft  equations  of  motion  are  developed  for  each 
flight  condition.  Third,  the  equations  of  motion  are  modeled 
as  linearized,  constant  coefficient  state  equations. 

It  is  also  assumed  that  computer  simulations  approximate 
a  realistic  indication  of  aircraft  motions. 

Presentation 

Six  chapters  are  included  in  this  thesis.  Chapter  II 


presents  the  aircraft  model  and  Appendix  A  details  the 
development  of  the  necessary  aircraft  equations.  Professor 


Porter's  four  design  approaches  for  multivariable  control 
laws  are  summarized  in  Chapter  III.  The  computer  program 
MULTI  is  introduced  in  Chapter  IV  which  discusses  additions 
and  changes  made  by  this  author.  Chapter  V  describes  the 
development  of  tracker  control  laws  for  the  C-141-A  for 
three  different  flight  conditions.  This  includes  discussion 
of  the  results.  Robustness  is  also  considered  by  simulation 
of  control  laws  at  other  than  the  designed  flight  condition. 
Finally,  Chapter  VI  is  the  conclusion  and  offers  recommenda¬ 
tions  for  further  studies  and  suggestions  for  possible 
improvements  and/or  additions  to  MULTI. 


II  Aircraft  Model 


Introduction 

This  thesis  used  the  C-141-A  aircraft.  A  linear  six 
degree-of-freedon  (D-O-F)  model  is  generated  for  eacn  of 
three  flight  conditions.  As  linearized  constant-coefficient 
equations  of  motion,  the  three  models  represent  the  aircraft 
operating  within  small  perturbations  about  each  of  the  three 
sets  of  equilibrium  conditions.  The  selection  of  three 
diverse  standard  flight  conditions  permits  the  determination 
of  the  robustness  of  a  control  law  that  is  designed  for  a 
particular  flight  condition.  Thus,  the  flight  conditions 
chosen  include  a  heavy  weight  landing  configuration  of 
MACH  0.18  at  1000  feet,  a  medium  altitude  simulated  refueling 
cruise  of  MACH  0.65  at  25000  feet,  and  a  high-speed  high 
altitude  cruise  of  MACH  0.76  at  40000  feet. 

This  chapter  presents  a  basic  description  of  the 
C-141-A  Starlifter  aircraft  and  overviews  a  general  discussion 
of  the  linearized  equations  of  motion. 

Aircraft  Description 

The  C-141-A  Starlifter  is  a  four  engine  cargo  aircraft. 
The  aircraft  has  a  basic  weight  of  approximately  140,000 
pounds  and  a  maximum  gross  weight  of  325,000  pounds.  The 
high  wings  are  moderately  swept  and  the  horizontal  stabilizer 


forms  a  "T-tail"  with  the  vertical  stabilizer.  The  four 
Pratt  and  Whitney  TF33-P-7  engines  are  each  rated  at 
20,250  pounds-thrust  (Ref  5)  for  a  standard  day  at  sea  level 
(15°C,  29.92  in.  mg) .  Other  relative  geometric  data,  as 
found  in  Reference  6,  is  as  follows: 


Characteristic 

Symbol 

Dimension 

Fuselage 

F 

145  ft 

Wing  area 

S 

3228  sq  ft 

Wing  span 

b 

159.6  ft 

Wing  M.A.C. 

c 

22.2  ft 

Distance  from 

25%  wing  M.A.C 
to  25%  horizontal 
tail  M.A.C. 

Xt 

74.534  ft 

The  abbreviation,  M.A.C.,  stands  for  mean  aerodynamic  chord. 
Further  data  for  the  C-141  aircraft  can  be  found  in  Refer¬ 
ence  7 . 

System  Models 

The  aircraft  models  in  this  thesis  are  developed  using 
6  D-O-F  equations  of  motion.  The  equations  assume  decoupling 
of  the  lateral  and  longitudinal  modes  of  the  aircraft. 
Appendix  A  presents  the  development  of  the  equations  of 
motion  in  state  form. 

The  five  control  inputs  available  include  two  lateral 
controls  —  the  ailerons  6  and  the  rudder  5  —  and  three 


longitudinal  controls  —  the  elevator  S&,  the  spoilers  5Sp» 
and  the  thrust  Since  the  equations  are  decoupled  and 

the  theory  requires  that  the  number  of  inputs  equals  the 
number  of  outputs,  two  lateral  and  three  longitudinal  outputs 
are  chosen.  The  lateral  outputs  are  the  roll  angle  <f>  and 
the  sideslip  8;  the  longitudinal  outputs  are  the  vertical 
height  h,  the  pitch  angle  9,  and  the  forward  velocity  u. 

The  stability  derivatives  that  are  needed  are  given  in 
Appendix  A.  These  are  given  in  non-dimensional  stability 
axes  form.  The  decision  has  been  made  to  convert  the  aircraft 
equations  to  dimensional  body  axes  because  that  is  what  the 
pilot  "feels." 


Summary 

This  chapter  presents  a  physical  description  of  the 
C-141-A  aircraft.  The  system  models,  as  developed  in 
Appendix  A,  are  overviewed.  With  the  models  developed,  the 
next  chapter  presents  the  digital  theory  by  which  the 
multivariable  tracker  control  laws  are  designed. 


s  % 


IV  Computer  Program  Modification 

Introduction 

The  computer  program  MULTI  (Ref  3)  was  developed  to 
design  and  simulate  the  techniques  of  Professor  Brain  Porter. 
Chapter  III  discusses  the  discrete-time  domain  representation 
of  the  system.  The  design  is  implemented  using  PJULTI  which 
is  a  totally  interactive  program.  Being  interactive,  the 
program  provides  iterative  tuning  of  appropriate  tracker 
control  laws  for  linear  multivariable  plants. 

This  chapter  presents  the  additions  and  modifications 
made  to  MULTI  by  this  author.  This  discussion  just  adds  to 
the  original  program.  For  an  understanding  of  the  program's 
development  and  structure,  as  well  as  the  basic  User’s  and 
Programmer's  Manuals,  the  thesis  by  Captain  Douglas  Porter 
should  be  referenced  (Ref  3) . 

Addition  of  B*  Design  Method 

MULTI  already  implemented  the  control  laws  for  unknown, 
regular,  and  irregular  plants  (Ref  3) .  The  expansion  of  the 
program  to  include  B*  designs  requires  calculation  of  the 
control  laws  using  Eqs .  34  and  35  from  Chapter  III: 


II 

o 

^1 

[B*]“1Z1 

(34) 

*1  = 

[G (0) )~1l2 

(35) 
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Once  Kq  and  are  determined,  the  simulation  run  remains 
the  same  as  before.  Use  of  these  control  laws  eliminates 
undershoots  in  the  response  by  assuring  decoupling  of  the 
outputs . 

The  first  step  in  the  B*  design  is  to  select  and  to 

enter  the  weighting  matrices,  Z^  and  Z2*  It  should  be  noted 

that  the  I  weighting  matrix,  which  is  in  memory  as  determined 

by  a  previous  procedure,  may  be  used  for  Z^  and/or  Z2>  If 

Z ^  and  Z2  are  not  both  selected  equal  to  Z ,  it  may  still  be 

desirable  that  Z2  equal  Z^.  Thus,  Z^  and  Z2  are  entered  via 

MULTI  Option  #15  as  shown  by  the  flowchart  of  Figure  1. 

Once  the  weighting  matrices  have  been  entered.  Option 

#14BSTAR  calculates  the  control  laws  K_  and  K. .  This  is  done 

“°  _1 

first  by  determining  the  B*  matrix  from  the  plant  A,  B,  and  C 
matrices.  Then  G(0)  is  accepted  if  it  has  been  entered 
directly,  otherwise  G(0)  is  determined  from  the  plant  matrices. 
Finally,  [B*]~^  and  [G{0)3~^  are  calculated  and  multiplied  by 
Z^  and  I2,  respectively.  The  option  terminates  with  error  if 
B*  and/or  G(0)  are  singular  and  thus  not  invertable. 

Modification  for  Batch  Use 

The  interactive  version  of  MULTI  is  designed  to  operate 
within  the  constraints  of  70000g  words  of  computer  core 
memory.  This  is  a  restriction  imposed  on  INTERCOM  users 
of  the  ASD  CYBER  computer.  This  requires  the  limiting  of 
the  number  of  time  response  data  points.  Thus,  when  a 
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simulation  is  run,  a  maximum  of  100  data  points,  evenly 
spaced  throughout  the  total  simulation  time,  are  stored. 
The  limitation  in  the  number  of  data  points  may  hide 


transients.  As  an  example,  this  can  occur  if  the  simulation 
produces  500  points  since  the  interactive  program  would  store 
and  plot  only  every  fifth  point. 

By  using  a  batch  program,  the  programmer  is  not  limited 
to  a  specific  core  memory.  MULTI  is  therefore  modified  for 
batch  use  to  allow  up  to  500  data  points. 

This  conversion  to  batch  also  requires  elimination  of 
the  prompt  commands  which  are  used  interactively.  The  batch 
version  reads  the  data  and  prints  back  what  has  been  read. 

All  basic  functions  of  "batch"  MULTI  remain  the  same  as  for 
"intercom"  MULTI. 

Appendix  C  is  a  User's  Guide  for  "batch"  MULTI.  It  is 
suggested  that  the  user  become  familiar  with  the  intercom 
version  before  using  the  batch  version. 

Summary 

This  chapter  summarizes  the  major  additions  and  modifi¬ 
cations  of  the  MULTI  computer  program  as  made  by  this  author. 
Other  minor  modifications  have  been  made  in  trying  to  help 
improve  and/or  streamline  the  program.  For  a  complete  program 
listing  of  either  the  intercom  or  batch  version,  the  reader 
should  contact  the  AFIT  Department  of  Electrical  Engineering. 


V  Multivariable  Control  Law  Design 

Introduction 

The  procedures  used  to  develop  the  digital  multivariable 
tracker  control  laws  for  the  C-141-A  Starlifter  are  presented 
in  this  chapter.  Controllers  are  designed  for  each  of  the 
three  flight  conditions.  The  chapter  discusses  the  state 
space  representation  of  the  aircraft  model  used  in  the  design 
of  the  control  laws.  This  discussion  addresses  the  reasons 
for  separation  of  the  lateral  and  longitudinal  modes  of  the 
aircraft  for  the  design  of  controllers.  The  manuevers  used 
to  illustrate  controller  performance  follows.  This  includes 
enumeration  of  the  reasons  for  the  selection  of  certain 
manuevers.  Next,  the  procedure  used  to  obtain  relatively 
"good"  controllers  is  presented.  This  is  followed  by  a 
discussion  of  the  results  for  controllers  designed  at  the 
MACH  0.18  flight  condition.  Robustness  is  tested  by  applying 
the  MACH  0.18  control  laws  at  each  of  the  other  two  flight 
conditions.  Sample  controllers  for  the  MACH  0.65  and  MACH 
0.76  flight  conditions  are  also  presented;  simulation  data 
for  these  two  conditions  are  compiled  in  Appendix  B.  Finally, 
this  chapter  suggests  consideration  of  a  change  in  the  output 
model.  The  reasons  for  this  change  and  a  sample  controller 


are  suggested . 


The  design  of  multivariable  digital  control  laws  in 
this  thesis  is  limited  to  the  theory  of  Professor  Brian 


Porter  as  discussed  in  Chapter  III.  Accordingly,  the 
computer  program  MULTI  requires  that  the  number  of  outputs, 
which  one  wishes  to  command,  must  equal  the  number  of 
surface  inputs  available.  The  design  of  controllers  in  this 
chapter  uses  the  C-141-A  state  space  models  as  developed  in 
Chapter  II  and  Appendix  A. 

The  models  represented  by  Equation  (A-60)  show  the  A 
and  B  matrices  to  be  block  diagonal.  This  is  due  to  the 
assumption  that  the  lateral  and  longitudinal  modes  are 
decoupled.  Thus,  in  order  to  reduce  complexity,  the  lateral 
and  longitudinal  control  laws  are  designed  separately.  For 
the  design  of  lateral  controllers,  the  state  and  input 
vectors  are: 


(61) 


Since  there  are  only  two  lateral  control  surfaces,  the  two 
outputs  chosen  are  roll  angle,  ,  and  sideslip  angle,  . 

Correspondingly,  the  longitudinal  control  laws  are 
developed  using  the  state,  input,  and  output  vectors: 
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Elevator  deflection  is  defined  as  positive  down. 

Positive  spoilers  indicate  upper  wing  panels  in  use,  while 
negative  spoilers  indicates  lower  panels.  Finally,  the 
thrust  required  for  trimmed  flight  is  approximately  50%  of 
the  maximum  available.  Thus,  a  "subjective"  limit  of  +  50% 
from  trimmed  RPM  is  imposed. 

Manuevers 

In  order  to  illustrate  performance  of  the  digital 
controllers,  four  manuevers  -  two  lateral  and  two  longi¬ 
tudinal  -  are  simulated.  The  four  manuevers  are: 

1.  Coordinated  Turn  (4>  <  30°  ,8  =  0) 

2.  Sideslip  (  P  <  5°  ,  $  =  0) 

3.  Vertical  Translation  (h  =  change  of  altitude  , 

9  -  0  ,  u  =  0) 

4.  Pitch  Pointing  (0  <  5°  ,h=0  ,u=0) 

The  first  two  manuevers  are  intended  to  demonstrate  the 
performance  of  lateral  controllers;  manuevers  three  and  four 
correspondingly  demonstrate  longitudinal  control  capability. 

The  coordinated  turn  is  a  basic  flight  manuever  for  any 
conventional  aircraft;  however,  the  question  arises  as  to 
reasons  for  the  other  three  manuevers.  During  an  approach  to 
landing,  the  aircraft  may  be  left  or  right  of  the  desired 
flight  path  defined  by  a  localizer  or  some  other  source.  It 
may  be  advantageous  to  use  sideslip  to  "slide"  the  aircraft 
to  the  desired  position.  The  sideslip  is  also  useful  during 


the  touchdown  in  order  to  preclude  drift  while  maintaining 
runway  alignment.  Similar  reasons  make  this  a  useful  manuever 
in  order  to  get  and  maintain  position  during  refueling,  as 
simulated  by  the  MACH  0.65  flight  condition. 

The  vertical  translation  (direct  lift)  might  also  be 
used  during  approach  or  refueling.  It  could  be  useful  for 
moving  up  or  down  to  the  desired  glide  slope  for  landing 
approaches  or  for  moving  vertically  into  position  for  refuel¬ 
ing.  Finally,  during  a  landing  condition  in  which  the  flaps 
are  inoperative,  the  C-141  aircraft  attitude  is  such  that 
there  is  the  possibility  of  dragging  the  tail  during  landing. 
Thus,  pitch  pointing  is  chosen  in  order  to  alleviate  this 
occurrence . 

Design  Procedure 

The  generation  of  control  laws  is  accomplished  using  the 
interactive  computer  program  MULTI.  The  following  is  a 
condensation  of  the  steps  used  in  finding  digital  controllers 
which  achieve  "good"  performance  characteristics. 

To  begin,  it  must  first  be  determined  which  of  the  four 
design  methods  discussed  in  Chapter  III  is  to  be  used.  This 
simply  becomes  a  process  of  elimination.  Neither  the  unknown 
nor  the  B*  techniques  can  be  used  because  both  the  steady- 
state  transfer  function  matrix,  G(0),  and  the  B*  matrix  are 
singular.  Similarly,  the  regular  plant  design  can  not  be 
used  because  the  first  Markov  parameter,  CB,  does  not  have 


full  rank.  Therefore,  the  irregular  technique  is  used  in 
the  design  of  all  control  laws. 

Since  irregular  plant  design  is  to  be  used,  measurement 
matrices  must  be  selected  for  the  lateral  and  longitudinal 
systems,  respectively.  It  is  desirable  to  choose  each 
measurement  matrix,  M,  as  sparse  as  possible.  This  is  done 
by  using  the  procedures  outlined  by  D.  Brett  Ridgely  and 
others  (Ref  12) .  All  necessary  elements  of  the  Measurement 
matrices  are  chosen  as  0.25. 

A  sampling  time,  T,  must  also  be  selected  for  the  digital 
simulations.  In  discussion  with  computer  engineers,  current 
digital  computers  can  probably  handle  sampling  frequencies 
up  to  60  Hertz.  Therefore,  something  less  than  60  Hertz 
should  be  considered.  The  sampling  time  of  0.05  second 
(20  Hertz)  is  chosen  as  being  very  reasonable  for  aircraft 
computers . 

With  M  and  T  chosen,  all  other  design  parameters  are 
initially  set  to  unity  values.  Each  manuever  is  attempted 
with  the  resultant  control  laws  and  all  responses  are  found 
to  be  unstable  and  highly  oscillatory. 

The  parameter,  or,  which  sets  the  ratio  of  proportional 
to  integral  error  feedback,  is  varied  until  a  stable  response 
is  obtained.  It  is  found  in  both  the  lateral  and  longitudinal 
cases  that  >  5  is  necessary  for  stability;  =  10  is 

This  optimum  value  is  justified  by 


chosen  as  an  "optimum." 


the  fact  that  current  classical  controllers  for  most  large 
aircraft  are  also  implemented  with  a  similar  10:1  ratio. 

Having  selected  the  e  scalar  parameter  is  varied 

next.  Trials  are  made  with  t  varying  from  0,001  to  2.0. 
Considering  trade-off  in  peak  values,  settling  times,  and 
rise  times,  separate  e  values  are  selected  for  the  lateral 
and  longitudinal  designs. 

At  this  point,  the  individual  elements,  a^'s,  of  the 
weighting  matrix,  Z,  are  varied.  Since,  in  the  limiting 
case,  these  high-gain  controllers  achieve  decoupling  of  the 
commanded  outputs,  the  individual  c^'s  are  first  assumed  to 
affect  only  each  corresponding  particular  output.  Various 
combinations  of  a ^  values  are  then  used  in  an  attempt  to  find 
the  "best"  single  combination. 

Finally,  all  parameters  are  again  varied  in  an  attempt 
to  "fine-tune"  the  appropriate  controllers.  Thus,  the 
entire  procedure  is  a  repetitive  one  from  which  the  desired 
control  law  is  obtained. 

Tracker  Control  Laws 

The  above  design  procedure  is  a  straightforward  process. 
The  final  selection  of  design  parameters  is  intended  to 
result  in  an  "optimal"  controller.  Controllers  are  thus 
developed  for  each  of  the  three  flight  conditions  as  estab¬ 
lished  in  Chapter  II.  Results  of  the  lateral  and  longitudinal 
controllers  designed  for  the  MACH  0.18  flight  condition  are 


discussed  on  the  following  pages.  Control  laws  are  also 
presented  for  the  MACH  0.65  and  MACH  0.76  flight  conditions ; 
simulations  for  these  controllers  are  compiled  in  Appendix  B 


MACH  0.18  Lateral  Controller .  The  control  law  selected 
for  the  MACH  0.18  lateral  controller  is  defined  by  the 
parameters : 


T 

r 

e 

Z 

M 


0.05  sec  (20  Hz) 
10.0 
0.01 

diag  [0.5  ,  0.5] 
“0.25  0. 

0.  0.25 


which  yields: 


0.07466  1.193 

-0.8531  0.2293 


5l 


0.007466  0.1193 

-0.08531  0.02293 


(64) 

(65) 

(66) 

(67) 

(68) 


(69) 


(70) 


Figure  2  shows  the  simulation  data  for  this  designed 
controller  for  a  15°  coordinated  turn.  The  command  input 
vector  is  given  by  Figure  2(b),  As  seen  in  Figure  2(a),  the 
roll  angle,  i,  tracks  the  command  as  desired.  The  peak  valu< 
of  <t,  16.6°,  occurs  at  5.95  sec,  which  is  less  than  1  sec 


GRE 


after  the  command  to  steady-state.  Sideslip  is  almost 
negligible  as  it  peaks  at  less  than  one-half  degree.  Settling 
time  occurs  at  approximately  10  sec  which  is  5  sec  after  the 
commanded  time  to  steady-state. 

Additionally,  based  on  the  assumptions  used  in  Appendix 
A,  Blakelock  (Ref  13)  requires  that  a  constant  yaw  rate,  r, 
be  achieved  in  a  coordinated  turn.  This  yaw  rate  is  defined 
by : 


r  =  57.3  -5-  sin$  ^3.  (71) 

UQ  sec 

Figure  2(c)  shows  that  the  state  r  does,  in  fact,  reach  the 
steady-state  value  of  2.38  deg/sec  as  computed. 

Figure  2(d)  shows  the  control  surface  deflections. 

Based  on  this  figure,  rudder  and  ailerons  both  remain  within 
the  limits  set  by  Equation  (  63) . 

Table  I  summarizes  the  response  in  this  simulation  of 
the  controller  designed  and  used  at  MACH  0.18. 

Next,  the  control  laws  previously  defined  by  Equations 
(64)  thru  (70)  are  used  to  simulate  the  sideslip  manuever. 

The  outputs  for  this  manuever  are  shown  in  Figure  3(a)  for 
the  command  vector  of  Figure  3(b).  The  sideslip,  8,  peaks 
at  only  5.08°  (i.e.,  less  than  2%  overshoot).  Peak  value  of 
£  occurs  at  8.95  sec  or  0.95  sec  after  command.  Peak  value  of 
roll  angle  is  negligible  (only  0.65°),  occurring  at  8.65  sec. 
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TABLE  I 


Coordinated  Turn  Results  for  MACH  0.18 
1000  ft  Design  Condition 


INPUT/ 

OUTPUT 

t  (sec) 

P 

tg (sec) 

PEAK 

VALUE 

FINAL 

VALUE 

<P  (deg) 

5.95 

10.45 

16.6 

15.0 

6 (deg) 

2.35 

0.44 

0. 

r (deg/sec) 

6.25 

13.45 

3.0 

2.38 

$r  (deg) 

-13.07 

— 

6  (deg) 

Cl 

— 

-29.41 

Settling  time  is  only  3  sec  after  steady-state  command  at 
11  sec. 

These  results  for  a  5°  sideslip  manuever  are  summarized 
in  Table  II.  This  table  and  Figure  3(d)  show  that  the 
control  surfaces  again  remain  within  limits.  The  small 
offsets  of  p  and  r  shown  in  Figures  3(a)  and  (c)  reach  the 
desired  steady-state  value  of  zero  at  approximately  one 
minute . 

The  above  results  of  the  lateral  controller  show  it  to 


define  a  decent  tracker  at  its  MACH  0.18  designed  condition. 
Decoupling  of  the  outputs  is  also  good.  The  same  controller 
is  able  to  perform  both  manuevers. 


2.00 


TABLE  II 


Sideslip  Results  for  MACH  0,18, 
1000  ft  Design  Condition 


INPUT/ 

OUTPUT 

t  (  sec) 

tg (sec) 

PEAK 

VALUE 

FINAL 

VALUE 

S (deg) 

8.95 

11.0 

5.08 

5.0 

❖ (deg) 

8.65 

— 

-0.65 

0. 

r (deg/sec) 

1.75 

— 

-0.99 

‘  0. 

6r (deg) 

5  (deg) 

a 

— 

8.93 

-16.74 

— 

MACH  0.18  Longitudinal  Controller.  A  longitudinal 
controller  is  also  designed  for  the  MACH  0.18  flight  condi¬ 
tion.  Using  the  longitudinal  equations  for  MACH  0.18,  the 
design  procedure  produces  a  controller  characterized  by  the 
design  parameters: 


T  =  0.05  sec 

(20  Hz) 

(72) 

a  =  10.0 

(73) 

r 

e  =  0.005 

(74) 

n  0.25 

0. 

M  =  0. 

0.25 

(75) 

'  L°- 

0. 

E  =  diag  (0. 

1  ,  1. 

0  ,  0.2) 

(76) 
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These  parameters  yield  the  -digital  control  law  matrices. 


Kq  and  ,  for  the  irregular  longitudinal  plant  as: 


*0 


-0.01066 

-0.03822 

0.06651 


-0.2976  0. 

-0.04902  0. 

0.04823  -0.1352 


(77) 


-0.001066 

-0.003822 

0.006651 


-0.02976 

-0.004902 

0.004823 


0. 

0. 

-0.01352 


(78) 


Figure  4  shows  the  simulation  of  the  above  longitudinal 
control  law  to  a  commanded  vertical  translation  manuever  of 
h  =  50  ft.  These  plots  indicate  deviations  from  the  original 
trimmed  flight  condition  as  do  all  simulations.  Table  III 
summarizes  the  results  of  this  simulation.  For  this  simu¬ 
lation,  the  desired  50  foot  change  of  altitude  overshoots 
by  about  13%.  Excellent  decoupling  occurs  for  pitch  angle 
and  velocity.  Maximum  pitch  change  is  less  than  one-half 
degree  from  the  6.1°  trim  condition.  Velocity  drops  less 
than  2%  below  trim  velocity,  UQ,  of  201  ft/sec. 

The  fourth  manuever,  pitch  pointing,  is  also  accomplished 
with  the  designed  control  laws.  Figure  5  illustrates  the 
system  response  for  this  manuever  command  as  shown  in  Figure 
5(b).  The  fact  that  the  settling  time  for  pitch  angle  is 
30  sec  is  not  an  undesirable  characteristic.  This  suggests 
that  the  stability  of  the  system  results  in  the  desired 
pitch  change  without  changing  altitude,  velocity,  or  flight 
path  angle. 


FIG  4a  MUCH  0.18  DESIGN  CONDITION.  VERTICAL  TRANSLATION 


FID  4b  MACH  0.18  DESIGN  CpNDJTION.  VERTICAL  TRANSLATION 
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TABLE  III 


Vertical  Translation  Results  for  MACH  0.18 
1000  ft  Design  Condition 


INPUT/ 

OUTPUT 


t  (sec) 


tg (sec) 


PEAK 

VALUE 


FINAL 

VALUE 


h  (ft) 

13.45 

27.0 

56.0 

50. 

0 (deg) 

4.75 

— 

0.28 

0. 

a  (deg) 

5.65 

— 

-1.75 

0. 

u (ft/ sec) 

8.05 

— 

-2.86 

0. 

<5e  (deg) 

— 

— 

-1.16 

— 

5sp(deg) 

— 

-8.41 

— 

fiT(%  RPM) 

— 

— 

13.1 

— 

Figures  5(c)  and  (d)  show  that  altitude  varies  by  less 
than  10  ft  and  velocity  a  maximum  of  only  about  1.5  ft/sec. 
Figures  5(e)  and  (f)  illustrate  the  control  surface 
deflections  for  the  system.  These  deflections,  as  in  all 
previous  simulations,  remain  well  within  the  permissable 
values.  The  results  of  the  pitch  pointing  manuever  at 


MACH  0.18  are  summarized  in  Table  IV. 


TABLE  IV 


Pitch  Pointing  Results  for  MACH  0,18 
1000  ft  Design  Condition 


INPUT/ 

OUTPUT 

t  (sec) 

P 

t  (sec) 
s 

PEAK 

VALUE 

FINAL 

VALUE 

0 (deg) 

— 

60 

3.0 

3.0 

a (deg) 

— 

60 

3.0 

3.0 

h  ( ft) 

10.15 

9.97 

0. 

u (ft/sec) 

8.35 

— 

-1.56 

0. 

6e (deg) 

— 

— 

-1.27 

6sp(deg) 

— 

— 

11.1 

6t(%  RPM) 

— 

— 

-25.0 

MACH  0.65  Controllers .  Using  the  design  procedures 
outlined,  controllers  can  also  be  designed  at  other  flight 
conditions.  A  sample  lateral  controller  for  the  MACH  0.65 
flight  condition  is  defined  by  the  parameters: 


0.05  sec  (20  Hz) 

10.0 

0.01 

0.25  0. 

0.  0.25 

diag  [2.0  ,  2.0] 


which  yields  the  control  law  matrices: 


0.03270  0.8596 

-0.9285  0.2534 


(84) 


5i 


0.003270  0.08596 

-0.09285  0.02534 


(85) 


A  corresponding  longitudinal  controller  produced  from  the 
parameter  values: 


T  =  0.05  sec  (  20  Hz)  (86) 

ar  =  10.0  (87) 

£  =  0.005  (88) 

0.25  0. 

M  =  0.  0.25  (89) 

0 .  0 . 


r  =  diag  [0.05  ,  2.0  ,  0.001]  (90) 


yields  the  control  law  matrices: 


50 


Si 


-0.001431 

-0.005965 

0.05655 


-0.0001431 

-0.0005965 

0.005655 


-0.1218 
-0.03237 
0 . 30 


-0.01218 

-0.003237 

0.030 


0. 

0. 

-0.001293 


(91) 


0. 

0  . 

-0.000129  3 


(92) 


Simulations  are  accomplished  for  these  control  laws  at 


MACH  0.65  using  all  four  manuevers. 


Rather  than  discuss 


;iWi’ 


w 


e 


(102) 


M 


I 


0.005 

0.25  0. 

0.  0.25 

0.  0. 

diag  [0.05  ,  0.5  ,  0.01] 


(103) 

(104) 


which  yield  the  controller  matrices: 


-0.001364 

-0.03410 

0. 

-0.006595 

-0.01058 

0. 

0.07686 

0.120 

-0.01747 

5i 


-0.0001364 

-0.0006595 

0.007686 


-0.003410 

-0.001058 

0.0120 


0. 

0. 

-0.001747 


(106) 


These  multivariable  control  laws  are  also  simulated  for 
all  four  manuevers  at  the  design  condition.  Appendix  B  con¬ 
tains  these  simulations  for  viewing. 

Robustness 

Although  control  laws  are  designed  at  each  flight 
condition,  it  is  desirable  that  a  single  controller  should 
result  in  satisfactory  performance  at  all  flight  conditions. 

A  robust  controller  would  preclude  gain  scheduling  as  is  now 
required  for  classically  designed  controllers.  Thus, 
robustness  of  the  control  laws  designed  at  the  MACH  0.18 
flight  condition  is  tested  at  the  other  two  flight  conditions 
Again,  each  of  the  four  manuevers  are  attempted  at  MACH  0.65 
and  MACH  0.76  using  the  control  laws  defined  by  Equations 
(  64)  thru  (70)  and  Equations  (72)  thru  (78). 
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TABLE  V 


Coordinated  Turn  Results  for  MACH  0.65, 
25000  ft  (Designed  at  MACH  0.18) 


INPUT/ 

OUTPUT 

t  (sec) 

tg (sec) 

PEAK 

VALUE 

FINAL 

VALUE 

4>  (deg) 

5.65 

5.95 

31.2 

30.0 

6 (deg) 

0.85 

— 

0.15 

0. 

r (deg/sec) 

6.85 

25.0 

1.8 

1.4 

6r (deg) 

— 

-3.8 

— 

6  (deg) 

Cl 

— 

— 

-28.6 

— 

Commandang  a  30°  coordinated  turn  at  MACH  0.65,  the 
responses  are  presented  in  Figure  6.  The  roll  angle  tracks 
very  well  as  shown  in  Figure  6(a).  Sideslip  is  highly 
decoupled  and  is  almost  negligible.  Yaw  rate,  r,  in  Figure 
6(c)  reaches  the  desired  steady-state  value  of  1.4  deg/sec 
as  defined  by  Equation  (71) .  These  results  are  summarized  in 
Table  V. 

A  30°  coordinated  turn  at  MACH  0.76  is  also  command 
using  the  MACH  0.18  lateral  control  laws.  The  simulations 
are  shown  in  Figure  7  and  the  results  are  summarized  in 
Table  VI.  This  simulation  tracks  the  command  as  desired 
and  produces  a  yaw  rate  of  1.4  deg/sec. 


TABLE  VI 


Coordinated  Turn  Results  for  MACH  0.76 
40000  ft  (Designed  at  MACH  0.18) 


INPUT/ 

OUTPUT 

tp (sec) 

tg(  sec) 

PEAK 

VALUE 

FINAL 

VALUE 

<t>  (deg) 

5.65 

5.95 

31.2 

30.0 

0 (deg) 

2.35 

— 

0.13 

0. 

r(  deg/sec) 

7.15 

20.0 

1.6 

.  1.24 

5r(deg) 

— 

— 

-3.6 

6  (deg) 

at 

— 

-28.0 

Similar  comparisons  are  made  when  simulating  the  sideslip 
manuever  for  both  the  MACH  0.65  and  MACH  0.76  conditions 
using  the  MACH  0.18  controller.  These  simulations  are  given 
in  Figures  8  and  9,  respectively.  The  corresponding  results 
are  summarized  in  Tables  VII  and  VIII.  In  both  cases,  track¬ 
ing  is  good  for  sideslip.  Further,  the  roll  angle  is  greatly 
decoupled  from  the  sideslip,  and  the  yaw  rate  steady-state 
is  zero  as  predicted. 

For  the  four  lateral  simulations  (Figures  6  thru  9), 
neither  rudder  nor  ailerons  reach  their  limiting  values 
throughout  the  simulation.  The  MACH  0.18  laterally  designed 
digital  multivariable  tracker  control  laws  show  good  responses 
for  three  diverse  flight  conditions.  Robustness  of  the 
lateral  controller  is  excellent. 
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TABLE  VIII 

Sideslip  Results  for  MACH  0.76, 
40000  ft  (Designed  at  MACH  0.18) 


INPUT/ 

OUTPUT 

t  (sec) 

P 

t 

(sec) 

PEAK 

VALUE 

FINAL 

VALUE 

£ (deg) 

11.65 

11.0 

5.01 

5.0 

<t>  (deg) 

8.65 

— 

-0.49 

0  . 

r  (deg/sec 

) 

0 . 85 

— 

— 

-1.0 

0  . 

5r (deg) 
6  (deg) 

3 


9.1 

-12.0 


The  MACH  0.18  longitudinal  control  laws  are  correspond¬ 
ingly  used  at  the  other  two  flight  conditions  for  vertical 
translation  and  pitch  pointing  manuevers.  The  robustness  of 
this  controller  is  demonstrated  in  Figures  10  thru  13. 

Figures  10  and  11  illustrate  vertical  translation  at  MACH 
0.65  and  MACH  0.76,  respectively.  Tables  IX  and  X,  likewise, 
summarize  these  results. 

Pitch  pointing  is  demonstrated  in  Figures  12  and  13. 
Tables  XI  and  XII  give  the  corresponding  results  for  the 
MACH  0.65  and  MACH  0.76  flight  conditions.  In  all  manuevers 
attempted,  thrust  control  for  these  last  two  pitch  pointing 
conditions  is  the  only  control  input  which  exceeds  any  limit 
as  set  by  Equation  (63).  This  can  be  seen  in  Figures  12(f) 
and  13(f) . 

Overall,  all  controllers  designed  at  MACH  0.18  show  good 
robustness  at  MACH  0.65  and  MACH  0.76.  All  responses  are 
stable  and  track  the  commanded  input  as  desired.  An  exam¬ 
ination  of  the  three  flight  conditions  used  show  them  to 
cover  diverse  phases  of  the  flight  envelope.  Further  designs 
and  simulations  should  be  investigated  using  more  flight 
conditions  and  non-linear  simulations. 
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TABLE  IX 


Vertical  Translation  Results  for  MACH  0.65, 
25000  ft  (Designed  at  MACH  0.18) 


INPUT/ 

OUTPUT 

t  (sec) 

P 

t  (sec) 
s 

PEAK 

VALUE 

FINAL 

VALUE 

h  (ft) 

11.65 

13.45 

109. 

100. 

0 (deg) 

2.35 

— 

0.22 

0. 

a (deg) 

3.25 

— 

-1.15 

0. 

u (ft/sec) 

9.25 

.  - 

4.5 

0. 

5e(deg) 

— 

— 

1.4 

— 

5gp(deg) 

— 

— 

-8.4 

— 

<ST(%  RPM) 

r 

26.7 

TABLE  X 

Vertical  Translation  Results  for  MACH  0,76 
40000  ft  (Designed  at  MACH  0.18) 


INPUT/ 

OUTPUT 

t  (sec) 

P 

tg (sec) 

PEAK 

VALUE 

FINAL 

VALUE 

h  (ft) 

11.65 

15.55 

110. 

100. 

9 (deg) 

2.35 

— 

0.25 

0. 

a (deg) 

3.25 

— 

-1.0 

.  o. 

u( ft/sec) 

9.55 

— 

5.0 

0. 

5e(deg) 

— 

— 

1.5 

— 

5sp(deg) 

«T(*  RPM) 

— 

— 

-8.6 

28.3 

— 
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INPUT/ 

OUTPUT 

t  (sec) 

P 

(sec) 

PEAK 

VALUE 

FINAL 

VALUE 

9 (deg) 

— 

60 

1.0 

1.0 

a (deg) 

— 

60 

1.0 

1.0 

h  ( ft) 

9.25 

— 

4.1 

0. 

u (ft/sec) 

16.0 

— 

-7.6 

0. 

6e (deg) 

— 

— 

-0.2 

5sp(deg) 

— 

4.6 

. - 

6t(%  RPM) 

■ 

— 

-50.0 

—  ■' 

TABLE  XII 


Pitch  Pointing  Results  for  MACH  0.76 
40000  ft  (Designed  at  MACH  0.18) 


INPUT/ 

OUTPUT 

tp (sec) 

ts (sec) 

PEAK 

VALUE 

FINAL 

VALUE 

6 (deg) 

— 

60 

1.0 

1.0 

a (deg) 

— 

60 

1.0 

1.0 

h  (ft) 

9.25 

— 

4.5 

.  o. 

u (ft/sec) 

180 

— 

-24.6 

0. 

6e (deg) 

— 

— 

-0.27 

5sp(deg) 

— 

— 

5.0 

— 

«T(*  RPM) 

— 

— 

50.0 

— 

s\v\v> 


Model  Change 


At  this  point,  the  question  arises  as  to  how  to  perforin 
a  normal  climb  manuever  when  both  altitude,  h,  and  pitch 
angle,  0,  have  to  be  commanded  as  part  of  the  output  vector. 
Altitude  is  related  to  pitch  angle  by  the  question: 


h  =  UQ  (0  -  a) 


(107) 


where  h  is  the  rate  of  change  of  altitude,  or  vertical 
velocity.  However,  pitch  angle  in  a  normal  climb  is  not 
related  to  the  altitude,  h,  through  a  simple  relationship. 
Thus,  it  is  desirable  to  remove  8  from  the  output  equation. 

Additionally,  it  is  also  desirable  to  command  the 
spoilers,  6sp,  to  insure  that  they  reach  zero  deflection  in 
the  steady  state.  There  are  two  ways  to  accomplish  this. 
First,  the  spoiler  actuator  can  be  incorporated  into  the  state 
model;  thus,  spoiler  position  becomes  a  state  and  is  commanded 
through  the  output  matrix,  C.  However,  this  increases  the 
size  of  the  state  model  and  thus  adds  complexity. 

The  second  way  to  add  6sp  to  the  output  is  to  add  a 
direct  feedforward  matrix.  The  new  output  equation  for  the 
longitudinal  model  becomes: 


X  -  5 


Cx  +  D  u 


(108) 
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Using  this  change  in  the  model  a  new  longitudinal 
controller  is  designed  at  the  MACH  0.18  flight  condition 
The  resultant  control  laws  are  defined  by  the  parameters 

T  «  0.05  sec  (20  Hz) 

or  *»  10.0 

e  -  0.005 


r 0*25  0.  I 

M  s  0.  0.25 

-  l_o.  0.  J 

I  *»  diag  [0.2  ,  10.0  ,  5.0] 


These  parameters  yield  the  control  laws  given  by: 


■0.02132 
■0.07643 
0.  U30 


-0.002132 

■0.007643 

0.01330 


-2.967 

-0.4902 

0.4823 


-0.2967 

-0.04902 

0.04823 


i:,„  ] 

.L„] 
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This  new  controller  produces  the  simulation  shown  in 


Figure  14.  The  command  vector  is  given  by  Figure  14(b). 
Altitude  tracks  the  commanded  input  fairly  good  as  shown  by 
Figure  14(a).  Figure  14(c)  shows  that  pitch  angle  and  angle 
of  attack  reach  zero  steady-state,  but  this  will  not  occur 
for  a  non-linear  simulation.  Velocity  changes  are  negligible 
as  shown  by  Figure  14(d). 

Figure  14(e)  shows  that  spoilers  are  still  used  to  help 
initiate  and  terminate  the  climb.  However,  due  to  the  com¬ 
mand,  spoiler  position  is  pushed  to  zero  in  the  steady-state, 
as  desired. 

Table  XIII  summarizes  these  results.  These  appear 
to  be  good  tracker  control  laws,  but  more  data  needs  to  be 
obtained  using  this  type  of  direct  feedforward  output  matrix. 

Summary 

This  chapter  presents  digital  multivariable  tracker 
control  laws  for  the  C-141-A  Starlifter  aircraft.  The  actual 
design  procedure  is  outlined  and  the  decoupled  lateral  and 
longitudinal  control  laws  are  presented  separately.  Control¬ 
lers  for  the  MACH  0.18  flight  condition  are  discussed  and 
robustness  is  considered,  using  these  controllers  at  the  two 
other  flight  conditions.  Robustness  is  determined  to  be 
acceptable  when  using  the  MACH  0.18  designed  laws  for  the 
complete  range  of  flight  conditions. 


VELOCITY.  FEET /SECOND.  ...  .  PITCH  •  ATTACK  ANGLES.  OEOREES 


TABLE  XIII 


Normal  Climb  Results  for  MACH  0.18, 
1000  ft  Design  Condition 


INPUT/ 

OUTPUT 

tp(sec) 

tg (sec) 

PEAK 

VALUE 

FINAL 

VALUE 

h  (ft) 

12.55 

21.25 

56.3 

50.0 

6sp(deg) 

2.35 

— 

-11.0 

0. 

8 (deg) 

10.75 

— 

0.55 

.  0. 

a (deg) 

3.85 

— 

-1.973 

0. 

*  u (ft/sec) 

3.85 

— 

-0.23 

0. 

6e (deg) 

— 

— 

2.1 

— 

6t(%  RPM) 

1  1 

■  1 

-20.5 

— 

A  suggested  change  in  the  system  model  is  presented 
using  a  direct  feedforward  matrix.  This  matrix  allows  a 
control  input  to  be  commanded  in  the  steady  state.  A 
controller  is  presented  for  this  new  model  for  MACH  0.18. 
This  results  in  a  stable  system  and  suggests  that  this  new 
model  should  be  investigated  further. 

The  final  chapter  presents  the  conclusions  formulated 
as  a  result  of  this  thesis  and  suggests  recommendations  for 
further  studies  and  improvements/additions  to  MULTI . 


VI  Conclusions  and  Recommendations 


Thesis  Summai 


This  thesis  effort  is  designed  to  show  the  applicability 
of  Professor  Brian  Porter's  control  techniques  as  applied  to 
a  large  aircraft,  specifically  the  C-141-A  Starlifter. 
Development  of  digital  control  laws  at  three  diverse  flight 
conditions  are  considered  and  robustness  is  considered  for 


controllers  designed  at  the  MACH  0.18  flight  condition  when 
it  is  used  at  other  flight  conditions. 

Chapter  I  presents  an  introduction  to  the  need  for  thesis 
study  in  this  area.  Chapter  II  describes  the  aircraft  and 
discusses  the  required  state  space  representation  for  the 
system  models.  A  brief  summary  of  control  law  theory  for 
unknown,  regular,  irregular,  and  B*  design  techniques  is 
presented  in  Chapter  III.  Chapter  IV  discusses  modifications 
of  the  computer  program  MULTI  made  in  conjunction  with  this 
thesis.  Chapter  V  describes  the  actual  development  and 
analysis  of  control  laws  for  the  C-141-A  aircraft. 

Appendices  in  this  thesis  contain  a  development  of  the 
aircraft  equations  of  motion  (Appendix  A) ,  simulation  data 
for  the  MACH  0.65  and  MACH  0.76  designed  controllers  (Appendix 
B) ,  and  a  User's  Guide  for  the  batch  processing  version  of 
MULTI  (  Appendix  C) . 
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The  associate  theses  by  Barfield  (Ref  14) ,  Bauschlicher 
(Ref  15),  Russ  (Ref  16),  and  Lewis  (Ref  17)  should  be  refer¬ 
enced  for  other  studies  of  Porter's  techniques  and  concurrent 
changes  in  MULTI.  The  thesis  by  Lewis  analyzes  control  laws 
designed  using  continuous -time  domain  techniques. 

Conclusions 

This  thesis  concludes  that  digital  tracker  control  laws 
can  indeed  be  very  successfully  designed  for  the  C-141-A 
Starlifter  aircraft.  Controllers  designed  at  specific  flight 
conditions  are  found  to  tightly  track  the  commanded  inputs. 

Theory  provides  that  total  decoupling  of  the  outputs  is 
achievable.  However,  the  high-gain  nature  of  the  design 
technique  would  require  large  control  surface  deflections, 
unless  the  command  input  is  shaped  to  meet  performance 
specifications.  Thus,  the  control  law  parameter  is  adjusted 
to  reduce  the  control  surface  commands  and  still  meet  overall 
tracking  requirements  in  a  very  satisfactory  manner.  There 
is  some  small  acceptable  interaction  between  outputs.' 

Robustness  of  the  control  laws  design  for  the  MACH  ‘0.18 
condition  is  demonstrated.  Robustness  is  defined  as  the 
ability  of  a  constant  gain  controller,  designed  for  manuevers 
at  a  particular  flight  condition,  to  adequately  perform  similar 
manuevers  at  other  flight  conditions.  This  robustness  is  very 
desirable  for  avoiding  gain  scheduling  requirements  over  a 
wide  range  of  flight  conditions. 


Implementation  of  a  direct  feedforward  matrix  in  the 
output  equation  is  suggested  as  an  extension  of  system  designs. 
This  type  of  model  allows  for  command  of  control  surface 
inputs  to  insure  a  desired  steady-state  deflection.  Further 
investigation  should  be  conducted  in  this  area. 

Overall,  the  conclusion  is  that  a  robust  set  of  lateral 
and  longitudinal  digital  tracker  control  laws  can  be  designed 
for  the  C-141-A  Starlifter,  or  any  large  aircraft. 

Recommendations 

There  are  several  areas  of  interest  which  should  be 
investigated  in  the  future.  A  more  complete  aircraft  model 
should  be  derived  to  include  coupling  of  the  lateral  and 
longitudinal  modes.  A  "complete"  aircraft  controller  should 
then  be  designed  and  tested. 

Another  area  to  be  researched  is  the  possible  real-time 
simulation  of  a  non-linear  aircraft  model  using  digital 
control  laws  designed  by  this  method.  Thus,  a  full  analysis 
of  the  design  techniques  should  be  investigated. 

Final  recommendations  suggest  improvements  in  the  computer 
program  MULTI.  These  include,  but  are  not  limited  to: 

1.  A  major  modification  of  the  program  to  provide  for 
more  efficient  use  of  memory  allocations.  This  is 
a  must  for  future  additions  to  the  program. 

2.  The  addition  of  a  continuous-time  simulation  option 
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AFIT/GAE/EE/32D-1 

Abstract 

The  theory  of  high-gain  error  actuated  feedback  control,  developed 
by  Porter  and  Bradshaw,  is  applied  to  the  design  of  various  lateral-direc¬ 
tional  decoupling  flight  control  systems  for  an  advanced  aircraft.  The 
controllers  developed  in  this  report  utilize  output  feedback  with  propor¬ 
tional  plus  integral  control  to  produce  desirable  closed-loop  responses 
with  minimal  interactions  between  outputs.  Because  of  the  structure  of  the 
system,  aeasureaent  variables  in  addition  to  the  outputs  are  necessary  to 
apply  this  aethod.The  reDort  examines  controller  design  robustness  oy  varying 
the  flight  conditions  or  maneuver  commands  from  the  ones  the  controller  is 
specifically  designed  for,  and  then  judges  system  performance.  The  results 
show  that  the  controller  is  robust  with  respect  to  varying  flight  conditions, 
but  is  not  robust  with  respect  to  varying  maneuver  commands.  This  report 
also  examines  the  effect  of  first-order  actuator  dynamics  in  the  system  model. 
Actuator  dynamics  are  shown  to  significantly  affect  the  control  system  response 
indicating  that  a  simplified  model,  without  actuators,  is  not  desireable  in 
one'?  control  design  scheme.  Also  a  computer  program  to  determine  transmission 
zeros  and  decoupling  zeros  is  developed. 


HIGH-GAIN  ERROR  ACTUATED  FLIGHT 
CONTROL  SYSTEMS  FOR  CONTINUOUS  LINEAR 
MULTIVARIABLE  PLANTS 

I.  Introduction 

Advanced  Fighter  Technology  Integration  (AFTI)  is  the  culmination  of 
the  most  recent  technology  advances  in  flight  control  and  avionics .  The 
AFTI-16  aircraft,  which  incorporates  this  technology,  is  presently  under¬ 
going  flight  tests.  A  new  digital  flight  control  system,  along  with 
additional  control  surfaces ,  such  as  vertical  cannards ,  allow  the  aircraft 
to  perform  direct  force,  decoupled  maneuvers. 

This  report  contains  an  investigation  of  a  new  controller  design 
rae'hod  for  the  AFTI-16.  Specifically,  an  analogue  controller  is  designed 
to  perform  four  lateral-directional  decoupled  maneuvers .  These  maneuvers 
are  horizontal  translation,  wings  level  turn,  constant  altitude  coordinated 
turn,  and  yaw  pointing.  The  maneuvers  can  be  described  by  three  output 
variables:  side-slip  angle,  3;  roll  angle,  and  yaw  rate,  r.  Initially 
all  output  variables  are  zero.  For  horizontal  translation  the  side-slip 
-vngle,  S,  changes,  while  tp  and  r  remain  unchanged.  In  a  wings  level  turn 
the  yaw  rate,  r,  changes,  while  3  and  <?  remain  unchanged.  In  a  constant 
altitude  coordinated  turn  the  yaw  rate,  r,  is  proportional  to  the  roll 
angle,  *>, 

r  =  2.  sin  (1-1) 

U 

while  3  remains  zero.  For  yaw  poin  — .ng  the  time  rate  of  change  of  the 
side-slip  angle,  3,  must  be  equal  in  magnitude  and  opposite  in  sign  to 


the  yaw  rate,  r,  while  $  remain  zero. 


Background 

Controllers  have  been  designed  for  single  input/single  output  (SISO) 
systems  using  conventional  techniques  for  a  long  time.  The  advance  of 
computational  technology  readily  permits  the  design  of  controllers  for 
multiple  input/multiple  output  (MIMO)  systems.  A  MIMO  system  design 
offers  a  greater  amount  of  control  and  greater  precision.  Conventional 
control  employs  widely  accepted  design  techniques,  such  as  root- locus 
and  frequency  response  analysis.  Multivariable  control  design  is  still 
growing  and  a  number  of  different  theories  and  design  methods  ^iave  been 
developed.  In  this  report  the  design  method  developed  and  proposed  by 
Dr  Brian  Porter  of  the  University  of  Salford,  England  is  utilized  and 
evaluated. 

Other  multivariable  control  methods  presently  available  utilize  optimal 


control,  entire  eigenstructure  assignment,  and  frequency  domain  techniques. 

In  the  optimal  control  design  method  (Ref. 2)  a  control  law  i3  found 
by  minimizing  the  value  of  the  performance  index  or  cost  functional 


2  j*  £[y(t)  -  v(t)]T  £(t)  [y(t)  -  v(t)] 

R(t)  u(t)  J  dt 
T 

+  1/2  [y.(tf)  -  V(tf )]  H  -  V(tf>] 


J  *  1/2 


T 

+  u  (t) 


(1-2) 


for  the  system  described  by  the  state  and  output  equations 


x(t)  =  A  x(t)  +  B  nit) 


where  y(t)  is  the  output  vector. 

v(t)  is  the  command  vector,  and  £(t) ,  R(t) ,  and  H  are  symmetric 
positive  definite  quadratic  weighting  matrices.  The  optimal  control  law 
that  minimizes  J  is 

u*(t)  -  K  (t)  x(t)  -  R_1(t)  BT  d(t)  (1-4) 

The  time  varying  feedback  gain  matrix  is 

K(t)  =  -  R_1 (t)  BT  P(t)  (1-5) 

where  P(t)  is  the  solution  of  a  nonlinear  time  varying  matrix  differential 
equation,  commonly  known  as  the  Riccati  Equation: 

P(t)  =  -AT  P(t)  -  P(t)A  +  P(t)B  R-1(t)  BTp(t) 

"2.T  fl.  (1-6) 

where  P(tf)  =  C.T  H  C_. 

The  vector  d(t)  is  the  solution  to  the  matrix  dif ferential  equation 
d(t)  •  ATd(t)  +  K(t)  B  R_1 (t)BTd(t) 

+  CT  2_(t)  C.  (1-7) 

where  d(tf)  =  -C_T  JJC_v(tf). 

Due  to  the  boundary  conditions  on  the  two  matrix  differential  equa¬ 
tions,  they  must  be  integrated  backwards  in  time.  This  requires  that 
command  input  information  be  known  in  the  future.  The  confutation  re¬ 
quired  for  the  numerical  solutions  uo  these  equations  are  extremely  costly 


and  difficult  to  achieve.  Al^o  selection  of  the  positive  definite 

weighting  matrices,  2^) ,  R(t) ,  and  H,  must  be  made.  This  is  usually 

* 

accomplished  by  a  trial  and  error  iterative  process,  requiring  repeated 
integrations  of  the  matrix  differential  equations. 

In  the  entire  eigenstructure  assignment  design  method  (Ref  11),  the 
designer  selects  the  system  closed- loop  eigenvalues,!^,  and  corresponding 
eigenvectors,  Given  the  system  described  by  eq.  1.3,  a  state  feed¬ 

back  control  law 


u(t)  =  K  x (t)  +  v(t) 


(1-8) 


is  assumed.  Substituting  this  control  law  into  the  state  equations  yields 
the  closed-loop  system 


[A  +  B  K]  x(t)  +  B  v(t) 


(1-9) 


The  feedback  gain  matrix,  K,  is 


—  *  C  —1 '  -^2 '  *  •*'■*%]  C-§3. '  — 2 '  '  *  * '  — n  ^ 


(1-10) 


The  feedback  gain  matrix  of  eq.  1-10  produces  a  closed-loop  system  with 
the  selected  eigenvalues  and  corresponding  eigenvectors ,  provided  all 
eigenvectors,  and  vectors,  ,  satisfy  the  relation 


Extreme  care  must  be  taken  when  selecting  the  eigenvectors  rrom  the  null 

m‘  1 

space  of  £a  -  I,  b]  ,  in  order  that  the  matrix  [^,  *■-> <  ••• 


exists.  Also,  the  eigenvalues  and  eigenvectors  must  be  chosen  to  minimize 


the  amount  of  interaction  between  outputs.  Selection  of  the  eigenvalues , 
and  eigenvectors,  j^,  is  an  art,  requiring  insight  and  a  lot  of  trial 
and  error  iterations. 

Porter's  design  method,  described  in  Chapter  II,  often  produces  a 
successful  controller  design  with  less  trial  and  error  iterations  them  the 
two  methods  described  above. 

Problem  Statement  and  Approach 

It  is  desired  to  design  and  evaluate  a  flight  controller,  using 
Porter's  design  method  (Ref  7),  for.  an  AFTI-16  aircraft  which  simulates 
maneuvers  of  horizontal  translation,  wings  level  turn,  constant  altitude 
coordinated  turn,  and  yaw  pointing.  The  evaluation  consists  of  examining 
robi  stness  and  effect  of  first-order  actuators  in  the  simulation. 

A  robust  controller  design  can  perform  satisfactorily  at  conditions 
other  them  the  one  it  is  specifically  designed  for.  In  this  report 
robustness  is  examined  by  using  a  controller  designed  for  a  yaw  pointing 
maneuver  at  a  specific  design  flight  condition,  and  using  it  without  change 
in  the  simulation  of  a  yaw  pointing  maneuver  at  other  flight  conditions. 
Also  the  same  controller  is  used  in  the  simulation  of  the  three  other 
maneuvers  at  the  design  flight  condition.  Rie  performance  of  the  three 
maneuvers  is  compared  with  the  performance  of  controllers  designed  to 
perform  the  specific  maneuver. 

Three  different  controllers  are  designed  to  perform  the  yaw  pointing 
maneuver.  One  at  a  low  dynamic  pressure,  Q,  design  flight  condition, 
another  at  a  medium  dynamic  pressure  Assign  flight  condition,  and  the 


third  at  a  high  dynamic  pressure  design  flight  condition.  Each  of  these 
controllers  are  then  included  in  the  simulation  of  a  yaw  pointing  maneuver 
at  nine  other  flight  conditions,  covering  a  spectrum  of  dynamic  pressures. 


A  successful  design  is  based  on  several  criteria.  In  this  report  the 
following  specifications  are  established:  First,  the  closed-loop  system 
must  be  stable.  Second,  all  transient  responses  should  be  within  98%  of 
their  steady-state  value  in  three  seconds.  Third,  the  steady-state 
response  should  achieve  the  commanded  value  with  no  observable  error. 
Fourth,  the  control  surfaces  are  not  commanded  beyond  a  pre-set  limit. 

Assumptions 

The  following  assumptions  are  made  to  simplify  the  computations  and 
analysis : 

1.  The  earth  is  flat  and  non- rotating . 

2.  The  atmosphere  is  at  rest  with  respect  to  the  earth. 

3.  The  acceleration  due  to  gravity  is  constant. 

4.  Hie  aircraft  is  a  rigid  body. 

5.  The  aircraft  has  a  constant  mass. 

6.  The  aircraft  performs  maneuvers  while  flying  straight  with  wings 
level,  unless  otherwise  specified. 

7.  The  motion  of  the  aircraft  about  a  straight  and  level  trim  con¬ 
dition  can  be  adequately  modeled  by  a  linear  dynamical  system  of  equations, 

8.  The  dynamics  of  the  actuators  can  be  adequately  modeled  by  a 
first-order  differential  equation. 

9.  The  side  slip  angle, ,  can  be  measured. 


Organization 

First,  the  theory  used  in  Porter's  design  is  described,  and  the  method 
for  developing  a  controller  is  discussed.  Also  included  in  Chapter  II  are 
methods  for  including  first-order  actuator  dynamics  in  the  model.  Chapter 
III  presents  the  results  of  applying  this  method  to  an  aircraft  model. 

The  effects  of  varying  flight  conditions  and  maneuver  commands  are  described 
in  detail.  Also  the  effects  of  actuator  dynamics  in  the  simulation  are 
discussed.  Chapter  IV  discusses  the  results  and  provides  recommendations 
for  further  study. 

Included  in  the  Appendices  are  discussion  of  the  aircraft  equations 
of  motion,  a  computer  program  to  calculate  system  zeros,  and  the  computer 


program  used  to  perform  design  iterations  and  simulations 


III.  Discussion  of  Results 


Design  Procedure 

As  a  result  of  this  thesis  it  is  concluded  that  porter's  design 
method  is  easy  to  apply.  Satisfactory  controllers  axe  found  for  a 
specific  maneuver  and  flight  condition  without  many  design  iterations. 
Also  a  designer's  "feel"  is  quickly  obtained,  making  controller 
designs  easy  to  obtain.  A  feel  is  when  the  designer  knows  how  differ¬ 
ent  parameters  affect  the  output  response.  The  effect  of  the  various 
parameters  discovered  during  the  design  iterations  for  the  con¬ 
trollers  of  this  report  are  now  discussed. 

The  measurement  matrix,  M,  is  selected  as  a  sparse  matrix  using 
the  second  method  discussed  in  Chapter  II  (Ref  9) .  The  reciprocal 
of  the  non-zero  element  of  the  M  matrix  becomes  the  transmission 
zero  of  the  system.  A  transmission  zero  of  -4  is  selected  for  all 
of  the  controller  designs  in  this  report.  This  value  is  recommended 
by  Lt  Ridgely  (Ref  10) . 

The  value  of  the  sigma  matrix,  does  affect  the  outputs  in  a 
predictable  way.  To  keep  the  outputs  decoupled,  and  the  fast  asymptotic 
transfer  function,  _T,  diagonal,  _£  is  selected  as  a  diagonal  matrix. 

Each  diagonal  element,  affects  the  corresponding  output  (the  first 
diagonal  element  affects  the  first  output,  etc.).  Increasing  the 
value  of  the  element  causes  the  output  to  track  the  command  input 
closer.  A  large  diagonal  sigma  element  is  desirable  when  the  spe¬ 
cific  output  response  is  commanded  to  zero.  An  adverse  effect  of  a 
large  diagonal  element  is  that  the  magnitude  of  the  control  surface 
responses  are  increased.  Decreasing  the  diagonal  element  causes  an 


increase  in  the  transient  response  of  the  output.  Varying  the  diagonal 
elements  in  the  sigma  matrix  is  the  main  avenue  used  to  achieve  desired 
output  and  control  surface  time  responses  for  the  controller' §  designs 
contained  in  this  report.  An  observation  made  during  the  design 
iterations  is  that  an  optimal  sigma  matrix  found  for  a  specific 
maneuver  and  specific  flight  condition  is  very  close  to  the  optima.! 
sigma  matrix  for  the  same  maneuver  at  a  different  design  flight  con¬ 
dition.  This  observation  is  shown  by  comparing  the  sigma  matrices 
for  th  three  yaw  pointing  designs,  Tables  3-2  through  3-4. 

The  gain  value,  g,  is  used  in  the  design  iterations  for  the 
controllers  in  this  report,  to  adjust  the  peak  value  and  settling  time 
of  the  response  to  a  step  input.  The  gain  can  be  adjusted 

so  the  cuoput  response  has  no  noticeable  peak  and  an  acceptable  settiir 
tie.  For  all  values  of  gain  an  overshoot  is  found  to  exist,  very 
high  gain  and  very  low  gain  cause  a  large  overshoot.  The  gain  for 
a  minimum  overshoot  is  a  medium  value.  Settling  time  decreases  witn 
increasing  gain  value. 

The  value  of  the  input  commands  can  be  used  to  adjust  the  control 
surface  time  responses.  Changes  to  the  values  of  the  input  commands 
do  not  adversely  affect  the  output  responses,  in  that  they  will  track 
the  commands.  The  control  surface  responses  are,  naturally,  sensitive 
to  the  magnitude  cf  the  input  command.  The  value  of  the  input  command 
can  be  reduced  to  keep  the  control  surface  deflections  within  limits. 
This  is  the  last  parameter  to  be  adjusted  in  'ne  design  procedure. 

The  initial  values  of  input  nos  a:  v.ed  from  jiKTl  -  v»  : 

data  C-.e:  12)  . 


:unnel 


The  control  surface  deflection  limits  for  the  designs  of  this 


report  are: 

Rudder,  -35°  <_  <5r  35° 

Aileron,  -35°  <_  <$a  <_  35° 

Cannard,  -30°  _<  6C  <_  30° 

These  limit  values  are  selected  by  the  designer  and  considered 
reasonable. 

The  interactive  computer  program,  listed  in  Appendix  C,  make 
rapid  design  iterations  possible. 


Robustness  Tests 

As  stated  in  the  Introduction,  the  robustness  tests  are  per¬ 
formed  with  the  yaw  pointing  maneuver.  The  output  rsetrix  is 


0:1  0  0 

1:0  0  0 

0:0  0  1 


(3.1) 


The  values  of  the  input  commands  to  produce  a  yaw  pointing  angle  are 
shown  in  Table  3-1.  The  side-slip  angle,  8,  is  commanded  as  a  ramp  vith 
the  slope  -80  until  the  value  of  the  side-slip  angle  reaches  minus 
three  degrees.  At  this  time,  t,  the  slope  is  changed  to  zero.  The 
ramp  input  is  used  as  a  way  cf  commanding  the  time  rate  of  the  side¬ 
slip  angle,  S.  The  roll  angle,  ■>,  is  commanded  to  zero.  The  yaw  rate, 
r,  is  commanded  as  a  pulse  with  a  constant  magnitude  equal  to  8Q.  The 
value  cf  Sc  Is  a  f unction  of  the  d'—smic  pressure,  Q,  which  is  de¬ 
termined  by  the  flight  condition.  At  time  t  the  value  of  yaw  rate 


is  commanded  to  zero. 


TBLE  J-l 


INPUT  COMMANDS 


1)  Side  Slip  Angle,  p 
£(t)=-£0t  o<  t <  t 
Z  -  3  t  >  T 


2 )  R  o  1 1  A  ng  !e ,  <P 
*(t)  :  0  t  >  0 


3)  Yaw  Rate,  T 

f  (  t  )  ’  0  <  t  <  T 


3  i  > 


Q  slopes  TIME  /mat  /r(t)dt 

CONDITION _ CONSTANT, t  0 _ 0 _ 

j(deg/sec3  (seconds)  (deg-sec)  (degrees) 


Low 


■o.zo 


Low- Mid  1#co 
Mid  i  i.co 


High 


1.00 


5.625 


4.500 

1.500 


1.125 


3.00 


The  results  of  the  yaw  pointing  robustness  test  for  varying  flight 


conditions  are  summarized  in  Tables  3-2  through  3-4  and  Figures  3-2a 
» 

through  3-2f.  In  all  cases,  except  one  (Design  1A,  Q  =  825)  the  con¬ 
troller  performs  the  desired  yaw  pointing  maneuver.  This  is  shown 
by  the  fact  that  the  steady-state  side-slip  angle,  8SS,  and  the 
steady-state  pointing  angle,  ’^ss,  are  equal  in  magnitude  and  opposite 
in  sign.  The  pointing  angle,  i{j,  is  the  time  integral  of  the  yaw 
rate 


The  most  noticeable  difference,  when  the  controller  is  used  outside 
its  design  flight  condition,  is  the  response  of  the  yaw  rate,  r. 
Outside  the  design  flight  condition  the  yaw  rate  has  an  initial  over¬ 
shoot  and  a  few  oscillations.  This  does  not  affect  the  performance 
of  the  maneuver,  based  on  the  smooth  response  of  the  side-slip 
angle  and  the  pointing  angle. 

Figures  3-3  through  3-5  show  the  output  and  control  surface  time 
responses  of  all  three  controllers  performing  a  yaw  pointing  maneuver 
at  a  specific  flight  condition.  Figure  3-3  shows  the  responses  of  a 
low  dynamic  pressure  maneuver  (Q  *  109)  .  Figure  3-4  shows  the  re¬ 
sponses  of  a  medium  dynamic  pressure  maneuver  (Q  =  443)  .  Figure  3-5 
shows  the  responses  of  a  high  dynamic  pressure  maneuver  (Q  =  825) . 

The  controller  designed  at  a  low  dynamic  pressure.  Design  1A, 
consistently  overcommanded  the  control  surfaces  when  performing  the 
yaw  pointing  maneuver  outside  its  design  flight  condition,  as  shown 
^Figure  3-1  shows  the  basis  for  the  data  in  Tables  3-2  through  3 — 
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in  Figure  3-2d.  Controllers  designed  at  medium  dynamic  pressure, 
Design  3A,  only  overconanandea  the  control  surfaces  at  two  of  the  ten 
flight  conditions  simulated,  and  the  value  of  the  deflection  4rror  i3 
not  great. 

Figures  3-2e  and  3-2f  show  the  range  of  motion  of  the  velocity 
vector  pointing  angle.  The  velocity  vector  is  the  sum  of  the  side¬ 
slip  angle  and  the  pointing  angle.  Figure  3-2e  shows  the  range  of 
values  that  the  velocity  vector  pointing  angle  moves.  In  the  worst 
case  (Design  1A,  Q  =  825)  the  total  horizontal  translation  is  not 
greater  than  10  feet,  during  the  time  of  the  maneuver,  x.  In  this 
case  the  steady-state  velocity  vector  pointing  angle  is  0.13  degrees, 
resulting  in  a  steady-state  horizontal  velocity  of  2.2  feet/second. 

Figure  3-2c  shows  the  time  integral  of  the  roll  angle.  This 
quantity  is  used  as  a  judgement  of  performance,  and  a  basis  for 
compariscn.  In  the  worst  case  (Design  3A,  Q  -  70)  the  value  is  0.176 
degree-second.  This  is  equivalent  to  a  roll  angle  of  0.06  degrees 
for  three  seconds.  The  magnitudes  o£  the  roll  angle  time  integral 
shows  that  in  all  cases  the  prone  remained  essentially  wings  level. 

3ased  cn  all  performance  criteria  shown  in  Tables  3-2  through 
3-4,  and  Figures  3-2a  through  3--2f,  the  controller  designed  for  a 
medium  dynamic  pressure  flight  condition.  Design  2A,  is  the  more 
robust  design. 

Another  robustness  tecc  is  judging  the  performance  of  a  con¬ 
troller  designed  to  perform  a  specific  maneuver  at  a  specific  flight 
condition  performing  other  avers  at  the  same  flight  condi t' on. 


TABLE  3-2  Design  1A  Figures  of  Merit 

DESIGN  Li  LOW  Q  Q  -  109  lb/ft2  h  -  20,000  ft  Maoh  -  0.4 


0  10  0 

H  -  0.25  r «  0  15  0 

.  0  ..  0  0  30 


20  0  0 
0  20  0 
0  0  20 


29.1768  1.6411  -6.4843 

Kq«  5.4674  -4.3414  -1.6377  Kx  -  Kq  g  -  29.5 
44.6171  0.5608  20.4908 


Q  4 


-2.999 


1091  -2.999 


2.993 


3.012 


443!  -2.599 


532  -2.9 

► 


652  -2.999 


825  -2.59? 


1 

981-2.9  99 


1.0503 


0.3197 


163 

1 

f 

-2.959  | 

3.005 

r\  <■*> 

1 

a 

t 

9  i 

! 

■ 

2 

436 

1 

-2.599 

1 

3. CIS  1 

1 

erron  tn  ts  /•*  CONTROL 

rr°r  p  si  s2  fami  SURFACE 

0  COMMEN 


exceeds 

31.350  0.1 0  0.40  0.45  0.0414  8  0 


within 

2.462  0.35  0.40  0.30  0.0242  linits 


28.4ei3 


I  exceeds 

0.0162 


within 

53.770  0.05  0.40  0.45  0.0133  linits 

_  -  -  -  -  -  - - 


j  exceeds 

3.7455  24.353  0.10  0.45  0.35  0.0166  |  ^“>*23.9 


3.6350  |  22.620  |  0.15  0.45  0.35 
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The  controller  design  2A  is  given  commands  to  perform  a  wings  level 
turn,  a  horizontal  translation,  and  a  constant  altitude  coordinated 


turn.  The  magnitudes  of  these  commands  are  adjusted  until  the  maneuver 
can  be  performed  without  commanding  the  control  surfaces  beyond  their 
limits. 

The  input  command  for  a  wings  level  turn  is  a  step  input  for  yaw 
rate,  r,  while  side-slip  angle,  S,  and  roll  angle,  $,  are  commanded 
to  zero.  For  horizontal  translation  the  side-slip  angle  is  commanded 
as  a  ramp,  till  a  side-slip  angle  of  four  degrees  is  reached.  The 
roll  angle  and  yaw  rate  are  commanded  to  zero.  For  a  coordinated 
turn  the  relation  between  yaw  rate  and  roll  angle  is 


2_  sin  $ 
"  U 


(3.3) 


while  side-slip  angle  is  commanded  to  zero. 

The  output  and  control  surface  time  responses  of  Design  2a 
perfoming  the  above  three  maneuvers  are  shown  in  Figure  3-6.  These 
responses  are  compared  with  those  of  Figure  3-7  which  show  the 
responses  of  controllers  designed  to  specifically  perform  the  maneuvers 
at  the  design  2A  flight  condition  (Q  =  443) ,  It  is  easily  seen  that 
Design  2A  can  not  perform  the  maneuvers  as  well  as  the  design  tor  that 
specific  maneuver.  The  magnitudes  of  the  maneuvers  of  Design  2A  are 
much  less  than  the  magnitudes  of  the  Mid  Q  designs.  For  example  the 
Mid  Q  design  for  horizontal  translation  can  successfully  command  a 
side-slip  angle  of  four  degrees  in  1.33  seconds,  while  the  controller 
of  Design  2A  took  4.5  seconds.  In  this  respect,  the  controller  is 
not  robust  with  respect  to  varying  command  inputs.  The  Mid  Q 
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1  Additional  Maneuvers 

controller  designs  and  performance  comparison  summary  are  shown  in 


Table  3-5. 

Actuator  Dynamics 

As  discussed  in  Chapter  2  there  are  two  methods  to  add  first-order 
actuator  dynamics  to  the  system.  The  method  used  in  this  report  is  to 
augment  the  closed- loop  system  matrix.  This  does  not  cause  the  size 
of  the  measurement  matrix  to  increase.  If  the  actuator  dynamics  are 
added  by  augmenting  the  open-loop  system  matrix,  the  size  of  the 
measurement  matrix  increases  from  a  3-by-l  matrix  to  a  3-by-4  matrix. 
When  an  attempt  is  made  to  add  the  actuator  dynamics  this  way,  the 
method  used  for  selecting  a  measurement  matrix  that  both  stabilizes 
the  system  and  diagonalizes  the  asymptotic  transfer  function  fails. 

This  leaves  the  selection  of  a  measurement  matrix  to  a  trial  and 
e£  *or  iterative  procedure . 

The  actuator  dynamics  are  significant  in  the  simulations.  For 
comparison  the  yaw  pointing  robustness  test  is  repeated  for  the  same 
three  controllers  without  actuator  dynamics  in  the  model.  The 
results  of  these  simulation  tests  are  very  misleading.  Figures  3-8 
through  3-10  show  the  output  and  control  surface  time  responses  of 
the  three  controller  designs  performing  the  yaw  pointing  maneuver  at 
a  specific  flight  condition.  When  these  figures  are  compared  with 
Figures  3-3  through  3-5  the  significance  of  the  actuator  dynamics 
is  clearly  shown.  Note  that  in  all  cases  the  outputs  follow  the 
commands  exactly,  with  no  overshoots  or  oscillations.  Also  note  the 
Smooth  control  surface  response  curves.  The  actuator  dynamics  in  the 
model  greatly  effect  the  time  responses  and  should  not  be  ignored 


when  designing  a  controller.  This  same  trend  is  observed  when 
Figure  3-11  is  compared  wi_..  Figure  3-6. 

Without  actuator  dynamics  the  output  responses  are  much  more 
insensitive  to  changes  in  the  diagonal  elements  in  the  sigma  matrix  and 
gain  values.  This  is  another  reason  why  the  actuator  dynamics  should 
not  be  ignored  when  designing  a  controller. 

Also  studied  is  the  effect  of  changing  the  first-order  actuator 
dynamics  time  constant.  The  controller  is  designed  with  all  actuator 
constants  at  20.  This  desigi  is  used  in  the  simulation  of  a  yaw 
pointing  maneuver  with  the  actuator  constants  varying.  The  responses 
are  shown  in  Figures  3-12  through  3-18.  The  three  numbers  on  the 
title  of  tiie  response  correspond  to  the  three  actuator  constants. 

The  respective  order  is:  rudder  actuator  constant,  aileron 

actuator  constant,  and  car.nard  actuator  constant.  For  example, 

(20,  10,  ■'10)  represents  a  rudder  constant  cf  20,  a  aileron  constant 
of  10,  ar,d  a  sar.narct  constant  of  40. 

Figure  3-12  shews  the  responses  when  all  constants  axe  de¬ 
creased  and  : r. creased  by  a  factor  of  two.  Figure  3-13  shows  the 
responses  i  just  one  constant  is  decreased  by  a  factor  of  two. 

Figure  3-14  shows  the  responses  when  just  cne  constant  is  increased 
by  a  faster  of  two.  Figure  0-15  shows  the  responses  when  two  constants 
are  decreased  by  a  factor  of  two.  Figure  3-16  shows  the  responses 
when  two  constants  are  increased  by  a  factor  of  two.  Figure  3-3,7 
shows  the  responses  when  one  constant  is  decreased  and  cne  constant 
is  increased  b”  a  factor  of  two. 


This  actuator  study  shows: 


1.  The  aileron  has  —  '  -ie  effect  in  the  yaw  pointing  maneuver 

2.  Decreasing  the  cannard  constant  increases  settling  time  and 
increases  cannard  activity 

3.  Increasing  the  rudder  constant  causes  increased  rudder 
activity 

4.  Increasing  both  rudder  and  cannard  constants  cause  the 
magnitude  of  surface  deflection  to  decrease. 

Overall  this  study  amplifies  the  importance  of  actuator  dynamics  in 
the  model,  in  that  they  significantly  affect  the  output  and  control 
surface  time  responses.  The  actuator  time  constant  is  dependent  on 
the  physical  system  used  in  the  aircraft.  Varying  the  constants  in 
the  design  can  be  advantageous  in  a  preliminary  design  study  and  can 
be  used  as  a  basis  for  selecting  the  best  actuator. 

In  this  study  there  is  no  constraint  placed  on  the  rate  of  con¬ 
trol  surface  deflection.  As  a  result  the  control  surface  deflection 
rates  were  often  unreasonably  fast.  Any  further  study  should  include 


this  constraint. 


OUTPUT'S 


DESIGN  2  YAW  POINTING 


DESIGN  1  Y.P  AT  MID  Q 


TTUS  (SECONDS) 


DESIGN  3  Y.P.  AT  MID  Q 


«6 


Figure  2-9  MLJ.  Q  Vuv  ? 


559 


control:  (uucntcs)  controls  (decreed) 


DESIGN  2  YAW  POINTING 


DESIGN  i  Y.P.  AT  MID  Q 


DESIGN  3  Y.P.  AT  MID  Q 


jincirg  Without  Actuators 


,-y 


. >  ,  •»  '.«  v 


IAU 


DESIGN'  3  YAW  POINTING 


DESIGN  3  YAW  POINTING 


DGSICN  2 A  Y.P.  (10.10.10)  Dl^IGN  2A  Y.l>.  (Ul.lil.ll)) 


1 


OUTPUTS  OUTPUTS 


sin.iino 


LiT»] 


IV.  Conclusions  and  Recommendations 


Conclusions 

Major  conclusions  are  based  on  the  results  of  this  report.  They 
are  first  presented  in  Chapter  III  and  are  now  summarised. 

The  design  method  of  Dr  Porter  is  easy  to  apply  and  does 
produce  controller  designs  to  perform  desired  maneuvers.  This  method 
is  relatively  new  and  promising.  Research  and  applications  of  this 
method  should  continue. 

The  controllers  are  robust  with  respect  to  varying  flight  con¬ 
ditions.  They  are  not  robust  with  respect  to  varying  maneuver  com¬ 
mands.  The  controller  designed  at  a  medium  dynamic  pressure  flight 
condition  produced  the  mop®  robust  controller  design. 

hcuuator  dynamics  significantly  affect  the  output  and  control 
surface  time  responses.  Simplified  models  without  actuator  dynamics 
included  provide  misleading  results.  Actuator  dynamics  should  not 
be  ignored  in  the  design  of  flight  controllers  with  this  method. 


F.o  c  -  mm  o  n  da  tions 


Thi- 


followed  the  study  performed  by  Lt  Ilidqely  (Ref  10)  . 


His  study  examines  the  longitudinal  race 
examines  the  latere 1-directional  modes 
combine  the  two  modes  end  examine  the  r 


hs  of  AFTI.  This  study 
of  <\?TI.  The  next  study  should 
esoonse  of  the  total  aircraft 


when  performing  various  maneuvers. 

Further  robustness  examination  should  be  conducted  to  find  if  a 
control’ or  can  be  desicv.ed  that  is  both  robust  with  respect  to  flight 
condition  and  maneuver  commands  If  so,  what  parameters  affect  ro¬ 
bustness  . 
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The  computer  program  used  for  this  study  is  limited  when  compared 
with  the  computer  program  developed  for  the-  design  of  digital  con¬ 
trollers  using  Porter's  ..  .od,  MULTI  (Ref  13).  MULTI  should  be 
augmented  to  include  the  design  of  analogue  controllers. 

The  precision  of  program  ZERO  should  be  increased  from  single 
precision  to  double  precision  to  increase  the  program's  accuracy. 

Also  the  subroutines  in  ZERO  that  check  the  rank  of  the  system 
matrices  should  be  changed  so  that  complex  system  zeros  can  also  be 


tested. 
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Abstract 

This  thesis  develops  a  set  of  high-gain,  error- 
actuated  multivariable  digital  control  laws  for  the  A-7D 
DIGITAC  II  aircraft  at  three  different  flight  conditions 
and  for  the  aircraft  with  three  different  control  surface 
failures.  Additional  modifications  to  the  computer-aided- 
design  package  MULTI  are  included. 

The  aircraft  model  is  based  on  a  six  degree-of- 
freedom  model  which  contains  separate  left  and  right  hori¬ 
zontal  stabilizer  and  left  and  right  aileron  control  sur¬ 
faces.  These  split  surfaces  provide  additional  flexibility 
and  permit  the  aircraft  to  perform  both  conventional  and 
CCV  maneuvers. 

The  design  procedure  used  to  obtain  the  various 
tracker  control  laws  is  outlined.  The  presentation  includes 
a  discussion  of  the  effects  of  surface  failures  on  aircraft 
performance  and  the  robustness  of  the  controllers  at  other 
flight  conditions.  A  proposed  reconfiguration  strategy  is 
also  included. 

The  thesis  concludes  that  further  investigation  is 
needed  to  determine  the  possible  correlation  between 
robustness  and  the  location  of  transmission  zeros.  The 
development  of  an  accurate  aircraft  model  is  also  necessary. 


RECONFIGURABLE  DIGITAL  CONTROL  LAWS 
FOR  THE  A-7D  DIGITAC  II  AIRCRAFT 
WITH  FAILED  PRIMARY 
CONTROL  SURFACES 

I  Introduction 

Advances  in  the  size  and  speed  of  digital  computers 
have  led  to  the  use  of  these  sophisticated  devices  for  a  wide 
range  of  tasks  in  the  modern  aircraft  of  today.  The  use  of 
computers  in  aircraft  flight  control  systems  is  just  one  such 
application.  A  digital  flight  control  system  generates  a 
set  of  electrical  signals,  based  on  pilot  inputs,  which 
actuate  the  primary  control  surfaces  of  the  aircraft  in  order 
to  achieve  the  desired  stability  and  performance.  Such  a 
control  system  is  in  sharp  contrast  to  those  of  older  air¬ 
craft  which  use  mechanical  linkages  to  actuate  their  control 
surfaces . 

Aircraft  which  employ  fly-by-wire  closed-loop  flight 
control  systems  depend  on  control  laws  that  assume  each 
element  of  the  control  loop  is  performing  properly.  The  use 
of  redundancy  management  concepts  ensures  continual  operation 
of  each  element  for  all  reasonable  failures.  However,  these 
control  laws  are  not  valid  if  a  primary  surface  becomes 


inoperative  due  to  combat  damage  or  mechanical  failure. 

This  problem  is  further  amplified  if  the  aircraft  is  stati¬ 
cally  unstable.  This  thesis  develops  the  control  laws  used 
by  such  a  digital  flight  control  system. 

The  first  chapter  presents  appropriate  background 
material,  the  problem  statement,  the  assumptions  that  are 
made,  the  approach  taken,  and  the  order  of  presentation  in 
the  thesis. 

Back ground 

The  advances  in  control  system  design  techniques  are 
many  and  varied.  Among  these  is  the  emergence  of  digital 
control  system  design  techniques  which  provide  a  means  of 
trying  to  achieve  system  performance  specifications  that  are 
not  achievable  by  analog  control  design  techniques.  This  is 
the  reason  for  the  shift  in  emphasis  from  analog  to  digital 
flight  control  systems.  These  new  digital  flight  control 
systems  provide  faster  responses  and  improved  flexibility  in 
maintaining  a  high  level  of  aircraft  performance. 

The  A-7D  DIGITAC  II  aircraft  serves  as  a  test  bed 
for  the  development  of  experimental  digital  flight  control 
systems.  These  tests  provide  a  technical  data  base  for  use 
in  future  development  efforts.  Recent  programs  involve 
detection  and  isolation  capabilities  of  digital  flight  con¬ 
trol  systems  in  the  event  of  a  surface  failure. 


Problem 


This  thesis  concentrates  on  the  development  of  a  set 
of  control  laws  for  the  A-7D  DIGITAC  I  aircraft  which  can 
accommodate  control  surface  failures  and  operate  over  a  wide 
range  of  flight  conditions. 

At  present,  the  Air  Force  Flight  Dynamics  Laboratory 
is  studying  a  number  of  different  multivariable,  digital 
control  law  design  techniques.  The  design  method  of 
Professor  Brian  Porter  of  the  University  of  Salford,  United 
Kingdom  (Ref  1;  3)  shows  promise  in  developing  these  robust 
control  laws. 

Assumptions 

The  following  assumptions  are  made  concerning  the 
aircraft  model,  and  its  operation,  in  order  to  simplify  the 
analysis.  First,  it  is  assumed  that  the  aircraft  model 
developed  by  Captain  David  W.  Potts  (Ref  25)  is  correct. 

This  model  assumes  that:  (1)  the  aircraft  equations  of  motion 
are  developed  using  stability  axes;  (2)  the  aircraft  makes 
only  smal  1  deviations  from  straight  and  level  flight;  and 
(3)  the  flight  control  surfaces  can  be  separated  into  inde¬ 
pendent  left  and  right  surfaces. 

Approach 

The  purpose  of  this  thesis  is  to  develop  a  set  of 
recon figurable  multivariable  digital  control  laws  for  the 
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A-7D  DIGITAC  II  aircraft.  This  is  accomplished  by  using  the 
design  techniques  of  Professor  Porter  and  the  interactive 
computer  program  MULTI. 

Order  of  Presentation 

This  thesis  is  comprised  of  seven  chapters.  Chapter 
II  presents  the  aircraft  model  which  is  based  on  the  equa¬ 
tions  of  motion  and  stability  derivatives  contained  in 
Appendix  A.  Chapter  III  provides  a  summary  of  the  multi- 
variable  control  law  theory  of  Professor  Porter.  Chapter  IV 
discusses  the  changes  made  to  the  computer-aided-design 
program  MULTI.  Chapter  V  presents  the  controller  designs 
for  six  different  flight  configurations  and  results  of  the 
control  law  simulations.  Chapter  VI  discusses  a  possible 
reconfiguration  strategy  necessary  to  transition  from  normal 
to  reconfigured  control  laws.  Chapter  VII  presents  the 
conclusions  which  are  drawn  from  the  thesis  effort  as  well 
as  recommendations  for  further  study. 


II  Aircraft  Models  for  the  A-7D 


Introduction 

The  models  used  for  the  A-7D  aircraft  used  in  this 
thesis  are  based  on  those  developed  by  Potts  (Ref  25)  and 
modified  by  Paschall  (Ref  18).  These  models  have  six  degrees- 
of-freedom  (D-O-F)  and  contain  split  control  surfaces:  left 
and  right  horizontal  tail,  left  and  right  ailerons,  left 
and  right  spoilers,  left  and  right  flaps.  The  linear 
perturbation  equations  used  for  this  study  were  obtained  by 
linearizing  the  nonlinear  equations  about  a  nominal  operating 
point.  Three  different  flight  conditions  are  studied,  thus 
providing  an  opportunity  to  test  the  robustness  of  the  con¬ 
trol  laws  developed  for  the  aircraft.  The  three  flight 
conditions  are: 


1. 

Cruise 

-  M  = 

0.30 

at 

sea  level. 

2. 

Cruise 

-  M  = 

0.60 

at 

15,000 

ft . 

3. 

Cruise 

-  M  = 

0.90 

at 

15,000 

ft . 

This  chapter  gives  a  brief  description  of  the  air¬ 
craft  and  a  development  of  the  system  models. 

A-7D  Aircraft  Description 

The  A-7D  is  a  single-seat,  light  attack,  fighter 
aircraft  with  moderately  swept  wing  and  tail  surfaces.  The 
aircraft  is  powered  by  a  single  TF41-A-1  engine  (Ref  25). 
Tables  2-1  and  2-2  provide  some  pertinent  data. 


A-7D  Aircraft  Data 


Fuselage  Length 
Wing  Area 
Wing  m.g.c.* 
Horizontal  Slab  Area 

Slab  m.g.c. 

Distance  from 

25%  wing  m.g.c.  to 
25%  slab  m.g.c. 


45.4  ft 
375  ft2 
10.8  ft 

56.2  ft 

6.1  ft 

16.2  ft 


Weight 


25,238  lbs 


Table  2-2 


A-7D  Aerodynamic  Data 


Altitude 

Sea  Level 

15,000 

15,000 

ft 

M 

0.30 

0.60 

0.90 

U1 

335.1 

634.4 

952.2 

ft/sec 

m 

786 . 89 

786 . 89 

786 . 89 

slugs 

T 

XX 

16 , 117 

15,365 

15,322 

slug-f t2 

by 

69,528 

69,528 

69,528 

slug-f t2 

!zz 

78,253 

79,005 

79,048 

slug-f t2 

rxz 

-7,076 

-1,664 

125 

slug-f t2 

b 

38.73 

38.73 

38.73 

ft 

c 

10.84 

10.84 

10.84 

ft 

q 

133.308 

300.88 

676.998 

lbs/ft2 

C.G.  (Tc 
m.  g.  c.  ) 

28.  71 

28.71 

28.71 

S 

375 

375 

3  75 

ft2 

System  Models 

The  system  models  used  to  describe  the  A-7D  are 
based  on  the  six  degree-of-f reedom  aircraft  equations  devel¬ 
oped  by  Potts.  The  techniques  used  by  Potts  provide  aircraft 
models  which  achieve  lateral-directional  control  using 
longitudinal  control  surfaces  and  longitudinal  control  using 
lateral-directional  control  surfaces.  For  example,  using  the 


horizontal  tail  differentially  can  produce  a  rolling  moment. 


Also,  aileron  deflections  in  the  same  direction  can  produce 
a  pitching  moment.  The  ability  to  control  the  aircraft  in 
this  way  is  essential  if  the  design  of  effective  reconfigured 
control  laws  is  to  be  achieved.  These  reconfigured  control 
laws  provide  the  ability  to  maintain  some  degree  of  control 
over  the  aircraft  in  the  event  that  a  primary  control  surface 
becomes  inoperative  due  to  actuator  failure  or  battle  damage. 
The  state  equations  and  the  state,  input,  and  output  matrices 
for  the  three  flight  conditions  are  given  in  Appendix  A. 

The  aircraft  is  modelled  using  six  inputs  and  six 

outputs : 


INPUTS 


Right  Horizontal  Tail  (5^  ) 


Left  Horizontal  Tail 

Rudder  (5  ) 
r 

Right  Aileron  (5  ) 

a 

r 

Left  Aileron  (5  ) 

al 

Spoiler-Flap 


) 


OUTPUTS 
Yaw  Angle  (^) 

Pitch  Angle  (9) 

Angle  of  Attack 
Forward  Velocity  (u) 
Sideslip  Angle  (B) 
Roll  Angle  (<*>) 


Summary 

This  chapter  gives  a  brief  description  of  the  A-7D 
DIGITAC  II  aircraft  and  gives  a  partial  list  of  important 
aircraft  data.  The  six  degree-of- freedom  aircraft  equations 
used  to  model  the  A-7D  are  discussed.  The  importance  of 


! 

1 


longitudinal  and  lateral  -direction;:  • 


'ontrol  surfaces  in  fh»- 


development  of  effective  reconf igurable  control  laws  is 
also  noted. 

The  theory  necessary  to  develop  the  control  laws 
for  these  models  is  presented  in  the  next  chapter. 


IV  Modifications  to  the  MULTI 


Computer  Program 


Introduction 

MULTI  is  an  interactive,  Computer-Aided-Design  (CAD) 
program  developed  by  Captain  Douglas  Porter,  Lieutenant 
Randall  Paschall,  and  Lieutenant  Joseph  Smyth  (Ref  19). 

This  program  allows  the  user  to  design  and  simulate  control 
laws  for  systems  which  are  characterized  by  regular,  irregu¬ 
lar,  and  unknown  plants. 

This  chapter  outlines  the  changes  to  MULTI  which 
have  been  implemented  through  the  joint  efforts  of 
Captain  Jon  Bauschlicher  (Ref  22),  Captain  Michael  Masi 
(Ref  23),  A.  Finley  Barfield  (Ref  24)  and  this  author.  In 
particular,  the  addition  of  an  option  to  compute  the  open- 
loop  transfer  function  matrix,  G(s),  and  modifications  to 
the  simulation  with  respect  to  the  inclusion  or  exclusion  of 
actuator  and/or  sensor  dynamics  is  addressed  in  this  thesis. 

Additions  to  MULTI 

There  are  six  changes  to  MULTI  which  expand  the 
program’s  capabilities  and  usefulness  to  the  user: 

1.  The  addition  of  provisions  for  a  "ramped-up" 
input  which  more  accurately  models  the  desired  dynamics  of 
an  input  to  the  system.  That  is,  the  ability  to  model  the 
finite  length  of  time  required  for  an  input  to  reach  its 
final  value  (Ref  22). 
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2.  The  addition  of  batch  capability  which  allows 
the  user  to  simulate  higher-order  systems  than  can  be  done 
interactively.  The  ability  to  run  MULTI  in  a  batch  mode  also 
removes  the  limitations  on  file  space  for  the  time  responses 
and  permits  the  plots  of  all  desired  quantities  to  be  run 
for  longer  periods  of  time  (Ref  23). 

3.  The  addition  of  an  option  which  computes  the 
transmission  zeros  and  all  decoupling  zeros  of  the  system. 

This  option  also  determines  whether  the  decoupling  zeros  are 
input,  output,  or  input-output  decoupling  zeros  (Ref  24). 

4.  The  addition  of  an  option  using  the  B*  design 
method  to  eliminate  undesirable  undershoots  in  system  respon¬ 
ses  (Ref  23). 

5.  The  addition  of  an  option  to  compute  the  transfer 
function  matrix,  G(s),  for  the  open-loop  plant. 

6.  Modification  to  the  simulation  permitting  the 
inclusion  or  exclusion  of  actuator  or  sensor  dynamic  models. 

The  last  two  of  the  six  changes  to  MULTI  are  described 
in  further  detail  in  this  chapter.  Details  on  the  develop¬ 
ment  and  implementation  of  the  other  modifications  to  MULTI 
are  given  in  the  ir  ted  references. 


Transfer  Function  't ion 

Option  P6  is  use.-,  to  compute  the  open-loop  transfer 
function  matrix,  G(s),  for  the  system  under  consideration. 
This  option  provides  to  the  user  the  ability  to  input  the 
plant,  input,  and  output  matrices  for  the  system  directly  or 


to  simply  calculate  G(s)  immediately  if  these  matrices  have 
already  been  entered  using  Option  "3.  In  either  case, 

Option  £6  informs  the  user  of  the  dimension  of  G(s)  and 
then  requests  the  user  to  indicate  which  inputs  and  which 
outputs  are  desired  in  order  to  provide  the  appropriate 
transfer  function. 

The  transfer  function  option  uses  two  subroutines, 
PHOFS  and  CADJB,  to  calculate  the  appropriate  numerator  and 
denominator  polynomials  respectively.  The  subroutine  POLYRT 
is  also  used  in  the  option  and  provides  a  factored  form  of 
the  polynomial ,  thus  yielding  the  poles  and  zeros  of  the 
system.  The  subroutines  PHOFS,  CADJB,  and  POLYRT  are  shown 
in  Appendix  C. 

Actuator/Sensor  Modifications  to  the 
Simulation  Option 

MULTI  offers  a  great  deal  of  flexibility  in  simulating 
system  responses  to  various  command  inputs.  One  possible  way 
is  to  simulate  the  system  without  actuator  and/or  sensor 
dynamics.  In  its  original  form,  MULTI  did  not  provide  this 
choice.  Instead,  if  a  simulation  without  actuators  and 
sensors  was  desired,  it  modelled  them  as  extremely  fast 
first-order  lags  (Ref  19).  This  resulted  in  the  poles  of  the 
actuators/sensors  being  located  far  to  the  left  in  the 
s-plane,  thus  having  little  effect  on  the  dominant  poles  of 
the  system.  In  order  to  be  totally  accurate,  and  to  reduce 


computer  operating  time,  the  actuator  and/or  sensor  blocks 
should  be  completely  removed  from  the  block  diagram  (Ref  19). 


The  simulation  performed  by  MULTI  is  based  on  the 
solution  of  the  plant,  actuator,  and  sensor  differential 
equations  with  the  IMSL  subroutine  ODE.  One  of  four 
externally  referenced  subroutines  (CLPASS,  CLPSS1,  CLPSS2 , 
CLPSS3)  is  used  to  form  the  differential  equation  array 
XDOT.  The  differential  equations  for  the  plant  occupy  the 
first  n  places  in  XDOT,  followed  by  the  differential  equa¬ 
tions  for  the  actuators  and  then  by  the  dif  ferential  equations 
for  the  sensors.  Based  on  the  values  of  the  character 
variables  ACT  and  SEN,  one  of  the  four  externally  referenced 
subroutines  is  used  to  form  XDOT  by  "loading"  the  appropriate 
differential  equations  into  the  array.  For  example,  a  simu¬ 
lation  that  includes  both  actuator  and  sensor  dynamics 
would  form  an  XDOT  array  with  the  plant,  actuator,  and  sensor 
differential  equations,  whereas  a  simulation  with  no  actuator 
and  sensor  dynamics  would  form  an  XDOT  array  with  only  the 
plant  differential  equations.  The  modifications  to  Option 
#26  is  shown  in  Appendix  C. 

Summary 

This  chapter  describes  briefly  each  of  the  changes 
made  to  MULTI  by  a  number  of  thesis  students.  In  particular, 
the  addition  of  an  option  to  compute  the  open-loop  transfer 
function  matrix  and  modifications  to  the  simulation  are 


explained  in  detail.  Source  listings  of  the  additional  code 
are  included  in  Appendix  C. 

The  next  chapter  outlines  the  procedures  used  in 
the  design  of  multivariable  digital  control  laws  as  well  as 
the  controllers  that  are  developed. 


V  Design  of  Multivariable  Control  Laws 

Introduction 

This  chapter  presents  the  procedures  used  to  develop 
the  multivariable  digital  control  laws  for  the  A-7D 
DIGITAC  II  aircraft.  Controllers  are  developed  for  three 
different  flight  conditions  with  all  control  surfaces 
operative  and  for  the  aircraft  with  inoperative  surfaces. 
This  chapter  contains  an  examination  of  the  problems 
encountered  with  the  aircraft  model,  how  these  problems  are 
overcome,  and  why  the  M=0.60  flight  condition  is  used  for 
the  bulk  of  the  design  work.  The  four  maneuvers  used  to 
illustrate  the  performance  of  the  controllers  are  described 
next,  as  well  as  the  reasons  for  their  selection.  This  is 
followed  by  the  control  law  design  procedure;  the  discussion 
addresses  the  relative  decoupling  of  the  longitudinal  and 
lateral-directional  modes  and  the  procedure  used  to  vary 
design  parameters  to  obtain  a  "good"  controller.  The  design 
of  a  controller  for  the  basic  aircraft  (M=0.60  flight  condi¬ 
tion  with  all  surfaces  operative)  is  then  presented.  Next, 
the  effect  of  surface  failures  on  controller  performance  is 
examined  and  the  design  of  new  controllers  for  the  aircraft 
with  failed  surfaces  is  outlined.  Finally,  the  chapter  con¬ 
cludes  with  the  design  of  basic  controllers  for  the  complete 
aircraft  (all  surfaces  operative)  at  the  other  two  flight 


conditions  and  a  simple  robustness  test  of  the  performance 
of  the  three  basic  controllers  at  the  other  flight  condi¬ 
tions  . 


A-7D  Aircraft  Model 

The  design  of  a  multivariable  digital  controller 
which  provides  the  desired  performance  characteristics  can 
only  be  achieved  if  the  system  model  is  an  accurate  repre¬ 
sentation  of  the  actual  physical  plant.  During  the  develop¬ 
ment  of  the  aircraft  models  used  in  this  thesis,  two  problems 
arose,  namely  (1)  how  many  states  are  necessary  to  accurately 
model  the  aircraft,  and  (2)  obtaining  accurate  aircraft  data 
for  a  realistic  system  model.  Each  of  these  problems  is 
addressed  separately. 

Preliminary  design  efforts  with  the  Paschall  and 
Potts  aircraft  models  (Ref  18;  25)  revealed  that  there  were 
difficulties  in  commanding  certain  outputs  to  desired  values 
for  a  given  maneuver.  In  particular,  when  performing  a 
coordinated  turn,  it  is  desired  to  command  a  given  roll 
angle,  <J> ,  the  appropriate  yaw  rate,  r,  and  the  side-slip 
angle,  8,  equal  to  zero;  that  is: 

4»  =  4>q 

r  =  r 

o 

=  o 

However,  attempts  at  designing  a  controller  which  adequately 
performed  a  coordinated  turn  with  this  aircraft  model  indi¬ 
cated  that  it  is  impossible  to  command  8=0  and  also  to 
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command  the  appropriate  yaw  rate  rQ  .  Examining  the 
relationship  between  r  and  0  (Ref  20),  based  on  the  modelling 
assumptions  outlined  in  Appendix  A,  shows  that: 

r  =  ^ 

ip  =  -8 

Further,  studying  the  output  vector  used  by  ^aschall  (Ref  18) 
reveals  that  although  8  and  <p  are  commanded,  p  and  q  are  not. 
Thus,  based  on  these  two  observations,  it  appears  that  in 
order  to  command  any  one  output  to  any  desired  value  requires 
that  only  the  output,  and  not  its  derivative  or  integral, 
appear  in  the  output  vector.  That  is,  if  0  is  the  desired 
output,  then  q  cannot  appear  in  the  output  vector,  v. 

A  number  of  possible  solutions  are  examined.  The 
solution  that  is  used  involves  expanding  the  model  from 
eight  states  to  nine  states.  This  is  accomplished  by  adding 
the  yaw  angle,  <p ,  as  a  state.  The  state-space  representa¬ 
tion  is  altered  by  adding  the  kinematic  relation: 

■i>  =  r  (5-1) 

The  resultant  nine  state  system  model  is  shown  in  Appendix  A. 
The  addition  of  i p  accomplishes  two  important  things,  First, 
it  permits  replacing  r  with  ip  in  the  output  vector,  so  that 
the  interaction  between  r  and  0  is  eliminated  and  fi  can  now 
be  commanded  to  any  desired  value.  Second,  a  coordinated 
turn  can  now  be  performed  by  commanding  8=0  ,  and  "ramping 
up"  ip ,  via  the  new  inout  option  available  on  the  computer 


program  MULTI  (Ref  22),  such  that  the  slope  of  is: 


if  =  tan  (5-2] 

'T 

This  produces  the  desired  yaw  rate,  r  ,  necessary  to  achieve 
coordination  (Ref  20). 

The  use  of  accurate  aircraft  data  to  model  the  plant 
is  critical  in  the  development  of  a  controller  which  yields 
accurate,  realistic  system  performance.  Paschall's  aircraft 
model  (Ref  IS: Appendix  A)  was  used  initially  however,  the 
accuracy  of  some  of  the  control  derivatives  in  the  input 
matrix,  B,  was  questionable.  As  a  result,  the  aircraft  model 
developed  by  Potts  (Rel  25 : Appendices  A,B)  for  the  M=0.60 
flight  condition  is  used  as  the  baseline  since  it  produced 
results  consistent  with  the  expected  performance  of  the  A-7D. 
The  aircraft  model  lor  the  other  two  flight  conditions, 

M=0 . 30  at  sea  level  and  M=0.90  at  15,000  ft,  is  based  on 
data  from  the  flight  test  evaluation  report  by  Bender  and 
Wolf  (Ref  26)  and  the  procedures  used  by  Daschall  and  Potts. 
The  state-space  representation  for  the  A-7D  at  all  three 
flight  conditions  is  presented  in  detail  in  Appendix  A. 

Maneuvers 

In  order  to  determine  the  capabilities  of  the  multi- 
variable  controller,  four  basic  maneuvers  are  used  to 
illustrate  the  performance  of  the  system.  The  four  maneuvers 


1.  5°  Yaw  Pointing  =  -8) 

2.  5°  Pitch  Pointing  (6  =  °) 


3.  30°  Pitch  Up  (6  =  eQ  ,  ■  =  «Q) 

4.  30°  Coordinated  Turn  (<p  =  i}>0  ,  ti»  =  rQ  »  6  =  0) 
The  maneuvers,  as  a  group,  demonstrate  the  ability  of  the 
controller  to  perform  both  conventional  (pitch- up,  coordi¬ 
nated  turn)  and  Control  Configured  Vehicle  or  CCV  (yaw 
pointing,  pitch  pointing)  maneuvers.  The  30°  coordinated 
turn  is  used  in  this  chapter  to  show  the  system  responses 
to  the  various  controller  designs  that  are  developed.  The 
aircraft  responses  for  the  other  three  maneuvers  can  be 
found  in  Appendix  B. 


I 


I 
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Design  Procedure 

The  synthesis  of  a  control  law  is  accomplished  using 
the  interactive  computer  program  MULTI.  The  following  steps, 
which  comprise  the  design  procedure,  proved  to  be  successful 
in  obtaining  a  control  law  which  exhibits  the  desired  per¬ 
formance  characteristics. 

Before  beginning  the  actual  design  process,  an 
examination  of  the  plant  matrix,  A,  provides  some  meaningful 
insights  on  how  to  proceed.  Note  that  the  partition  Ag2  in 
Eqs  (A- 12),  ( A-14 ) ,  and  (A-16)  is  block  diagonal  and  that 
each  "block”  of  elements  is  associated  either  with  the 
longitudinal  or  lateral-directional  mode.  This  suggests 
that  the  two  modes  are  essentially  uncoupled  and  that  in  the 


process  of  "tuning"  the  controller,  changes  made  to  param¬ 
eters  associated  with  either  mode  do  not  affect  the  controller 


performance  with  respect  to  the  other  mode.  Thus,  although 
the  design  is  performed  with  the  complete  aircraft  model, 
the  designer  can  concentrate  on  either  the  longitudinal  or 
lateral-directional  mode  separately. 

As  an  initial  trial,  all  design  parameters  are  set 
to  unity  values.  Each  variable  in  the  command  input  vector, 
v : 

=  v 

(5-3) 

is  commanded  to  a  positive  value,  and,  in  all  cases, 

resulted  in  an  unstable  response.  Examining  the  control 

matrices,  Kq  and  ,  reveals  matrix  elements  on  the  order  of 
3 

10  and  greater.  In  order  to  reduce  the  magnitude  of  the 

1  2 

majority  of  the  elements  to  10  or  10  ,  the  scalar  multiplier, 
e,  is  adjusted  accordingly.  A  value  of  e=0.01  is  selected 
in  this  case.  The  resulting  simulations  yielded  stable, 
highly  overdamped  responses. 

Once  a  stable  system  is  obtained,  the  individual 
values  of  the  output  weighting  matrix,  Z,  are  adjusted  to 
improve  the  system  response  so  that  the  desired  performance 
specifications  are  met.  Note  that  variations  in  the  o.'s 


associated  with  longitudinal  variables  have  little  effect  on 
the  responses  of  lateral -direct i ona  1  variables  and  vice-versa 


Variations  in  the  o^'s  associated  with  a  given  variable  may 
or  may  not  affect  the  responses  of  the  other  variables 
associated  with  the  same  mode. 

The  speed  of  the  response  to  the  command  inputs  is 
affected  by  the  selection  of  the  measurement  matrix  elements. 
Reducing  the  magnitude  of  the  elements  speeds  up  the  response 
of  those  variables  influenced  by  the  measurement  matrix. 
Increasing  the  magnitude  of  the  elements  slows  down  the 
response  of  those  same  variables.  After  the  selection  of 
the  measurement  matrix  elements  is  made,  further  "tuning" 
of  the  «,  e,  and  parameters  is  performed  until  the 
desired  response  is  achieved.  Thus,  the  entire  design 
process  is  an  iterative  one  in  which  the  variation  of 
parameters  not  only  dictate  the  results  that  are  obtained 
but  also  illustrate  what  trade-offs  are  made  in  obtaining 
the  desired  performance  levels. 

Controller  Design 

The  design  of  a  multivariable  digital  controller,  as 
noted  above,  is  a  straightforward  process  involving  the 
selection  of  values  for  a  number  of  different  parameters. 

It  is  desired  to  develop  a  set  of  control  laws  for  the  A-7D 
aircraft  for  a  given  flight  configuration.  Six  different 
flight  regimes  are  examined: 


Con  f igurat ion 

1  : 

M=0 . GO  at  15,000 
opera t i ve 

ft  , 

all  surfaces 

Conf igurat ion 

2  : 

M=0 . GO  at  15,000 
inoperative 

ft  , 

rudder 

Configuration 

3  . 

M-0 . 60  at  15,000 
i noperat i ve 

ft  , 

ai  1 erons 

Configuration 

4  : 

M=0 . GO  at  15,000 
inoperat i ve 

ft  , 

spoi 1 er- flap 

Conf iguration 

5  : 

M=0 . 30  at  sea  le 
operat i ve 

vel  , 

all  surfaces 

Configuration 

6  : 

M=0 . 90  at  15,000 
operat i ve 

ft. 

all  surfaces 

The  flight  condition  of  Configuration  1  is  used  as  the  base¬ 
line  of  performance  because  its  moderate  dynamic  pressure, 
q,  reflects  a  common  operating  point  in  the  flight  envelope. 
The  controller  designed  for  each  of  the  six  flight  regimes 
is  discussed  below. 

Configuration  1,  The  system  model  used  for  this 
regime  is  that  outlined  in  Eqs  (A- 14),  (A- 19),  and  (A-22). 

The  design  includes  the  actuator  and  sensor  dynamics 
described  in  Appendix  A,  but  does  not  include  control  surface 
limitations.  It  should  be  noted,  however,  that  "subjective” 
limits  are  placed  on  the  control  surfaces.  That  is,  it  is 
desired  that  the  control  surface  deflections  lie  within  the 
range : 


-30° 

-  6 II  £ 

30° 

-20° 

•'  .s  < 

r  ~ 

20° 

-  30  ° 

<  6  < 

a 

30° 

-30° 

-  6  ..  < 

s  1  ~ 

O 

O 

(5-1  ) 
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Using  the  design  procedure  outlined  above,  the 
following  controller  is  obtained.  This  controller  is 


characterized 

by  the 

parameter 

values : 

T  = 

0.02  sec  (f  =  50 

hz ) 

(5- 

-5) 

GC  = 

0.5 

(5- 

-6) 

e  = 

1.0 

(5- 

-7) 

z  = 

diag{l . 

.25,0.80,1. 

25,0.10,2.5,0.75} 

(5- 

-8) 

These  parameter  values  yield  the  irregular  plant  control 
matrices,  K  and  K.  ,  as: 
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The  measurement  matrix  developed  for  this  irregular  plant  is: 
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L  0  0  0.02J  (5-11) 

Figure  5-1  shows  the  system  response  for  a  commanded 
30°  coordinated  turn.  Figure  5-l(a)  is  the  command  vector, 
v,  for  a  coordinated  turn  where  <p  and  y  are  in  radians  and 
are  scaled  by  a  factor  of  : 


c 


o 


2 

57 . 3 


0.0349 


(5-12) 


to  account  for  the  difference  in  units  between  the  plant 
and  control  surface  derivatives.  Using  Eq  (5-2),  the  desired 
commands  are : 

4>  =  30°  =  0.524  rad 

=  yfZ  tan  $  =  0.0293  rad/sec 
T 

3=0  rad 

and  the  corrected  values  are: 

<>'  =  (?$  =  0.0183  rad 
o 

>■)'  CQb  =  0.001023  rad/sec 
3  ' 


C  0 


0  rad 


.ro 


The  command  input  vector  for  the  coordinated  turn  maneuver 
is  : 


10,0.01023 

0,0 

0,0 

1  “  0,0 

0,0 

1,0.0183 

Blakelock  (Ref  20)  states  that  to  achieve  coordination 
for  a  given  bank  angle,  there  is  one  constant  value  of -yaw 
rate,  r,  and  is  computed  as: 

r  *  sin  4)  =  0.0254  rad/sec  (5-13) 

Figure  5-l(c)  shows  the  response  of  the  state  r  for  the 

maneuver.  Note  that  the  final  value  of  r=0.0312  rad/sec  is 

approximately  239c,  greater  than  that  needed  in  Eq  (5-13). 

This  can  be  attributed  to  the  fact  that  the  aircraft  is  no 

longer  in  straight  and  level  flight. 

Figures  5-l(b) ,  (d),  and  (e)  illustrate  the  responses 

of  the  output  variables.  Figure  5-l(b)  shows  4  reaching  its 

final  value  of  p=0.524  rad=30&  in  approximately  2.5  sec  with 

no  overshoot,  \p  reaching  its  final  value  of  if>=0. 01023  rad 

with  a  slope  i|>=0 . 001023  rad/sec,  and  6  =  0.  Figure  5-l(d) 

shows  the  response  of  9  and  <*.  Note  that  the  magnitude  of 

-14 

these  responses  is  on  the  order  of  10  rad,  thus  9=«=0. 
Similarly,  Figure  5-l(e)  shows  the  response  u=0 . 
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Figures  5-1(1),  (g),  and  (h)  illustrate  the  control 

surface  deflections.  Figure  5-l(f)  shows  the  left  and  right 

horizontal  tail  moving  in  opposite  directions,  as  expected, 

with  a  peak  value  of  ±5°  and  a  final  value  of  ±1.6°. 

Figure  5-l(g)  shows  the  left  and  right  ailerons,  by  sign 

convention,  moving  in  opposite  directions  with  a  peak  value 

of  -2.4°  for  6  and  -2.3°  for  and  a  final  value  of 

ar  al 

-0.80°  for  5a  and  -0.75°  for  6„  .  Figure  5-l(h)  shows  the 
r  “*1 

responses  of  the  rudder  and  the  spuiler-f lap .  The  peak  value 
of  rudder  is  -0.15°  with  a  final  value  of  -0.05°.  The  peak 
value  of  the  spoiler-flap  is  0.30°  with  a  final  value  of 
0.10°  . 

The  results  of  the  30°  coordinated  turn  for  Config¬ 
uration  1  are  summarized  in  Table  5-1. 

Control  Surface  Failures.  The  controller  of  Con¬ 
figuration  1  is  used  to  examine  the  system  response  to  con¬ 
trol  surface  failures.  Figure  5-2  is  the  command  vector, 
v,  where  0  and  «  are  in  radians  and  the  scaling  factor  cq  is 
the  same  as  in  Eq  (5-12).  Using  Eq  (5-12),  the  scaled 
commands  for  the  10°  pitch-up  maneuver  are: 

d'  =  c  0  =  0.0061  rad 

o 

'  =  c  *  =  0.0003  rad 


Thus,  the  command  input  vector  is: 


0,0 

1,0.0061 
0. 1 ,0.0003 
0,0 
0,0 
0.0 


Figures  5-3,  5-4,  and  5-5  illustrate  the  system 
responses  with  failed  rudder,  ailerons,  and  spoiler-flap 
respectively.  Figures  B-7  through  B-10  illustrate  system 
response  for  system  without  failures.  In  each  case,  the 
controller  performance  is  unsatisfactory  in  commanding  0 
and  «  to  the  desired  steady-state  values.  Therefore,  a 
separate  controller  is  designed  for  the  system  with  a  failed 
control  surface. 

Configuration  2.  This  flight  regime  is  identical  to 
that  of  Configuration  1  with  the  exception  that  control 
limits  are  placed  on  the  rudder.  The  maximum  and  minimum 
allowable  deflections  for  the  rudder  are  set  at  0°.  This 
effectively  yields  an  inoperative  control  surface. 

The  design  procedure  yields  a  controller  characterized 
by  the  parameter  values: 


T  =  0.05  sec  (f  =  20  hz) 


=  0.5 


e  »  1.0 


Z  =  diagfO. 08, 0.8, 3. 75, 0.1, 0.1 ,0.75) 


(5-14) 


(5-15) 


( 5-16) 
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Figure  5-4.  Configuration  3,  10°  Pitch-Up  Commanded 
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These  parameter  values  yield  the  irregular  plant  control 


matrices.  K  and  K, ,  as: 

’  — o  1 
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The  measurement  matrix  for  the  irregular  plant  is: 


0.05 

0 

0 

0 

0 

0 


0 

0.02 

0 

0 

0 

0 


0 

0 

0 

0 

0 

0.02 


(5-20) 


Figures  5-6(a),  (b),  and  (c)  illustrate  the  responses 
of  the  output  variables.  Figure  5-6(a)  shows  that  the 
maneuver  can  still  be  performed  without  the  rudder;  however, 
some  oscillation  has  crept  into  the  response.  The  loss  of 
the  rudder  has  produced  a  more  lightly  damped  system  as 
evidenced  in  Figures  5-6(a)  through  (f).  The  oscillatory  and 
divergent  behavior  of  the  ailerons  and  horizontal  tail,  shown 
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in  Figures  5-6(d)  and  (e),  illustrate  how  the  differential 
surfaces  attempt  to  "fill  in"  for  the  absence  of  the  rudder. 
The  oscillatory  and  divergent  behavior  of  the  spoi lor- f 1 ap , 
Figure  5-6(f),  illustrates  the  controller's  attempt  to  main¬ 
tain  0  =  «  =  0  without  the  aid  of  the  ailerons  and  hori¬ 
zontal  tail. 

The  results  of  the  maneuver  for  Configuration  2  are 
summarized  in  Table  5-2. 

Configuration  3.  This  flight  regime  is  identical  to 
Configuration  1  with  the  exception  that  control  limits  are 
placed  on  the  ailerons.  Initially,  only  one  aileron  is 
failed;  however,  the  remaining  aileron  continues  to  operate 
as  if  both  ailerons  are  present.  This  produces  unsatisfac¬ 
tory  results  in  both  the  longitudinal  and  lateral-directional 
modes.  If  further  modelling  of  the  dynamics  of  the  aileron 
is  developed  to  account  for  this  phenomena,  the  problem  can 
be  avoided.  As  a  result,  it  is  assumed  that  an  aileron 
failure  implies  both  left  and  right  ailerons  become  inopera¬ 
tive.  The  control  limitations  placed  on  the  ailerons  are 
the  same  as  those  placed  on  the  rudder. 

The  design  procedure  yields  a  controller  characterized 
by  the  parameter  values: 


T  = 

0.05  sec  ( f  =  20  hz) 

(5-21) 

-x  = 

1.0 

( 5-22) 

E  = 

1 . 0 

(5-23) 
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Table  5-2 


E  =  diag{0. 05,1,0. 01,0. 1,0. 1,0.5} 


(5-2-1  ) 


These  parameter  values  yield  the  irregular  plant  control 

matrices,  K  and  K.  ,  as: 
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The  measurement  matrix  for  the  irregular  plant  is: 


(5-26) 

Figures  5-7(a),  (b),  and  (c)  illustrate  the  responses 
of  the  output  variables.  Figure  5-7(a)  shows  that  the 
coordinated  turn  maneuver  can  still  be  performed  without  the 
ailerons;  however,  the  performance  of  the  system  is  degraded 
somewhat.  The  final  value  of  <t>  =  34 . 4°  =0  .  GO  rad  indicates 
that  without  the  ailerons,  the  controller  is  unable  to  stop 
the  aircraft  from  rolling  as  quickly.  Figure?  5-7(b)  shows 
the  importance  of  the  ailerons  in  controlling  the  longitudi¬ 
nal  variables,  that  is,  without  the  ailerons  the  controller 


M  = 


0.02 

0 

0 

0 

0 
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0 

0.01 

0 

0 

0 
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0 

0 

0 

0 

0 

0.02 
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Copy  available  to  DTI C  does  not 
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is  unable  to  command  «=0  Figures  5-7(d)  and  (e)  illus¬ 
trate  the  control  surface  deflections. 


The  results  of  the  coordinated  turn  maneuver  for 
Configuration  3  are  summarized  in  Table  5-3. 

Configuration  4.  This  flight  regime  is  identical  to 
Configuration  1  with  the  exception  that  control  limits  are 
placed  on  the  spoiler-flap.  The  control  limitations  placed 
on  the  spoiler-flap  are  the  same  as  those  placed  on  the 
rudder. 

The  design  procedure  yields  a  controller  characterized 
by  the  parameter  values: 


T  =  0.02  sec  (f  =  50  hz)  (5-27) 
«  =  0.5  (5-28) 
e  =  1.0  (5-29) 
I  =  diag {1.25, 0.8, 4. 0,0. 1,2.5,0.75}  (5-30) 


These  parameter  values  yield  the  irregular  plant  control 

matrices,  K  and  K.,  ,  as: 
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Table  5-3 

Configuration  3  Results 


M 

P 

FINAL 

VALUE 

0.60 

0.60 

-0.00032 
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0.00128 

0.00084 

0.004 
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0 

0 
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-0.012 

-0.015 
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The  measurement  matrix  for  the  irregular  plant  is: 

0.02  0  0 

0  0.008  0 

0  0  0 

0  0  0 

0  0  0 

0  0  0.02  (5-33) 

Figures  5-8(a),  (b),  and  (c)  illustrate  the  responses 

of  the  output  variables.  The  responses  for  ip ,  <J> ,  8,  6^^ ,  6r> 

<5a  ,  and  6a  ,  (Figures  5-8(a),  (d),  and  (e)),  are  identical 
r  1 

to  those  of  Figure  5-1  for  Configuration  1.  The  importance 
of  the  spoiler-flap  is  seen  in  Figures  5-8(b)  and  (c)  where 
the  controller  is  unable  to  drive  0,  *  ,  and  u  to  zero. 
Although  these  variables  do  not  assume  their  commanded 
values,  they  do  exhibit  stable  responses  with  final  values 
of  0=0.00085  rad,  <*  =  -0.0019  rad,  and  u=0 . 30  ft/sec. 

The  results  of  the  coordinated  turn  maneuver  for 
Configuration  4  are  summarized  in  Table  5-4. 

Configuration  5.  The  system  model  used  lor  this 
regime  is  that  outlined  in  Eqs  (A-12),  (A-18),  and  (A-22). 


«•  / 


The  design  includes  the  same  actuator  and  sensor  dynamics 
used  in  Configuration  1  through  4. 

The  design  procedure  yields  a  controller  character¬ 
ized  by  the  parameter  values: 


0.02  sec  (f  = 

50  hz) 

(3-34) 

1.0 

( 5-35) 

1.0 

(5-36) 

diag{ 1.0,0.75, 

,  1.5,0. 1,1. 5, 0.5} 

(5-37) 

These  parameter  values  yield  the  irregular  plant  control 


matrices,  K  and  K,,  as: 
’  — o  —1 
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The  measurement  matrix  for  the 
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irregular  plant  is: 
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0 

0 

0 
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0.02 
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Figure  5-9  illustrates  the  system  response  for  a 


30°  coordinated  turn.  Figure  5-9(a)  is  the  command  vector, 
v,  where  <J>  and  ^  are  in  radians,  and  the  scaling  factor  cq 
is  the  same  as  in  Eq  (5-12).  Using  Eqs  (5-2)  and  (5-12), 
the  scaled  commands  are: 

<t>'  =  c  =  0.0183  rad 
1 1>'  =  c 0'1>  =  0.00194  rad/sec 
6'  =  cq8  =  0  rad 

Thus,  the  command  input  vector  for  the  coordinated  turn 
maneuver  is: 


10,0.0194 

0,0 

v  -  °.° 

-  0,0 

0,0 

1,0.0183 

From  Eq  (5-13),  the  desired  yaw  rate,  r,  is; 

r  =  0.048  rad/sec 

Figure  5-9(c)  shows  the  response  of  the  state  r  for  the 
maneuver . 

Figures  5-9(b),  (d),  and  (e)  illustrate  the  responses 
of  the  out  put  variables.  Figures  5-9(f)  and  (g)  illustrate 
the  control  surface  deflections  for  the  system.  The  results 
of  the  coordinated  turn  maneuver  for  Configuration  5  are 
summarized  in  Table  5-5. 

Conf igu rat  ion  6 .  The  system  model  used  for  this 
regime  is  that  outlined  in  Eqs  (A- 16),  (A-20),  and  (A-22). 
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Table  5-5 


Configuration  5  Results 


INPUT/ 
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(sec) 

Ts 
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The  design  includes  the  same  actuator  and  sensor  dynamics 
used  in  Configurations  1  through  4. 


The  design  procedure  yields  a  controller  characterized 
by  the  parameter  values: 


T  = 

0.02  sec  (f  =  50  hz) 

(5-40) 

a  = 

1.0 

(5-41) 

G  = 

1.0 
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=  diag{l. 
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These  parameter  values 

yield  the 

irregular 

plant  control 

matrices,  K 
— o 

and  K^,  as: 
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The  measurement  matrix  for  the  irregular  plant  is: 


Figure  5-10  illustrates  the  system  response  for  a 


30°  coordinated  turn.  Figure  5-10(a)  is  the  command  vector 

v,  where  <J>  and  ip  are  in  radians  and  the  scaling  factor  cq  i 

the  same  as  in  Eq  (5-12).  Using  Eqs  (5-2)  and  (5-12),  the 

scaled  commands  are: 

<t> '  =  cQ c$>  =  0.01S3  rad 

ip'  =  CQip  =  0.00068  rad/sec 

8'  =  c  8  =  0  rad 
o 

Thus,  the  command  input  vector  is: 

10,0.0068 

0,0 

v  =  0.0 
-  0,0 
0,0 

1,0.0183 

From  Eq  (5-13),  the  desired  vaw  rate,  r,  is: 

r  =  0.0169  rad/sec 

Figure  5-10(c)  shows  the  response  of  the  state  r  for  the 
maneuver . 

Figures  5-10(b),  (d),  and  (e)  illustrate  the 
responses  of  the  output  variables.  Figures  5-10(f)  and  (g) 
illustrate  the  control  surface  deflections  for  the  system. 
The  results  of  the  coordinated  turn  maneuver  for  Configura¬ 
tion  6  are  summarized  in  Table  5-6. 

Robustness 

The  bulk  of  the  design  effort  in  this  thesis  is  con¬ 


centrated  on  obtaining  controllers  for  the  A-7D  aircraft, 


1  =  YOW  ANGLE  (*J:  6  =  R0LL  ANGLE  f  J 
(a)  \i> ,  0  Command  Input 


Figure  5-10.  Con  i  igurat ion  6,  30°  Coordinated  Turn  Commanded 
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Table  5-G 

Configuration  6  Results 
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with  a  variety  of  failed  control  surfaces,  for  the  M=0.60 
at  15,000  ft  flight  condition.  The  robustness  of  the  design, 
that  is,  the  ability  of  the  controller  to  provide  adequate 
tracking  performance  at  flight  conditions  other  than  the  one 
at  which  it  is  designed,  is  examined  briefly. 

The  controllers  designed  at  each  flight  condition, 
witn  all  surfaces  operative,  are  tested  at  each  of  the  other 
two  llight  conditions.  Each  of  the  four  maneuvers  is  per¬ 
formed  using  each  controller.  In  all  cases,  the  responses  are 
unstable  and  highly  oscillatory  and  are  therefore  not 
included  in  this  thesis.  Thus,  none  of  the  controllers  are 
a  "robust  system." 

The  results  of  Bauschlicher  and  Masi  (Ref  22;  23), 
however,  show  controllers  which  are  robust  over  a  wide 
range  of  flight  conditions.  An  examination  of  their  con¬ 
troller  designs  provides  a  possible  clue  to  this  apparent 
contradiction. 

The  robust  designs  of  Bauschlicher  and  Masi  are 
characterized  by  measurement  matrix  elements  ranging  from 
0.25  to  1,  that  is,  by  transmission  zeros  located  over  the 
range  -1  to  -4  in  the  s-plane.  The  controllers  developed  in 
this  thesis  have  measurement  matrix  elements  ranging  from 
0.008  to  0.05,  or  transmission  zeros  located  over  the  range 
-20  to  -125  in  the  s-plane.  It  is  beyond  the  scope  of  this 
thesis  to  determine  whether  or  not  there  is  a  correlation 
between  controller  robustness  and  the  location  of  transmission 
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zeros  in  the  s-plane;  however,  this  appears  to  be  the  only 
major  difference  in  design  parameters  among  the  three  thesis, 
and  may  perhaps  have  some  significance. 


Summary 

This  chapter  presents  the  design  procedure  used  to 
develop  multivariable  digital  control  laws  for  the  A-7D 
DIGITAC  II  aircraft.  The  actual  procedure  is  outlined  and 
the  control  laws  for  six  different  configurations  are  pre¬ 
sented.  The  chapter  also  addresses  some  of  the  problems 
encountered  in  modelling  the  aircraft  as  well  as  the 
maneuvers  that  are  selected  to  develop  the  controllers.  The 
chapter  concludes  with  a  brief  discussion  of  the  tests  per¬ 
formed  for  controller  robustness  and  presents  a  possible 
reason  for  the  lack  of  robustness  exhibited  by  the  con¬ 
trol  lers . 

The  next  chapter  presents  a  suggested  transition 
strategy  from  normal  control  laws  to  reconfigured  control 
1  aws . 
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VI  Proposed  Reconfiguration  Strategy 

Introduction 

This  chapter  presents  one  possible  strategy  for 
transitioning  from  the  normal  control  laws  for  an  aircraft 
with  all  surfaces  operative,  to  a  set  of  reconfigured  con¬ 
trol  laws  for  an  aircraft  with  a  failed  surface.  The  dis¬ 
cussion  begins  with  a  definition  of  reconfiguration  and  why 
it  is  important.  A  transition  strategy  is  then  proposed, 
addressing  the  topics  of  failure  detection  and  isolation, 
and  implementation. 

Reconfiguration 

Reconfiguration  is  a  technique  which  shows  promise 
in  restoring  aircraft  stability  and  a  degraded  level  of  con¬ 
trollability  in  the  event  a  primary  control  surface  becomes 
inoperative.  This  technique  implies  that  the  control  laws 
governing  aircraft  motion  compensate  for  the  failed  surface 
by  using  the  remaining  surfaces  to  maintain  control.  In  the 
past,  pilots  were  sometimes  able  to  do  this  manually,  par¬ 
ticularly  if  the  aircraft  was  very  stable  aerodynamical ly . 

The  aircraft  of  today,  however,  are  not  necessarily 
stable  and  the  use  of  closed-loop  flight  control  systems 
leaves  the  pilot  without  direct  .  ntrol  of  the  primary 
surfaces.  The  control  laws  of  Chapter  V  provide  the 


independent  control  of  each  surface  necessary  to  implement 
reconfiguration  which  deals  with  the  new,  highly  coupled 
aerodynamics . 


Transition  Strategy 

The  development  of  reconf igurable  digital  control 
laws,  such  as  those  developed  in  this  thesis,  must  include 
a  method  of  failure  identification  and  implementation  of  the 
revised  control  law.  The  key  to  reconfiguration  is  being 
able  to  determine  when  these  laws  should  be  used  and  how  to 
switch  to  them  from  the  normal  control  laws.  Requiring  the 
pilot  to  determine  when  and  which  surface  has  failed  is  an 
additional  task  that  he  may  have  little  time  for  and  may 
not  be  able  to  perform.  Thus,  a  failure  detection  and  isola¬ 
tion  scheme  must  be  developed. 

The  proposed  failure  detection  and  isolation  system 
uses  a  set  of  redundant  sensors,  activated  by  stick  move¬ 
ments,  to  determine  if  the  hydraulic  actuators  are  still 
operative.  Should  an  actuator  fail  to  move  a  control  surface, 
the  sensors  notify  a  control  surface  monitor.  The  monitor 
validates  the  fail  signal  (voting  between  redundant  monitors) 
and  determines  which  control  surface  is  inoperative. 

The  control  surface  monitor  is  the  heart  of  the 
reconf igurable  flight  control  system.  When  notified  of  a 
failure,  the  monitor  informs  a  redundant  set  of  flight  con¬ 
trol  computers  of  the  problem  and  provides  the  necessary 


information  concerning  which  set  of  new  control  laws  should 
be  used  to  calculate  the  appropriate  surface  deflections. 

The  off-line  flight  control  computer  is  programmed  with  the 
new  control  laws  and  then  signals  the  on-line  system  that  it 
is  ready  to  assume  control  of  the  aircraft.  Thus,  the 
pilot  is  again  able  to  fly  a  stable  aircraft  with  some  degree 
of  control  capability.  The  reconf igurable  flight  control 
system  must  be  subject  to  some  redundancy  management  scheme 
in  order  to  prevent  spurious  data,  noise,  or  sensor  failure 
from  precipitating  an  unneeded  change  from  normal  to  recon¬ 
figured  control  laws. 

Summary 

This  chapter  presents  one  possible  method  for 
transitioning  from  normal  control  laws  to  a  set  of  recon¬ 
figured  control  laws  for  an  aircraft  with  a  failed  surface. 
The  strategy  requires  the  system  to  detect  and  isolate  a 
surface  failure  and  then  transfer  control  to  an  off-line 
flight  control  computer  which  has  been  programmed  with  the 
new  con t ro 1  1 aws . 

The  final  chapter  presents  the  conclusions  drawn  from 
this  thesis  effort  and  recommendations  for  further  study . 


VI I  Conclusions  and  Recommendations 

Concl usions 

The  efforts  of  this  thesis  demonstrate  that  a  multi- 
variable  digital  tracker  control  law  can  be  developed  for  the 
A-7D  DIGITAC  II  aircraft  for  a  number  of  different  flight 
conditions.  The  performance  of  each  controller  is  excellent 
for  the  flight  condition  at  which  it  is  designed.  However, 
when  a  controller  is  used  at  a  flight  condition  other  than 
that  at  which  it  is  designed,  the  system  responses  are 
unstable  and  highly  oscillatory.  Thus,  none  of  the  con¬ 
trollers  provide  a  "robust  system." 

This  thesis  also  demonstrates  that  reconfigured 
control  laws  can  be  developed  for  the  A-7D  DIGITAC  II  air¬ 
craft  with  a  failed  primary  control  surface.  These  recon¬ 
figured  control  laws  perform  conventional  maneuvers  satis¬ 
factorily.  Depending  on  which  control  surface  has  failed, 

CCV  maneuvers  are  also  performed  satisfactorily. 

One  of  the  most  important  things  to  come  out  of  this 
thesis  is  that  the  design  of  multivariable  control  laws  is 
a  straightforward  process.  Once  the  engineer  gains  an 
understanding  of  the  theory,  and  some  experience  applying 
the  design  procedure  outlined  in  Chapter  V,  the  development 
of  control  laws  for  a  linear  system  is  relatively  simple. 

The  additional  modifications  to  MULTI  expand  the 


usefulness  of  the  program  as  a  design  tool. 


The  transfer 


function  option  provides  the  designer  with  the  open-loop 
poles  and  zeros  of  the  system  and  information  about  the 
stability  of  the  basic  plant.  The  modifications  to  the 
simulation  program  provide  for  a  more  accurate  system 
representation  when  the  plant  contains  actuators  and/or 
sensors . 

Recommendat ions 

Based  on  the  conclusions  above,  the  following 
recommendations  for  further  study  are  proposed: 

1.  The  development  of  a  more  accurate  model  for  the 
A-7D  aircraft.  Controllers  developed  for  inaccurate  models 
are  of  little  use. 

2.  Expand  the  transfer  function  option  to  compute 
the  closed-loop  poles  and  zeros  of  the  system.  This  will 
permit  the  calculation  of  the  figures  of  merit  which  can 
also  be  added  to  MULTI. 

3.  An  investigation  of  the  relationship  between  the 
values  of  the  measurement  matrix  elements  (which  directly 
determines  the  location  of  the  transmission  zeros)  and  the 
robustness  of  controllers. 

4.  An  investigation  of  the  effects  of  integration 
time  delays  on  system  performance  and  stability  and  the  use 
of  compensators  to  improve  performance. 


5.  An  examination  of  the  use  of  compensation  of 
plants  with  explicit  actuator  dynamics  and  the  modif icat if  ns 
to  MULTI  to  account  for  such  compensation  (Ref  28). 
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